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CONTINUOUS  DETONATION  WAVE  ENGINE 
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Detonation  wave  engines,  thanks  to  their  more  efficient  thermodynamic  properties,  are 
expected  to  exhibit  a  higher  level  of  performance  than  more  conventional  propulsion  system 
that  rely  on  constant-pressure  combustion  processes.  Nevertheless,  it  still  has  to  be  proved  that 
this  advantage  is  not  superseded  by  the  difficulties  which  could  be  encountered  to  practically 
define  a  real  engine  and  to  implement  it  in  an  operational  flying  system.  In  that  respect, 
continuous  detonation  wave  principle  appears  less  challenging  than  the  pulsed  detonation 
process  and  should  lead  to  the  development  of  more  efficient  propulsion  systems,  even  if  such 
radical  adaptation  of  the  overall  engine  concept  and  of  the  vehicle  architecture  would  be 
necessary.  During  past  years,  MBDA  performed  some  theoretical  and  experimental  works, 
mainly  in  cooperation  with  the  Lavrentyev  Institute  of  Hydrodynamics  in  Novosibirsk.  These 
studies  aimed  at  obtaining  a  preliminary  demonstration  of  the  feasibility  of  a  Continuous 
Detonation  Wave  Engine  for  air-breathing  and  rocket  application.  Compared  to  a  Pulsed 
Detonation  Engine,  this  design  allows  an  easier  operation  in  reduced-pressure  environment  and 
an  increase  in  engine  mass  flow  rate  and  thrust-to-weight  ratio.  Those  studies  were  focused  on 
global  performance  and  understanding  of  the  unsteady,  three  dimensional  flow  behind  the 
detonation  wave.  On  the  basis  of  these  results,  a  preliminary  design  of  an  operational 
Continuous  Detonation  Wave  Rocket  Engine  usable  for  the  upper  stage  of  a  space  launcher  has 
been  performed  taking  into  account  all  engine/airframe  integration  issues  in  order  to  optimize 
the  benefit  of  detonation  wave  engine.  Then,  specific  experimental  works  have  been 
undertaken  to  address  some  key  issues  like  noise  generated  bv  a  Continuous  Detonation  Wave 
Engine  operating  at  several  kHz,  heat  fluxes  (intensity,  areas)  and  cooling  strategies,  composite 
materials  (Carbon  /  Silicon  Carbide)  compatibility,  engine  thrust  vectoring  capability.  Those 
results  were  used  to  validate  1-D  and  2-D  unsteady  computations.  Beyond  these  first  steps,  a 
full  scale  demonstrator  has  been  designed  and  should  be  tested  within  the  next  years. 


Copyright  ©  2007  by  MBDA  France.  Published  by  the  Von  Karman  Institute  and  RTO.  with  permission. 
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Nomenclature 


CC 

CDWE 

CD 

PDE 

TDW 

h 

h* 

L 

l 

e 

d, 

di 

S 


Combustion  Chamber 

Continuous  Detonation  Wave  Engine 

Continuous  Detonation 

Pulse  Detonation  Engine 

Transverse  Detonation  Wave 

height  of  the  fresh  mixture  layer  before  detonation 

minimum  height  of  the  fresh  mixture  to  support  a  detonation 

combustion  chamber  length 

distance  between  two  consecutive  detonation  waves 

exit  angle  of  the  flow 

combustion  chamber  inside  diameter 

center-body  diameter 

combustion  chamber  width 

injection  area 


Introduction 

Due  to  its  thermodynamic  cycle,  a  detonation  wave  engine  has  theoretically  a  higher 
performance  than  a  classical  propulsion  concept  using  the  combustion  process.  Nevertheless,  it 
still  has  to  be  proven  that  this  advantage  is  not  compensated  by  the  difficulties  which  could  be 
encountered  to  practically  define  a  real  engine  and  to  implement  it  in  an  operational  Hying 
system. 

Ya.  Zel'dovich1  was  the  first  investigator  who  considered  the  theoretical  problem  of  a  detonation 
mode  for  the  combustion  of  fuel.  He  showed  that  detonation  regime  of  combustion  at  the  same 
initial  state  is  more  useful  than  the  deflagration  because  of  the  lower  entropy  of  reaction  products 
in  the  case  of  detonation.  He  also  stated  that  a  practical  attempt  to  use  detonation  processes  was 
very  difficult  and  that  decisive  factors  like  simplicity  of  implementation  and  reduction  of  losses 
in  a  continuously  operating  machine  were  in  favor  of  constant-pressure  combustion  devices. 

This  comment  was  very  sensible  in  1940,  but  now.  after  more  than  65  years  of  research  and 
improvements,  constant -pressure  combustion  devices  have  reached  a  point  were  any 
performance  increase  will  be  limited  and  costly,  so  some  efforts  should  be  devoted  to  the  study 
of  other  devices  that  could  deliver  increased  performances  or  reduce  the  complexity,  weight  or 
cost. 

J.A.  Nieholls.  E.K.  Dabora  and  R.A.  Gealler  realized  the  combustion  of  fuel  in  stationary 
compression  shock  waves  originating  near  the  exit  of  supersonic  jet  to  the  atmosphere2. 

During  the  last  ten  decade,  the  renewal  of  the  interest  for  Pulsed  Detonation  Engine  (PDE)  led  to 
the  performance  of  a  lot  of  dedicated  R&T  programs  and  a  first  flight  test  program  performed  by 

afrl\ 

In  that  context,  MBDA  France  performed  some  theoretical  and  experimental  works  on  Pulsed 
Detonation  Engine  (PDE),  mainly  in  cooperation  with  LCD  laboratory  at  ENSMA  Poitiers. 
These  studies  aimed  at  obtaining  a  preliminary  demonstration  of  the  feasibility  of  the  PDE  in 
both  rocket  and  air  breathing  modes  and  at  verifying  the  interest  of  such  a  PDE  for  operational 
application.  Further  studies  are  still  in  progress  with  Cl  AM  and  Semenov  Institute  in  Moscow. 

On  this  basis,  several  engine  concepts  have  been  studied  and  evaluated  at  preliminary  design 
level,  for  both  space  launcher  and  missile  application.  Today,  the  effort  is  focused  on  the 


development  of  a  small  caliber  air  breathing  engine  able  to  power  a  UAV  with  very  demanding 
requirements  in  terms  of  thrust  range. 

B.V.  Voitsekhovskii  proposed  an  alternative  method  of  realization  of  continuous  detonation.  He 
used  the  analogy  with  the  process  of  running  wave  occurring  in  the  case  of  spin-detonation 
propagation  in  a  round  tube4  5.  In  both  cases  the  burning  of  the  mixture  is  achieved  in  a 
transversal  detonation  wave  (TDW)  moving  normally  from  the  main  direction  of  the  combustion 
products.  During  ordinary  spin  detonation,  transversal  detonation  wave  propagates  along  the 
forward  shock  front  in  a  spiraling  trajectory  relatively  to  the  tube  and  burns  a  shock-compressed 
mixture.  The  concept  of  the  Continuous  Detonation  Wave  Engine  (CDWE)  has  been  extensively 
studied  during  the  last  decades  at  the  Lavrentyev  Institute  of  Hydrodynamics  (LIH). 

The  use  of  such  a  CDWE  can  be  considered  to  reduce  the  environmental  conditions  generated  by 
PDE  while  reducing  the  importance  of  initiation  issue  and  simplifying  some  integration  aspects. 
As  it  was  done  for  PDE,  MB  DA  France  is  leading  a  specific  R&T  program,  including  basic 
studies  led  with  the  Lavrentiev  Institute  of  Novosibirsk,  to  assess  some  key  points  for  the 
feasibility  of  an  operational  Continuous  Detonation  Wave  Rocket  Engine  (CDWRE)  for  space 
launcher. 

But,  continuous  detonation  wave  can  have  also  other  application  for  turbojets  and  for  ramjets.  In 
order  to  address  all  these  possible  applications,  a  ground  demonstrator  has  been  designed  and 
should  be  developed  and  tested  within  the  next  years  within  the  framework  of  the  National 
Research  &  Technology  Center  (CNRT)  “Propulsion  for  Future”  located  in  Orleans/Bourges 
region. 

CDWE  overview  and  generalities 

The  main  difference  between  a  deflagration  and  a  detonation  is  linked  to  the  mechanism  of  the 
flame  propagation.  In  a  deflagration,  the  flame  propagation  if  a  function  of  the  heat  transfer  from 
the  reactive  zone  to  the  fresh  mixture  (generally  conduction).  The  detonation  is  a  shock  induced 
flame,  resulting  in  the  coupling  of  a  reaction  zone  and  a  shock  wave.  The  shock  wave  compress 
and  heat  the  fresh  mixture,  bringing  it  above  its  self-ignition  point.  On  the  other  side,  the  energy 
released  by  the  flame  contributes  to  the  propagation  of  the  shock  wave. 

The  main  feature  of  a  CDWE  is  an  annular  combustion  chamber  closed  on  one  side  (and  where 
the  fuel  injection  takes  place)  and  opened  at  the  other  end.  Inside  this  chamber,  one  or  more 
detonation  waves  propagate  normally  to  the  direction  of  injection  (Figure  1 ). 

In  fact  a  CDWE  is  very  close  to  a  CDWE  is  very  close  to  an  infinite  number  of  small  PDE 
globally  running  at  very  high  frequency  (typically  several  kHz)  and  dephased  and  so  the  mean 
pressure  inside  the  chamber  is  higher  than  for  a  typical  PDE.  If  for  a  PDE  the  injection  pressure 
could  be  as  low  as  the  ambient  pressure,  in  the  case  of  a  CDWE  the  injection  pressure  should 
be  higher  and  this  kind  of  engine  is  better  suited  for  rocket  operation  than  for  air-breathing 
operation  if  no  air  pre-compression  is  provided. 

The  flow  inside  this  chamber  is  very  heterogeneous,  with  a  2D  expansion  fan  behind  the  leading 
shock  (Figure  2).  The  transverse  detonation  wave  (BC  and  B'C’)  propagates  in  a  small  layer  of 
fresh  mixture  (AB’)  near  the  injection  wall.  The  necessary  condition  for  the  propagation  of  a 
detonation  wave  is  the  continuous  renewal  of  the  layer  of  combustible  mixture  ahead  the  TDW. 
The  height  of  this  layer  h  must  be  not  less  than  the  critical  value  h*  for  detonation.  In  the  case  of 
a  LH2/LO2  engine,  the  dispersion  of  liquid  oxygen  droplets  and  the  quick  mixing  of  the 
components  should  be  fast  enough  to  decrease  the  value  of  h*  and  to  enable  the  realisation  of  CD 
in  small  chambers. 
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Detonation 

wave 


Figure  /.-  Simplified  diagram  of  a  CDWE  combustion  chamber. 


Figure  2.  Structure  of  the  flow  inside  the  combustion  chamber. 

The  detonation  velocity  observed  in  the  reference  laboratory  is  generally  less  than  the 
Chapman  -  Jouguet  detonation  velocity.  Several  explanations  could  be  given  to  this 
phenomenon: 

•  due  to  the  very  small  time  hetween  two  detonation  waves,  the  mixing  is  less  than  ideal 
and  the  detonation  characteristics  could  be  changed. 

•  the  fresh  gases  could  partially  mix  with  the  detonation  products  and  do  not  react. 

•  due  to  the  expansion  fan  behind  a  detonation  wave  and  the  speed  of  the  flow,  the  fresh 
mixture  gain  some  speed  in  the  X  direction,  so  the  detonation  propagates  in  counter- 
flowing  fresh  mixture. 

With  this  singular  flow  structure,  this  kind  of  engine  possesses  some  unique  characteristics: 

•  during  the  expansion,  the  flow  velocity  on  the  X  axis  changes  direction  from  -X  (just  after 
the  detonation  wave)  to  +X  (Figure  2), 

•  the  Ifow  velocity  on  the  Z  axis  exhibits  a  transition  from  subsonic  to  supersonic  inside  the 
constant  section  duct,  through  a  neutral  line  of  Mach  (NLM), 

•  there  is  no  need  for  a  geometric  throat  at  the  end  of  the  combustion  chamber, 

•  the  flow  exit  the  combustion  chamber  at  the  velocity  v  with  an  angle  0 . 

The  pressure  ratio  across  the  detonation  front  is  typically  10,  a  value  lower  than  the  Chapman  - 
louguet  detonation  wave  pressure  ratio  characteristic  (18  for  hydrogen  -  oxygen  mixture,  and 
higher  than  30  for  a  hydrocarbon  -oxygen  mixture). 
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The  first  application  for  CDWE  is  the  rocket  mode  (CDWRE)  for  which  continuous  detonation 
process  can  lead  to  a  compact  and  very  efficient  system  enabling  lower  feeding  pressure  and 
thrust  vectoring  with  very  attracting  integration  capability  for  axi-symmetrical  vehicles.  But.  the 
CDWE  could  also  be  applied  to  simplified  Ramjet  Engine  with  short  ram-combustor  and 
possible  operating  from  Mach  0+  without  integral  booster  or  to  Turbojet  with  improved 
performances  or  simplified  compression  system  (lower  compression  ratio  required). 

Basic  experiments 

Using  the  mock-up  design  principle  described  by  Figure  3,  some  basic  experiments  have  been 
first  performed  with  the  Lavrentiev  Institute: 

•  experiments  performed  in  CC  with  inner  diameter  of  50  mm,  100  mm  and  280  mm, 

•  homogeneous  (gas  /  gas)  and  heterogeneous  (liquid  /  gas)  mixture  studied, 

•  detonation  regime  obtained  in  100  mm  diameter  CC  with  GH2/LOx, 

•  detonation  regime  obtained  in  330  mm  diameter  CC  with  kerosene/air, 

•  high  thrust  density  achieved  in  small  CC  (275  daN  for  a  50  mm  inner  diameter 
kerosene/G02  engine). 

Fuel 


I 


From  these  experiments,  some  key  points  can  be  derived  for  the  general  sizing  of  a  CDWE 
combustion  chamber: 

•  The  height  of  the  fresh  mixture  layer  h  is  a  function  of  the  detonation  cell  size. 

•  The  frequency  of  the  engine  is  given  by  the  ratio  D/1,  where  D  is  the  detonation 
velocity  and  1  the  distance  between  two  consecutives  detonation  waves,  typically 
several  kHz. 

•  The  length  of  the  combustion  chamber  L  should  be  longer  than  8(K£  of  I  (to 
ensure  transition  from  subsonic  to  supersonic  inside  the  CC).  If  not  the 
detonation  could  be  unstable. 
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Performance  model 


Based  on  its  extensive  knowledge,  the  Lavrentyev  Institute  of  Hydrodynamics  developed  an 
analytical  model  of  such  engine  performance. 


The  main  hypotheses  are: 

•  the  wall  heat  losses  are  negligible. 

•  the  detonation  is  a  self-sustaining  CJ  wave, 

•  the  region  in  front  of  the  wave  is  called  "  1 ".  and  the  region  behind  the  wave  is  called  "2". 

•  the  pressure  P2  is  the  maximum  pressure  inside  the  CC. 

•  the  flow  outside  region  2  is  supersonic  everywhere  relative  to  the  TDW.  except  in  the  front 
wave  (not  analyzed)  and  maybe  in  the  small  domain  5  behind  the  oblique  shock  wave  CN 
near  the  point  C. 

This  model  will  not  be  detailed  here  and  only  the  main  parameters  needed  for  the  sizing  of  the 
engine  are  reported.  They  are: 

•  h .  the  height  of  the  TDW. 

•  k  ,  the  flow  mass  fraction  going  thru  MC' 

•  A,  =  (l  -  k)h .  the  "effective"  height  of  the  TDW. 


a  -  — .  the  ratio  of  the  mean  pressure  acting  along  MC, 
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P - 

— .  the  aspect  ratio  of  the  TDW. 


•  0, .  the  inclination  of  the  streamlines. 

Calculations  have  been  done  for  H2-O2  stoichiometric  mixture  (Table  1 )  for  tj  and  6X  values 
directly  found  from  experiments. 

Table  /.  specific  impulse  of  stoichiometric  H2-O2  mixture  in  a  CDWE  ( without  nozzle). 


a 

p 

P 

D 

0,  deg. 

M, 

i,( km/s) 

I, (sec) 

P; 

P: 

V21, 

1 

0.0834 

0.0520 

0.530 

44.43 

1.974 

3.108 

316.8 

% 

0.0875 

0.0551 

0.552 

42.15 

1.872 

3.048 

310.7 

V2 

0.0923 

0.0587 

0.573 

39.82 

1.765 

2.985 

304.3 

On  the  basis  of  experimental  results,  a  is  considered  equal  to  0.75. 


System  Study  and  engine  sizing 

The  comparison  between  an  advanced  LRE  and  a  CDWRE  has  been  done"  7.  taking  the  same 
maximum  pressure  inside  the  combustion  chamber  of  both  engine  (and  not  the  same  injection 
pressure). 

It  was  found  that  the  needed  combustion  chamber  length  for  stabilizing  the  detonation  process 
could  be  very  short,  shorter  than  200  mm  and  even  close  to  100  mm  with  H2-O2  mixture.  Such  a 
short  combustion  chamber  length  will  be  helpful  to  reduce  the  wetted  area  of  the  engine  because 
an  annular  chamber  exhibits  an  inherently  greater  wetted  area  than  a  classical  combustion 
chamber  of  the  same  length. 
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With  the  capability  to  use  a  reduced  length  combustion  chamber  (and  a  smaller  wetted  area),  the 
CDWRE  will  have  a  slightly  better  design  flexibility  than  a  conventional  LRE,  with  the 
possibility  to  minimize  the  engine  heat  losses. 

From  a  performance  point  of  view,  for  a  given  maximum  pressure  inside  the  combustion 
chamber,  the  detonation  cycle  gives  15%-20%  higher  temperature  and  a  lower  burned  gas 
molecular  mass  so  the  exhaust  velocity  is  higher  than  with  a  LRE. 

This  difference  between  the  CDWRE  and  the  LRE  decreases  as  the  operating  pressure  inside  the 
engine  and  the  nozzle  expansion  ratio  increases,  but  the  CDWRE  system  presents  the  advantage 
that  the  considered  performances  are  obtained  with  largely  lower  feeding  pressure  (here  2.2  MPa 
instead  7.0  MPa)  (Table  2). 

Moreover,  the  integration  of  a  CDWRE  can  be  very  attractive  when  considering  an  aerospike 
configuration  as  it  is  shown  by  Figure  4. 

Table  2.  Specific  impulse  and  thrust  ofaCDWE  and  a  LRE  (*)  operating  at  the  same  maximum  pressure, 

with  different  nozzle  expansion  ratio. 


dn,  (m) 

S„/S, 

pn/p 

vn/v. 

I,  sec 

—Pt - 

I  ,  sec 

J,(kN) 

.r.(kN) 

A J/J* 

0.4 

1.333 

0.6337 

1.10 

326 

296 

107.97 

98.01 

0.101 

1.1 

10.08 

0.0399 

1.486 

396 

383 

131.10 

126.73 

0.034 

2.15 

38.5 

0.0073 

1.623 

424 

415 

140.06 

137.05 

0.022 

Figure  4  .  Comparison  between  equivalent  classical  LRE  and  CDWRE 
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Experimental  evaluation  of  key  technology  points 

In  order  to  better  assess  the  feasibility  of  such  a  system,  specific  experiments  have  been 
performed  to  address  some  key  points  like  thrust  vectoring,  heat  fluxes  and  material 
compatibility,  operation  in  low  pressure  environment. 

Thrust  vectoring  investigations 

One  of  the  peculiarities  of  a  CDWE  is  that  the  number  of  detonation  waves  inside  the  chamber  is 
not  constant  and  is  a  function  of  the  combustible  mixture,  the  combustion  chamber  geometry  and 
also  the  mass  flow  rate.  For  a  given  mixture  in  a  given  chamber,  changing  the  mass  flow  rate 
(and  the  injection  pressure)  will  change  the  number  of  detonation  waves  inside  the  chamber. 

This  effect  could  be  explained  with  the  assumption  that  behind  a  TDW  (and  between  two 
consecutive  TWD),  there  is  a  complex  series  of  shock  waves.  If  we  increase  the  mass  flow  rate, 
the  height  of  the  fresh  mixture  behind  two  consecutive  detonations  is  sufficient  to  support  a  new 
detonation  wave  ( h  >  h*)  and  a  shock  induced  combustion  (a  detonation)  could  occurs  and  a  new 
TDW  appears.  If  we  decrease  the  mass  flow  rate  inside  the  combustion  chamber,  the  height  of 
the  fresh  mixture  between  two  consecutive  TDW  decreases  and  could  be  not  sufficient  to  support 
a  shock-induced  combustion  and  the  TWD  degenerates  into  a  simpler  shock  wave. 

This  self-adaptation  of  the  detonation  to  the  fresh  mixture  local  mass  flow  made  it  possible  to 
gain  thrust  vectoring  with  the  local  increase  of  the  mass  flow. 

Some  experiments  were  done  in  a  100  mm  internal  diameter  combustion  chamber.  The  injection 
wall  consists  of  190  holes  for  the  injection  of  fuel  and  oxidizer.  In  one  series  of  experiments  the 
equivalence  ratio  was  changed  in  one  half  of  the  engine  compared  to  the  other  half.  In  another 
series,  injectors7  diameter  was  increased  in  order  to  double  the  local  mass  flow  rate  in  one  half  of 
the  engine.  Eight  pressure  probes  (  PI  to  P8)  were  located  along  the  circumference  of  the  outer 
wall  of  the  annular  chamber. 

In  all  experiments  it  was  possible  to  obtain  an  increase  of  the  thrust  on  one  side  of  the  engine. 
The  most  promising  experiments  show  that  a  30  %  increase  of  the  thrust- wall  overpressure  was 
possible  if  we  double  the  mass  flow  rate.  This  increase  is  lower  than  expected  but  the  small 
diameter  of  the  test  engine  limited  the  heterogeneity  of  the  flow  inside  the  combustion  chamber. 
With  a  larger  engine,  a  100^  increase  of  the  thrust  on  one  side  (compared  to  the  other  side) 
should  be  possible  (Figure  5). 

We  found  also  that  there  was  a  small  shift  of  the  maximum  and  minimum  pressure  values.  Those 
extreme  value  seems  to  be  located  between  P7  and  P8  (for  the  maximum)  and  between  P3  and 
P4  (for  the  minimum)  instead  of  directly  near  PI  and  P5. 

Compared  to  a  LRE  (with  a  gimbaled  nozzle),  this  thrust  vectoring  capability  is  interesting 
because  there  is  no  change  in  the  thrust  direction  and  the  response  time  is  limited  only  by  the 
response  time  of  the  injectors,  which  could  be  very  fast,  enabling  the  positive  control  of  the 
vehicle  attitude  at  high  frequency  without  using  much  power.  The  complete  pressure  field  and 
flow  velocity  should  still  be  investigated  to  check  the  effect  of  the  flow  deflection  and  flow 
expansion  in  the  nozzle. 
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Figure  5.  Example  of  thrust  wall  relative  pressure  from  probes  PI  to  P7  (  PI  is  the  reference  value) 

Heat  fluxes  and  cooling  system 

Due  to  the  transverse  velocity  of  the  flow  behind  the  detonation  wave  (several  hundreds  of  meter 
per  second),  the  highest  heat  load  inside  the  CC  occurs  near  the  thrust  wall  and  decreases  along 
the  axial  axis. 

Wall  temperatures  in  heat-sink  combustion  chambers  were  recorded  with  hydrogen-oxygen  and 
kerosene-oxygen  mixtures  (Figure  6). 

The  cooling  system  design  could  be  critical  because  for  metallic  structures  the  mean  heat  fluxes 
near  the  thrust  wall  were  measured  between  12  MW.m  2  and  15  MW.m  2  with  local  values  even 
higher. 

This  heat  flux  repartition  is  also  very  different  from  the  one  obtained  in  a  LRE  where  the 
maximum  heat  fluxes  occurs  near  the  combustion  chamber  geometric  throat*.  This  point  could 
be  beneficial  for  the  engine  design  because  the  vaporization  of  the  injected  oxygen  will  be  faster 
and  the  mixing  between  hydrogen  and  oxygen  will  be  better. 
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Figure  6.  Typical  wall  temperature  along  the  combustion  chamber  with  H:+02  mixture 
( F8  mm  from  thrust  wall ;  2-20  mm  :  3-50  mm  ;  4-90  mm). 

The  high  heat  fluxes  anticipated  in  a  CDWRE  lead  to  the  issue  of  active  cooling,  a  very  difficult 
task  with  metallic  structures  with  a  wall  temperature  limited  to  the  vicinity  of  1000  K. 

Composite  materials  could  achieve  higher  wall  temperature  (up  to  1800  K>  even  in  oxidative 
conditions. 
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After  a  careful  review  of  existing  products,  some  C/SiC  composite  materials  were  selected. 

Then,  two  composite  parts,  constituting  the  inner  wall  of  the  annular  detonation  chamber,  have 
been  designed  and  manufactured  to  be  tested  in  the  LIH  100  mm  CDWE  combustion  chamber. 
Recently,  these  two  parts  successfully  sustained  a  series  of  short  duration  (0.5  s)  tests  without 
apparent  damage  to  the  material  surface  (Figure  7).  Detailed  analysis  of  these  parts  is  still  in 
progress  and  new  test  series  with  harder  conditions  could  be  performed  in  near  term. 


Figure  7.  Composite  parts  before  ( left )  and  after  the  first  rest  ( right). 

Operation  in  space  environment 


Ignition  of  an  engine  in  very  low  pressure  environment  could  be  a  real  problem,  even  for  a 
conventional  rocket  engine. 


For  CDWRE  operation,  the  lack  of  geometric  throat  adds  to  the  potential  difficulty  of  a  sufficient 
filling  of  the  chamber  with  no  counter  pressure. 

This  issue  was  investigated  using  LIH  100  mm  ID  detonation  chamber  connected  to  a  0.5  nr 
vacuum  tank  with  an  initial  pressure  of  0.06  10>  Pa. 

The  first  step  was  to  investigate  the  effect  of  the  injection  conditions  (specific  mass  flow  and 
equivalence  ratio),  and  after  that  to  decrease  the  ignition  energy  until  it  was  impossible  to 
achieve  an  initiation  of  the  detonation. 

Blasting  copper  wires  were  used  for  initiating  the  detonation  inside  the  combustion  chamber  and 
ignition  energy  could  be  changed  with  the  change  of  the  applied  voltage  and  the  wire  diameter. 

Gaseous  hydrogen  and  oxygen  at  ambient  pressure  were  selected  for  those  experiments  and 
injection  pressure  between  1.6  10'  and  25  l(r  Pa  (for  hydrogen),  and  5  10s  Pa  and  1 1  10s  Pa  (for 
oxygen)  allowed  the  investigation  of  ignition  within  a  wide  range  of  low  specific  mass  How 
(between  21  kg.s  '.m'2  and  57  kg.s  '.m'2). 


This  mass  flow  rate  is  ten  times  lower  than  mass  flow  used  in  previous  experiments  but  was 
mandatory  given  the  relatively  small  volume  of  the  vacuum  tank. 


From  the  pressure  signal  and  the  direct  visualization  of  the  flow  with  high-speed  camera  (Figure 
8).  it  was  possible  to  determine  the  minimum  injection  conditions  for  the  positive  ignition  of  the 
TDW  system  inside  the  combustion  chamber  as  a  function  of  the  mixture  equivalence  ratio. 
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Figure  8  -  Fragment  of  the  photographic  record  with  rotating  detonation  initiation. 

In  the  case  of  a  positive  TDW  initiation,  the  static  pressure  inside  the  combustor  increases  to  a 
much  higher  level  (between  0.8  10*  Pa  and  1.25  10^  Pa)  than  when  no  detonation  occurs  (due  to 
the  lack  of  a  geometric  throat  at  the  exit  of  the  combustion  chamber). 

It  was  found  that  increasing  the  specific  mass  flow  rate  increases  both  lean  and  rich  ignition 
limits  of  the  engine  and  that  it  was  possible  to  start  a  TDW  at  very  low  combustion  chamber 
pressure  in  a  wide  range  of  equivalence  ratio  (0.5  -  1 .7),  with  a  very  low  amount  of  energy  (less 
than  1  J)  (Figure  9). 


Figure  9  -  Static  pressure  history  with  detonation  initiation  (I)  and  without  detonation  initiation  (2). 


Numerical  simulations 

Some  preliminary  simulations  were  performed  using  FLUCEPA  code  and  a  9  step  kinetic  model 
for  FE  and  O?  combustion  and  considering  a  single  detonation  wave  with  forced  ignition. 

It  was  found  that  this  code  was  sufficiently  robust  to  deal  with  the  large  pressure  and  velocity 
gradients  found  in  a  detonation  front  without  the  need  to  use  mesh  adaptation  (Figure  10). 

This  robustness  is  a  critical  point  because  in  the  case  of  cylindrical  detonation  propagation,  the 
pressure  and  velocity  slopes  before  and  after  the  shock  wave  are  infinite,  so  in  this  case  the 
detonation  wave  is  a  true  double  discontinuity,  a  real  difference  between  CDWE  and  PDE 
internal  flow  simulations. 
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The  steadiness  of  the  Transverse  Detonation  Wave  propagation  is  also  very  sensitive  to  the 
injection  conditions  while  the  existence  of  consecutive  detonation  waves  radically  changes  the 
flow  structure. 


Figure  JO  -  Detonation  propagation  in  an  annular  chamber  10  ms,  20  ms  and  30  ms  after  ignition 
(H^+O;  stoichiometric  mixture  in  a  100  mm  diameter  chamber). 


In  order  to  better  represent  the  actual  flow  field,  further  works  have  been  performed  by  the 
French  ICARE  Research  Lab.  2D  Euler  simulation  has  been  used  with  a  H2/02  chemistry  model 
using  6  species  and  7  reactions.  On  the  basis  of  experimental  results,  the  width  of  the 
computation  grid  is  determined  as  the  distance  between  two  consecutive  detonation  waves.  Then 
a  periodical  condition  is  imposed:  conditions  on  the  right  end  of  the  grid  being  imposed  to  the 
left  end.  Figure  1 1  gives  the  circumferential  U  and  axial  V  speed  components.  One  can  note  that 
the  exhausting  How  is  mainly  oriented  to  the  chamber  axis  with  limited  remaining  U  speed 
compared  to  the  large  V  speed. 

umiunf.TT'.'Mjgjju.'jiiiutJJuaaa— — — — i— 
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Figure  1 1 .  Circumferential  U  and  axial  V 
speed  components 
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Computation  results  exhibit  a  neutral  line  of  Mach  number  at  approximately  40%  of  the  distance 
between  two  consecutive  detonation  waves  (Figure  12). 


Figure  12.  Axial  Mach  number  field 

Demonstration  engine 

Based  on  previous  studies  and  the  growing  potential  of  such  concept,  a  demonstration  engine  has 
been  designed.  This  actual-size  engine  (Figure  13)  is  to  be  manufactured  and  tested  in  existing 
test  facility.  The  combustion  chamber  is  350  mm  (external  inner  diameter)  and  280  mm  (internal 
inner  diameter)  and  will  be  able  to  operate  with  GH;  /  GO;  or  GH;  /  LO2  with  the  change  of 
supply  lines  and  injection  wall.  This  engine  mock-up  is  modular  and  actively  cooled. 

The  injection  pressure  will  be  limited  (between  1  MPa  and  1.5  MPa)  and  resulting  mean  pressure 
inside  the  combustion  chamber  with  the  envisioned  mass  flow  rate  (between  1 2  kg.s'1  and 
15  kg. s'1,  depending  on  the  equivalence  ratio)  is  expected  near  0.5  MPa,  a  value  sufficient  to 
deliver  several  thousands  daN  of  thrust. 

The  injection  wall  is  divided  in  8  sectors  in  order  to  be  able  to  change  the  local  mass  flow  rate 
and  investigate  the  thrust  vectoring  effect  with  a  diverging  nozzle  or  with  a  center  core  nozzle 
(aerospike).  Moreover,  the  engine  will  be  equipped  with  a  complete  weighing  system  providing 
thrust  vector  components  and  corresponding  moments. 

Thanks  to  its  modularity,  the  engine  will  be  used,  in  a  first  step,  as  a  non-flying  workhorse  which 
will  allow  addressing  all  the  key  points  such  as: 

•  effect  of  injection  configuration  and  conditions  (2-phases  mixing). 

•  stable  operation  domain  and  key  parameters  influencing  it, 

•  effects  of  high  speed  tangential  flow  (skin  friction  and  heat  fluxes), 

•  thermal  and  mechanical  strength  of  the  combustion  wall  (fuel-cooled  structure,  high 
frequency  mechanical  shocks), 

•  effect  of  non-symmetric  injection  on  thrust  vectoring  when  including  a  full  nozzle, 

•  generated  environment  (vibration  and  acoustics), 

•  ... 

In  a  second  step,  the  modularity  will  allow  to  progressively  replace  all  the  engine  components  by 
flight-worthy  ones  in  order  to  finally  obtain  a  flight-worthy  demonstrator  which  will  be  tested  to 
really  assess  the  achievable  performance  when  taking  into  account  all  the  technology  issues. 
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Figure  13  -  cutout  of  the  demonstration  engine 


Conclusion 

Since  a  few  years,  MB  DA  France  leads  R&T  works  in  cooperation  with  the  Lavrentyev  Institute 
of  Hydrodynamics  on  the  Continuous  Detonation  Wave  Engine. 

The  mixtures  used  in  the  different  experiments  were  mainly  GH2-LG2  or  LHC-GCL.  The 
goals  of  those  experiments  were  to  address  some  key  technology  points  in  order  to  be  able  to 
evaluate  the  global  interest  of  an  engine  using  TDW  for  the  combustion  process. 

It  was  found  that  such  engine  could  deliver  impressive  thrust  in  a  very  small  package  (275  daN 
for  a  50  mm  (internal  diameter)  and  100  mm  long,  kerosene  -  oxygen  engine)  and  that  could  be 
increased  with  the  use  of  a  diverging  nozzle. 

Due  to  the  geometry  of  the  combustion  chamber,  a  plug  or  aerospike  nozzle  seems  to  be  the  best 
design,  the  thrust  vectoring  capability  of  this  engine  (with  the  local  change  of  the  mass  flow  rate) 
being  a  way  to  solve  the  problem  of  attitude  control. 

The  heat  fluxes  are  very  high  but  located  mostly  near  the  injection  wall.  This  point  will  help  the 
gasification  of  the  liquid  component  injected  inside  the  combustion  chamber.  The  transverse 
flow  velocity  could  also  help  the  mixing  of  the  fresh  products,  but  also  the  mixing  of  the  fresh 
mixture  with  the  detonation  products. 

Some  preliminary  tests  have  been  performed  to  evaluate  the  capability  of  C/SiC  composite 
materials  to  sustain  the  very  severe  mechanical  environment  generated  by  the  rotating  detonation 
waves. 

Beyond  these  first  steps,  a  full  scale  demonstrator  has  been  designed  and  should  be  tested 
within  the  next  years. 
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Nomenclature 

A  area  (m2) 

Cf  skin  friction  coefficient 

C'd  drag  coefficient 

Cl  lift  coefficient 

cp  specific  heat  (J/kgK) 

D  drag  (N),  hydraulic  diameter  (m) 

/  specific  uninstalled  thrust  (m/s) 

fs,  stoichiometric  ratio 

F  stream  thrust  (N) 

Fadd  addative  drag  (N) 

Fun  uninstalled  thrust  (N) 

g  gravitational  acceleration  (m/s2) 

h  altitude  (km),  enthalpy  (J/kg) 

hpr  heat  of  combustion  (J/kg  of  fuel) 
H,  total  enthalpy  (OK  basis)  (J/kg) 

Isp  specific  impulse  (s) 

L  lift  (N) 

m  mass  (kg) 

mc  m  ass  c  apt  ure  rat  i  o 

m  mass  flow  rate  (kg/s) 

M  Mach  number 

p  pressure  (Pa) 

q  dynamic  pressure  (Pa) 

Q  heat (J) 

R  gas  constant  (J/kgK) 


T  temperature  (K) 

Tt  total  temperature  (K) 

V  velocity  (m/s) 

wcap  captu  re  width  of  sc  rani j  et  ( in ) 

x  axial  distance  (m) 

a  angle-of-attack  (degrees) 

4>  equivalence  ratio 

9  constant  in  mixing  curve 

y  ratio  of  specific  heats 

r|  efficiency 

£  flight  path  angle  (degrees) 
p  density  (kg/nv) 

Subscript 

c  combustor  entrance 

out  outflow 

f  fuel 

i  initial 

in  inflow 

m  mixing 

n.N  nozzle 

o  initial 

p  payload 

s  structural 


1.  Introduction 

The  desire  for  hypersonic  flight  within  the  atmosphere  has  motivated  multiple  generations 
of  aerodynamic ists,  scientists  and  engineers.  In  the  late  1950’s  and  early  1960’s  it  became  clear 
that  while  rocket  propulsion  had  the  potential  for  access-to-space  and  the  ability  to  reach  many 
parts  of  the  globe  on  ballistic  trajectories,  only  an  airbreathing  propulsion  system  could  facilitate 
practical  hypersonic  flight.  Antonio  Ferri  aptly  described  the  important  differences  between 
rockets  and  air  breathing  engines  (Ferri  1964)  as: 

1.  The  potential  specific  impulse  of  airbreathing  propulsion  is  much  larger  than  any  chemical 
rocket,  due  to  the  fact  it  carries  only  fuel  and  not  oxidiser. 

2.  Structural  weight  of  an  airbreathing  engine  is  larger  for  the  same  thrust  than  a  rocket, 
because  it  must  process  air  (oxygen  and  nitrogen)  and  have  an  intake,  whereas  the  rocket 
has  an  oxidiser  tank  and  pressurization  system. 

3.  The  thrust  of  an  airbreathing  engine  is  a  function  of  flight  Mach  number  and  altitude. 
Large  thrust  per  unit  frontal  area  can  only  be  obtained  in  the  dense  atmosphere,  while 
rockets  can  operate  at  high  thrust  per  unit  frontal  area  in  a  vacuum. 
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4.  ITie  necessity  for  flight  in  the  atmosphere  introduces  severe  structural  problems  for  the 
airbreathing  engine  associated  with  aerodynamic  heating  and  vehicle  drag.  However,  the 
vehicle  has  a  greater  potential  for  manoeuvring  than  a  rocket  traveling  in  a  vacuum,  through 
the  use  of  aerodynamic  lift. 

It  was  recognised  at  the  time  that  a  hypersonic  airbreathing  propulsion  system  could  fulfill  many 
roles  that  a  rocket  could  not.  including  hypersonic  cruise  and  recoverable  space  launchers.  Figure  I 
shows  a  futuristic  hypersonic  airbreathing  vehicle  concept  from  that  time  period. 


Figure  I  -  1960's  hypersonic  airplane 


The  airbreathing  engine  cycle  best  suited  to  hypersonic  flight  is  the  supersonic  combustion 
ramjet,  or  the  scramjet.  This  type  of  engine  can  be  properly  viewed  as  an  extension  of  the  very 
successful  ramjet  engine  cycle,  which  uses  shock  wave  compression  in  the  inlet  in  lieu  of  the 
compressor  in  a  gas-turbine  engine.  In  a  ramjet,  air  entering  the  combustor  is  first  decelerated  to 
subsonic  speeds,  where  fuel  is  injected  and  burnt,  and  finally  expanded  through  a  second  throat  to  a 
thrust  nozzle.  As  flight  speeds  increase  above  Mach  5,  reducing  the  air  to  subsonic  conditions 
produces  two  problems;  (I)  significantly  increased  shock  losses  in  the  inlet,  particularly  at  the 
terminal  normal  shock,  and  (2)  significantly  increased  flow  temperatures  in  the  combustor.  The 
second  of  these  problems  not  only  creates  material/structural  issues  in  the  combustor,  but  leads  to 
chemical  dissociation  in  the  nozzle  expansion  and  a  consequent  energy  loss  from  the  engine  cycle. 

The  idea  of  adding  heal  to  a  supersonic  stream  was  first  investigated  in  the  late  1940's,  but 
only  attracted  serious  attention  in  the  late  1950's  with  the  investigation  by  Weber  and  McKay 
(1958)  at  the  NASA  Lewis  Research  Centre.  This  work  compared  the  estimated  performance  of 
the  ramjets  and  scramjet  engine  cycles  at  increasing  Mach  number  using  hydrogen  fuel,  and 
calculated  that  the  scramjet  cycle  was  superior  above  Mach  7.  Results  of  a  further  study  of  the 
efficiency  of  airbreathing  engines  (Anderson  et.  al.  2001)  are  shown  in  Fig.  2.  Once  again  the 
switch  over  between  ramjet  and  scramjet  cycles  was  calculated  to  occur  at  Mach  6-7.  however  it 
was  also  pointed  out  in  the  same  reference  that  the  high  combustor  static  pressure  of  a  ramjet 
operating  above  Mach  5  may  be  a  more  important  reason  for  choosing  a  scramjet  cycle  than  fuel 
efficiency.  As  is  also  shown  in  Fig.2.  as  speeds  increase  the  specific  impulse  of  scramjets  reduces, 
and  was  calculated  to  reach  the  performance  level  of  a  rocket  somewhere  above  Mach  16. 
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Figure  2  -  Specific  ini  pus Ic  levels  for  different  propu  lsion  systems 

Early  researchers  quickly  grasped  the  difficulties  of  designing  scram  jet  engines,  including: 

1 .  Mixing  and  ignition  of  fuel  and  air  in  the  short  residence  times  of  a  supersonic  combustor. 

2.  The  high  heat  loads  and  friction  losses  that  occur  at  hypersonic  speeds. 

3.  The  control  of  thermal  choking. 

4.  Non-equilibrium  nozzle  flows  and  the  loss  of  energy  from  the  cycle  due  to  incomplete 
combustion. 

Current  day  scramjet  designers  grapple  with  these  same  issues,  although  we  now  have  40  years  of 
experience  to  guide  us.  Two  further  critical  issues  for  practical  hypersonic  propulsion  using 
scramjets  are: 

5.  No  thrust  production  below  a  flight  Mach  number  ranging  from  3.5-5,  depending  on  the 
particular  engine  design.  A  booster  or  low-speed  propulsion  system  is  therefore  required  to 
raise  the  vehicle  to  the  scramjet  take-over  Mach  number. 

6.  Operating  over  a  large  Mach  number  range  with  a  “realistic"  engine  structure  requires  some 
finesse  and  many  compromises  for  adequate  performance  at  the  upper  and  lower  limits  of 
the  desired  speed  range. 

The  reason  for  (5)  is  straight  forward;  an  engine  that  relies  on  shock  compression  in  the  inlet 
requires  supersonic  inflow,  and  further,  if  supersonic  flow  needs  to  be  maintained  in  the  combustor, 
this  raises  the  lower  limit  for  thrust  production  even  higher. 

The  reasons  for  (6)  becomes  abundantly  clear  as  soon  as  scramjet  performance  calculations 
are  attempted  at  different  flight  Mach  numbers.  At  lower  speeds  where  the  stoichiometric  heat  of 
combustion  is  relatively  large  compared  to  the  kinetic  energy  of  the  airflow,  combustion  fuel  can 
produce  large  pressure  rises  in  constant  area  combustors  and  possible  choking  or  disruption  to  the 
flow  through  the  engine,  know  as  an  unstart.  Divergent  combustors  and/or  step  increases  in 
combustor  area  are  needed  to  bum  a  respectable  proportion  of  the  air  captured  by  the  engine  in  this 
instance.  At  higher  speeds,  however,  where  the  kinetic  energy  of  the  airflow  is  significantly  higher, 
combustor  divergence  can  lead  to  chemical  kinetics  issues  and  incomplete  combustion.  Inlet 
contraction  ratio  requirements  also  change  significantly  with  Mach  number.  Creating  an  engine 
that  can  operate  over  a  large  Mach  number  range  is  one  of  the  key  technological  challenges  in 
current  times. 

In  this  article  an  historical  perspective  on  important  scramjet  development  programmes  in 
the  United  States  is  first  presented,  followed  by  a  description  of  recent  scramjet  flight  programmes. 
The  stream  thrust  based  cycle  analysis  methods  used  to  calculate  scramjet  performance  are  then 
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presented,  followed  by  a  description  of  the  component  analysis  used  to  determine  the  performance 
of  a  scram  jet.  The  article  closes  with  a  discussion  of  scramjet  application  to  a  system  for 
acceleration  to  low  earth  orbit. 

2.0  Historical  perspective  on  past  scramjet  development  programmes  in  the 
United  States 

The  history  of  scramjet  programmes  throughout  the  world,  up  to  the  year  2000.  is  well 
described  in  an  article  by  Curran  (2001).  Following  is  a  short  history  of  some  past  scramjet 
development  programmes  in  the  United  States. 

2.1  Scramjet  Development  in  the  United  States 

The  1960’s  saw  an  increased  interest  in  scramjet  propulsion,  which  in  the  United  States  was 
concentrated  in  two  groups;  one  at  NASA  Langley  Research  Center,  and  the  other  supported  by  the 
US  Navy  at  the  Applied  Physics  Laboratory,  Johns  Hopkins  University  (APL).  A  significant 
amount  of  scramjet  research  was  also  conducted  in  industry  through  support  from  the  US  Air 
Force.  These  groups  followed  quite  different  technological  paths  leading  up  to  the  mid- 1980's, 
when  the  National  Aerospace  Plane  (NASP)  Program  brought  most  of  the  US  scramjet  community 
together. 

Considerable  experimental  research  on  inlets  and  combustor  components  had  been 
conducted  at  NASA  Langley  prior  to  1964.  This  work  demonstrated  the  validity  of  supersonic 
combustion,  and  indicated  the  potential  of  an  integrated  scramjet  with  hydrogen  as  both  fuel  and 
coolant.  The  Hypersonic  Research  Engine  (HRE)  Project  was  formulated  to  put  this  into  practice, 
with  the  objectives  of  (a)  demonstrating  high  internal  thrust  performance  for  a  scramjet  engine  over 
a  Mach  number  range  of  4-8.  and  (b)  development  of  hydrogen  cooled  engine  structures  technology 
(Andrews  &  Mackley  1994).  Figure  3  shows  a  photograph  of  the  HRE,  which  was  and 
axisymmetric  pod  type  configuration  with  a  translating  spike  and  an  annular  combustor.  This 
program  continued  till  1974  with  both  a  boiler  plate,  water-cooled  model  used  for  scramjet  testing, 
and  a  flight  weight,  hydrogen -coo  led  model  for  structural  testing. 


Figure  3  -  HRK  engine  model  in  wind  tunnel 


A  total  of  52  scramjet  tests  were  completed  with  the  water  cooled  engine  at  equivalent  flight 
Mach  numbers  of  5.  6  and  7  with  a  range  staged  injector  options  (Andrews  &  Mackley  1994). 
Figure  4  shows  a  plot  of  the  calculated  combustion  efficiency  based  on  the  pressure  measurements 
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in  the  combustor  at  Mach  6,  together  with  a  schematic  showing  the  different  fuel  injection  options. 
A  tremendous  amount  of  knowledge  about  fuel  ignition  and  combustion  was  gained  from  this 
testing,  including  a  demonstration  of  a  smooth  transition  from  a  supersonic  to  a  subsonic 
combustion  mode  of  operation.  Figure  5  shows  a  plot  internal  thrust  coefficient  vs  Mach  number 
for  the  HRE  at  (j>  =  I  ,  which  met  the  performance  goals  of  the  project.  Unfortunately,  the  pod  type 
configuration  of  the  HRE  also  had  significant  external  drag,  and  during  the  program  it  was  realized 
that  scramjet  engines  must  be  integrated  with  the  vehicle  in  order  to  have  good  installed  thrust. 
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Figure  4  -  HRE  combustion  efficiency  data  at  Mach  6 
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Figure  5  -  HRE  internal  thrust  performance 

NASA  Langley  responded  to  the  need  for  airframe  integration  with  the  3-D  swept  side-wall 
compression  scramjet.  This  fixed  geometry  configuration,  a  schematic  of  which  is  shown  in  Fig.  6, 
had  low  external  drag,  a  rectangular  cross-section,  was  modular  in  design,  and  fit  snuggly  inside  the 
bow  shock  of  a  vehicle  flying  at  hypersonic  speed  (Trexler  &  Souders  1975).  Being  a  fixed 
geometry  scramjet.  these  engines  were  designed  to  operate  over  a  large  Mach  number  range  with 
self-starting  inlets.  Particular  areas  of  research  related  to  the  development  of  these  engines  were, 
(1 )  control  of  the  swept  shock  interactions  in  the  inlet.  (2)  reduction  of  flow  distortion  at  the  inlet 
throat,  (3)  introduction  of  fuel  injection  struts  to  reduce  engine  length  and  weight,  and  (4) 
integration  with  the  vehicle  fore  and  aft  bodies.  Many  hundreds  of  component  and  integrated 
scramjet  tests  were  conducted  in  support  of  this  engine  concept  at  Langley’s  hypersonic  facilities 
through  the  1970’s  and  80’s. 
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Figure  6  -  Langley  swept  side-wall  compression  sc  ramjet 

Scramjet  research  at  A  PL  was  concentrated  on  the  hypersonic  missile  application  rather 
than  a  large  scale  vehicle,  hence  it  followed  quite  a  different  path  to  NASA.  In  the  early  1%0's  the 
US  Navy  was  interested  in  a  Mach  6-8  follow-on  to  its  ramjet  powered  missiles.  The  A  PL  research 
was  therefore  concentrated  on  liquid  hydrocarbon  fuelled  engines.  Research  was  conducted  to 
better  understand  the  physical  and  chemical  processes  governing  supersonic  combustion,  and  a 
technology  database  on  inlets,  fuel  injectors,  combustors,  nozzles  and  fully  integrated  engines  was 
developed  during  the  1960's  and  70’s  (Waltrup  1990).  Figure  7  shows  one  integrated  scramjet 
missile  concept  to  be  developed  at  APL  during  this  period,  known  as  the  Supersonic  Combustion 
Ramjet  Missile  (SCRAM),  which  was  designed  for  maximum  cruise  at  Mach  8  (Billig  1995).  In 
1978.  emphasis  was  placed  on  development  of  the  Dual  Combustor  Ramjet  (DCR).  which  used 
conventional  liquid  hydrocarbon  fuels  and  had  a  maximum  Mach  number  of  6.  A  schematic  of  the 
engine  concept  is  shown  in  Fig.  8.  showing  a  missile  with  a  spike  nose,  both  supersonic  and 
subsonic  inlets,  fuel  injection  into  the  flow  processed  by  the  subsonic  inlet,  and  a  supersonic 
combustor  leading  to  a  thrust  nozzle  (Waltrup  1990).  Development  of  this  concept  continues  today 
as  part  of  the  DARPA  HyFly  Program. 
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Figure  8  -  Schematic  of  the  A  PL  DCR  engine  concept 


A  significant  amount  of  scramjet  configuration  development  and  testing  was  supported  by 
the  US  Air  Force  during  the  1960’s.  This  involved  numerous  industry  contractors,  including 
General  Electric,  Marquardt,  United  Technologies  Research  Laboratories,  and  General  Applied 
Science  Laboratories  (GASL).  One  product  of  this  support,  shown  in  Fig.  9,  was  developed  by 
GASL  and  called  the  low-speed  fixed  geometry  scramjet.  It  was  designed  to  operate  from  Mach  3- 
12  with  fixed  geometry,  and  used  fuel  scheduling  and  thermal  compression  effects  in  place  of 
variable  geometry.  It  was  tested  at  Mach  7.4  at  the  GASL  hypersonic  facilities  in  1968. 


Figure  9  -  GASL  Mach  3-12  scramjet 


The  one  project  that  combined  most  (if  not  all)  US  knowledge  of  hypersonic  airbreathing 
propulsion,  was  the  National  Aerospace  Plane  (NASP)  Program.  This  aggressive  effort  was 
initiated  in  1985  by  the  Defense  Advanced  Research  Projects  Agency  (DARPA)  with  the  goal  of 
developing  a  single-stage-to-orbit  (SSTO)  airplane  called  the  X-30  (Barthelemy  1989).  This  vehicle 
was  envisioned  to  take-off  horizontally  under  gas-turbine  power,  accelerate  to  low  earth  orbit 
insertion  velocity  (Mach  25)  through  the  use  of  hydrogen-fuelled  scramjets  and  rockets,  and  then 
return  to  earth  for  horizontal  landing.  It  really  was  a  “space-plane”  which  would  have  brought 
aircraft-like  operational  flexibility  to  space.  The  seminal  study  at  the  beginning  of  the  project  was 
by  Tony  Du  Pont,  a  schematic  of  which  is  shown  in  Fig.  10.  The  Du  Pont  vehicle  weighed  50,000 
lb  at  take-off.  used  hydrogen  fuel  and  a  combined  cycle  air-breathing  engine. 


7 


f***#*- 


•  duPONT  SUPPLIED  GOVERNMENT 
BASELINE  DESIGN  1983 

•  50,000  POUND  TOGW  CLASS 

•  EXISTING  MATERIALS 

-NICKEL  ALLOYS 
-  GRAPHITE  COMPOSITE  TANK 
.  CARBON  LEADING  EDGES 


•  SCRAMJET 

•  PERFORMANCE 
SUPPORTED  BY 
ANALYSIS  AND 
SHOCK  TUNNEL 


•  RAMJET 

PERFORMANCE  SUPPORTED 
BY  HYPERSONIC  RESEARCH 
ENGINE  TEST  DATA 


•  DRAG  LEVEL  VERIFIED 

.  NASA  WIND  TUNNEL  TESTS 
BOEING  SUPPLIED  MODEL 


.  ACCELERATION  ENGINE 
U.S.  PATENT 
ISSUED  TO  A.  duPONT 
•  PERFORMANCE  VERIFIED 
BY  GASL  AND  PW  TESTS 


Figure  10  -  Original  space  plane  concept  for  NASP 


Over  its  10-year  span  the  NASP  Program  involved  NASA,  the  US  Air  Force.  APL  and  a 
large  contingent  of  industry  players  (Schweikart  1998).  Many  scramjet  configurations  were 
designed  and  tested  in  various  facilities  (Andrews  2001),  and  the  understanding  of  air-breathing 
hypersonic  propulsion  was  considerably  deepened.  Some  examples  of  hardware  tested  during  the 
NASP  program  are  shown  in  Figs.  1 1  and  12.  The  3-D  sidewall  compression  inlet  model  in  Fig.  1 1 
was  based  on  a  Rocket  dyne  (Rockwell)  engine  concept  with  heritage  to  earlier  NASA  Langley 
engines  of  similar  configuration.  The  two-dimensional  engine  model  in  Fig.  12  was  known  as  the 
Concept  Demonstration  Engine  (CDE).  and  was  tested  towards  the  end  of  the  NASP  program  at 
simulated  Mach  6.8  flight  conditions  in  the  8-Foot  High  Temperature  Tunnel  at  NASA  Langley 
(Voland  &  Rock  1995). 


Figure  1 1  -  3-D  Sidewall  compression  inlet  model 


8 


Figure  12  -  2-l>  engine  model  tested  at  Mach  6.8 


An  artists  impression  of  a  possible  NASP  configuration  is  shown  in  Fig.  13.  While  not 
producing  its  goal  of  a  working  X-30  aircraft,  the  NASP  Program  spurred  the  development  of  many 
technologies  related  to  hypersonics,  including  computation  fluid  dynamics,  high  temperature 
materials  and  light-weight  aerospace  structures.  It  was  also  the  genesis  for  the  Hyper-X  (light 
Program.  Most  current  concepts  for  air-breathing  access-to-space  have  moved  away  from  SSTO 
systems,  and  make  use  of  the  significant  advantages  of  multiple  stage  vehicles. 


Figure  13-  Proposed  NASP  configuration 
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3.0  Scramjet  Flight  Programmes 

The  flight  corridor  lor  hypersonic  airbreathing  vehicles,  either  for  cruise  or  ascent  to  low- 
earth-orbit.  is  constrained  at  upper  altitude  by  the  need  to  operate  the  airbreathing  engine,  and  at 
lower  altitude  by  structural  limits  of  the  vehicle.  Figure  14  gives  an  indication  of  these  limits,  and 
includes  a  suggested  ascent  trajectory  for  an  airbreathing  SSTO  vehicle  (Hunt  &  Rausch  1998)  with 
the  applicable  range  of  different  propulsion  cycles  indicated.  The  goal  of  all  scramjet  flight  testing 
is  to  fly  scramjets  at  some  point,  or  over  some  range,  within  this  flight  corridor.  Three  scramjet 
flight  programmes  will  be  reviewed  here;  (1 )  a  joint  Cl  AM/NASA  flight  test  conducted  in  1998.  (2) 
the  HyShot  2  flight  conducted  by  The  University  of  Queensland  in  2002.  and  (3)  NASA's  Hyper-X 
which  flew  twice  in  2004. 


Mach 


Figure  14  -  Hypersonic  airhreathing  flight  corridor 

3.1  CIA M/N ASA  Flight  Test 

The  Russian  Central  Institute  of  Aviation  Motors  (Cl AM)  performed  a  flight  test  of  a 
Cl  AM-designed,  hydrogen-cooled/fueled  scramjet  engine  over  a  Mach  number  range  of 
approximately  3.5  to  6.4  on  February  12,  1998,  at  the  Sary  Shagan  test  range  in  Kazakhstan 
(Voland  et.  al.  1999).  This  rocket-boosted,  captive-carry  test  of  the  axisymmetric  engine  reached 
the  highest  Mach  number  of  any  scramjet  engine  flight  test  at  that  time,  and  achieved  77  seconds  of 
liquid  hydrogen  regeneratively  cooled  engine  operation.  The  programme  was  conducted  with 
NASA  support  and  technical  assistance  from  Langely  Research  Center.  The  engine  used  staged 
fuel  injection  through  angled  sonic  holes  and  cavity  flame  holders,  and  was  designed  for  dual-mode 
combustion.  Analysis  of  the  flight  data  indicated  that  an  unexpected  control  sensor  reading  caused 
non-optima!  fuelling  of  the  engine,  and  flowpath  modifications  added  to  the  engine  inlet  during 
manufacture  caused  markedly  reduced  inlet  performance.  Both  of  these  factors  contributed  to  the 
engine  operating  primarily  in  a  subsonic  combustion  mode,  with  a  peak  combustion  efficiency  of 
77.5%.  Ground  test  data  was  obtained  at  similar  conditions  to  flight,  allowing  for  a  meaningful 
comparison  between  the  ground  and  flight  experiments.  The  results  of  this  comparison  indicated 
that  the  differences  in  engine  performance  between  ground  and  flight  were  small. 

3.2  HyShot  2 

The  Centre  for  Hypersonics  at  the  University  of  Queensland  had  routinely  performed 
scramjet  testing  in  shock  tunnels  since  the  early  1980’s  (Stalker  et.  al.  2006).  Based  on  the  desire 
to  validate  such  testing  for  conditions  in  the  Mach  7-8  regime,  a  sounding  rocket  based  flight 
project  known  as  HyShot  was  devised  around  1997.  This  project  involved  two  flight  tests  of  a 
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simplified  supersonic  combustion  experiment  designed  solely  through  shock  tunnel  testing.  While 
the  HyShot  scramjet  payload  was  elegantly  simple  and  quite  robust,  significant  issues  associated 
with  providing  suitable  scramjet  flight  test  conditions  with  the  available  rocket  needed  to  be 
overcome.  The  chosen  solution  to  these  issues  resulted  in  a  highly  parabolic  trajectory,  with  the 
scramjet  experiment  being  conducted  during  an  almost  vertical  re-entry  (Pauli  et.  al.  2002). 
Following  a  first  launch  failure  on  October  30Ih  2001,  the  University  of  Queensland  conducted  a 
successful  second  launch  on  July  30th,  2002. 

Both  HyShot  flights  took  place  at  the  Woomera  Prohibited  Area  Test  Range  in  central 
Australia.  Each  used  a  two-stage  Terrier-Orion  Mk70  rocket  that  generated  a  highly  parabolic 
trajectory  to  boost  the  payload  and  the  exhausted  second  stage  Orion  motor  to  an  apogee  in  excess 
of  300km,  as  shown  in  Fig.  15.  This  combination  of  rocket  and  trajectory  allowed  the  payload  and 
attached  second  stage  to  re-enter  the  atmosphere  with  a  Mach  number  in  excess  of  7.5  between  35 
and  25  km  altitude,  thus  supplying  a  range  of  conditions  within  the  flight  corridor  of  Fig.  14. 

The  HyShot  payload  included  a  nose-cone  to  shroud  the  scramjet  flowpaths  on  the  initial 
ascent,  two  scramjet  combustors  orientated  back-to-back  on  a  wedge  forebody,  plus  hydrogen  and 
nitrogen  tanks,  batteries,  telemetry  system,  flight  computer  and  other  components.  One  combustor 
was  hydrogen  fuelled  through  4  laterally  spaced  normal  injectors,  while  the  other  combustor  was 
unfuelled  so  as  to  obtain  baseline  (tare)  conditions  to  compare  against  the  fuelled  flowpath 
throughout  the  flight.  Figure  16  shows  a  photograph  of  the  payload  used  for  HyShot  2  (with  the 
shroud  removed).  It  was  constructed  predominantly  of  copper  alloy  for  rapid  dissipation  of 
aerodynamic  and  combustion  generated  heat  loads,  with  TZM  (tungsten-zirconium-molybdinum) 
used  for  the  highest  heat  flux  regions  that  occur  at  the  leading  edges  of  both  combustors. 


Nominal  HyShot  Mission  Profile 


It 


Figure  16  -  HyShot  payload 


Combustor 


The  goal  of  the  experiment  was  to  supply  uniform  flow  into  the  two  rectangular  combustors 
at  conditions  ranging  between  Mach  7.2  and  8.0.  allowing  for  an  angle-of-altack  (a)  variation  of  the 
payload  between  +5  and  -5  degrees.  Figure  17  shows  a  schematic  of  the  fuelled  flowpath.  The 
intake  consisted  of  a  single  18  deg.  wedge  with  a  width  of  100mm,  a  blunted  leading  edge,  and 
highly  swept  side  fences.  The  high  wedge  angle  was  necessary  to  ensure  that  the  combustor 
entrance  temperature  and  pressure  were  great  enough  to  readily  induce  self-ignition  of  hydrogen. 
The  rectangular  combustor  had  a  constant  area  9.8  mm  x  75  mm  cross-section  and  a  length  of  300 
mm  (length/height  =  30.61).  The  combustor  cowl  spanned  the  full  width  of  the  intake  wedge  and 
was  situated  such  that  the  intake  shock  was  upstream  of  its  leading  edge  at  all  times.  The  flowpath 
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design  incorporated  a  shock  trap  that  was  situated  between  the  end  of  the  intake  wedge  and  the 
entrance  of  the  combustor.  This  feature  not  only  captured  the  cowl  shock,  but  also  bled  off  the 
intake  boundary  layer.  The  reduced  width  of  the  combustor  (relative  to  the  intake  wedge)  and 
lateral  spillage  holes  in  the  side  fences  adjacent  to  the  shock  trap  were  designed  to  remove  the 
fence  boundary  layers  and  comer  flows.  The  angle-of-attack  of  the  payload  was  defined  as  positive 
when  the  fuelled  combustor  was  on  the  windward  side,  and  negative  when  the  fuelled  combustor 
was  leeward. 


Figure  IS  -  Reconstructed  Mach  number  (M)  and  dynamic  pressure  (q)  histories 


number 

Time  (s) 

Flight  Mach 

Number 

Flight  dynamic 

pressure  (kPa) 

Altitude  (km) 

angle-of- 

attack(deg.) 

1 

538.103 

7.828 

24.88 

34.48 

-5.012 

2 

538.179 

7.831 

25.33 

34.31 

5.540 

3 

538.734 

7.938 

31.55 

33.05 

-5.081 

4 

538.805 

7.938 

32.20 

32.89 

4  617 

Table  1  -  Flight  parameters  Tor  analysed  time  slices 

The  flight  produced  a  significant  set  of  scramjet  combustor  data  at  varying  duet  entrance 
pressure,  temperature  and  Mach  number.  Trajectory  reconstruction  was  accomplished  using 
onboard  sensors  alone  (Cain  et.  al.  2004).  Fuel  tlow  was  initiated  at  approximately  t  =  536.5 
seconds  after  launch  as  the  payload  and  attached  Orion  motor  re-entered  the  atmosphere.  Figure  1 8 
shows  the  Mach  number  and  dynamic  pressure  time  histories  during  three  seconds  of  the 
experimental  window,  and  Table  1  lists  four  zero-yaw  time  slices  used  for  analysis.  Figure  19 
shows  a  comparison  of  the  fuelled  and  unfuelled  combustion  pressure  distributions  at  windward 
conditions:  i.e.  when  each  duct  was  at  a  positive  angle-of-attack  of  approximately  5  degrees.  Note 
that  all  data  is  normalized  by  the  combustor  entrance  pressure,  in  order  to  make  meaningful 
comparisons.  The  equivalence  ratio  of  the  fuelled  duct  was  approximately  0.34,  and  the  pressure 
rise  from  combustion  of  the  hydrogen  fuel  is  clearly  evident.  Cycle  analysis  of  this  data  indicated 
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that  supersonic  combustion  occurred  at  these  times  slices  during  the  flight,  at  a  combustion 
efficiency  for  the  fuel  of  8 1  %  (Smart  et.  al.  2006). 
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Figure  19  -  Windward  fueled  and  tin-fueled  combustor  pressure  distributions  (x  =  axial  distance  from  nose  of 

payload) 

The  success  of  the  HyShot  2  flight  led  to  a  significant  interest  in  low  cost  scramjet  tlight- 
testing  using  sounding  rocket  boosters.  Two  further  flights,  HyShot  3  and  4  were  conducted  by 
The  University  of  Queensland  in  March  2006;  HyShot  3  for  the  British  Company,  Qinetiq.  and 
I  lyShot  4.  for  the  Japanese  Aerospace  Agency  (JAXA).  Further  flights  are  planned. 


3,3  Hyper-X 

NASA’s  focused  hypersonic  technology  program,  called  Hyper-X,  conducted  the  most 
realistic  flight  tests  of  hypersonic  airbreathing  engines  to  date.  Unlike  either  the  CIAM  flight  test 
or  HyShot  2.  the  Hyper-X  flight  vehicle  separated  from  its  booster  to  fly  a  controlled  hypersonic 
trajectory  under  scramjet  power.  Two  successful  flights  were  conducted:  the  first  al  Mach  7  on 
March  27,  2004.  and  a  second  at  Mach  10  on  November  16.  2004.  Both  included  5+  seconds  of 
hydrogen  fuelled  scramjet  operation,  followed  by  a  series  of  hypersonic  aerodynamic  manoeuvres 
as  the  vehicle  decelerated.  The  key  results  of  the  flights  were  that: 

1.  Airframe  integrated  scramjet  powered  vehicles  can  fly  stable,  controlled  trajectories  at 
hypersonic  speeds. 

2.  Accelerating  hypersonic  flight  is  possible  at  Mach  7  using  air-breathing  propulsion. 

3.  Hypersonic  cruise  is  possible  at  Mach  10  with  a  non-optimised  vehicle/engine  combination. 

4.  Ground  test  experiments.  CFD  analysis  and  other  aerodynamic  tools  can  be  used  to  design 
scramjet  powered  flight  vehicles. 

The  Hyper-X  vehicle,  a  schematic  of  which  is  shown  in  Fig.  20.  had  significant  heritage 
from  the  NASP  program.  It  was  a  '‘smart  scaled”  version  of  a  200  ft  operational  vehicle  (Rausch 
et.  al.  1997)  that  could  be  flight  tested  within  available  budgets,  while  also  demonstrating  operation 
of  a  dual-mode  hydrogen  fuelled  scramjet.  The  chosen  12  ft  vehicle  had  a  single  airframe- 
integrated  scramjet  and  was  boosted  to  flight  conditions  using  a  modified  Pegasus  booster  that  was 
air-launched  from  a  B-52  from  Edwards  AFB  in  California.  The  desired  test  conditions  were 
95.000  ft  (-29.0  km)  at  Mach  7.  and  1 10.000  ft  (-33.5  km)  at  Mach  10.  both  of  which  correspond 
to  a  dynamic  pressure  of  1000  psf  (~  48  kPa).  The  flight  sequence  for  the  Mach  7  flight  is  shown 
in  Fig.  21  (  Voland  el.  al.  1998).  The  free-flying  portion  of  the  flight  included  separation  from  the 
booster,  engine  cowl  opening.  5+  seconds  of  scramjet  operation,  fuel-off  flight  with  the  cowl  open, 
and  aerodynamic  manoeuvres  with  the  cowl  closed.  A  similar  sequence  was  conducted  at  Mach 
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10.  The  vehicles  flown  on  the  two  flights  were  nominally  of  the  same  external  shape,  but  had 
different  thermal  protection  systems  and  different  engine  designs. 


148  in. 


144  In. 


Figure  20  -  Hyper-X  vehicle  con figu ration 


/-  Power-Off  Tans  5  secs 


O  S0C_5  sec _  -BO  sec  -90  sec  _  -500  sec 

ONM  0,6  NM  -70  NM  -80  NM  *  -700  NM 


Figure  21  -  Nominal  Mach  7  Hyper-X  flight  trajectory 

In  terms  of  the  scramjet  flowpath,  the  Hyper-X  vehicle  enabled  testing  of  a  complete 
forebody,  internal  engine,  and  aft  body/thrust  nozzle.  The  Mach  7  engine  was  developed  through  a 
long  series  of  partial  flowpath  and  subscale  testing  at  NASA  Langley  Research  Center,  followed  by 
a  complete  tip-to-tail  flowpath  simulation  in  the  8  foot  High  Temperature  Tunnel  (8-FT  HIT),  also 
at  NASA  Langley.  A  photograph  of  the  engine,  known  as  the  Hyper-X  Flight  Engine  (HXFE).  is 
shown  in  Fig.  22.  It  was  mounted  upside  down  in  the  test  section  of  the  8-FT  HTT  on  a  force 
balance  with  identical  internal  system  components  to  those  used  in  flight.  The  main  objectives  of 
this  pre- flight  testing  were  to  validate  the  Mach  7  propulsion  database  and  to  verify  the  operation  of 
system  components.  Not  only  were  the  engine  operability  and  performance  data  acquired  during 
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testing,  hut  realistic  estimates  of  the  aero-propulsive  vehicle  force  and  moment  increments  due  to 
both  opening  the  cowl  door  and  combustion  were  obtained  (Huebner  et.  al.  2001 ). 


Figure  22  -  IIXFE  engine  in  8-FT  HIT  (flow  from  right  to  left) 


Body  Side 


Figure  23  -  Comparison  of  ground  and  flight  data  for  the  Hyper- X  Mach  7  flight  al  design  throttle  level 

Figure  23  shows  a  comparison  of  the  body  and  eowlside  pressure  distributions  in  the  Hyper- 
X  engine  between  8ft-HTT  ground  tests  and  flight,  at  the  design  throttle  level  (Ferlemann  et.  al. 
2005).  These  results  indicate  very  little  difference  between  ground  and  flight  data,  which  were 
closely  matched  in  terms  dynamic  pressure  and  Mach  number.  The  main  difference  between  the 
two  experiments  was  the  flow  contaminants  in  the  8ft-HTT  (H2O  and  CO2).  which  appear  to  have 
little  effect  on  the  engine  performance  at  these  conditions  and  throttle  level. 

While  the  Mach  7  engine  was  able  to  be  ground  tested  in  long  duration  facilities,  only 
impulse  facilities  can  generate  conditions  to  simulate  Mach  10  propulsive  flight  on  the  ground.  The 
ground  tests  to  support  development  of  the  Mach  10  engine  were  done  al  the  NASA  HyPulse  Shock 
tunnel  situated  at  GASL’s  New  York  facility.  This  meant  that  only  instantaneous  testing  was 
possible,  and  engine  sequences  such  as  piloting  and  fuel  ramp-up  could  not  he  simulated.  Despite 
this,  the  Mach  10  engine  performed  to  expectation,  as  indicated  in  Fig.  24.  which  shows  a 
comparison  of  prediction  and  flight  pressure  distributions  on  the  bodyside  of  the  Mach  10  engine 
taken  from  McC  I  inton  (2006). 
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Figure  24  -  Comparison  of  prediction  to  flight  for  the  Hyper-X  Mach  10  flight  at  design  throttle  position 

Since  Hyper-X,  the  United  States  Air  Force  has  initiated  the  X-51  program,  which  is 
planned  to  include  multiple  flights  of  a  liquid  hydrocarbon  missile-like  configuration.  The  DARPA 
has  funded  the  HyFly  Program,  which  is  based  on  the  APL  DCR  configuration.  Finally,  a  ten  flight 
sounding  rocket  based  programme  called  HiFIRE  was  recently  initiated  by  the  Defence  Science 
and  Technology  Organisation  (DSTO)  of  Australia  and  the  United  States  Air  Force.  The  goal  of 
this  programme  is  to  develop  the  technology  required  for  long  duration  scramjet  flight  at  Mach  8. 

4.0  Scramjet  performance  analysis 

The  performance  of  a  scramjet  engine,  either  uninstalled  or  when  integrated  on  a  hypersonic 
vehicle,  is  most  easily  determined  by  what  is  called  stream  thrust  analysis.  This  technique 
conserves  the  fluxes  of  mass,  momentum  and  energy  on  strategically  placed  control  volumes  to 
determine  the  propulsive  forces  on  the  vehicle.  Figure  25  shows  a  schematic  of  a  scramjet  powered 
vehicle  with  a  control  volume  surrounding  all  the  airflow  that  passes  through  the  engine.  Airflow 
enters  the  control  volume  at  the  flight  conditions,  fuel  is  added  to  the  air  in  the  combustor  and  the 
flow  exits  through  the  vehicle  nozzle.  For  ease  of  analysis,  the  flow  exiting  the  control  volume  is 
usually  represented  by  a  flux-conserved  one-dimensional  average  of  the  non-uniform  exhaust 
plume.  In  the  current  analysis  only  the  axial  forces  will  be  considered,  however,  similar  relations 
can  be  developed  for  the  transverse  direction  to  determine  the  lift  forces  generated  by  the 
propulsion  system. 


Figure  25  -  Schematic  of  control  volume  used  for  scramjet  performance  analysis 
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Assuming  for  simplicity  that  fuel  is  added  with  no  component  of  velocity  in  the  streamwise 
direction,  application  of  Newtons  law  to  the  control  volume  in  Fig.  25  in  the  streamwise  direction 
yields  the  following  relation: 

+  PmAm  -  («/  +  <  )Vom  +  PouA,,,  +  X  =  0  (  1  ) 


where  ^  Fxy  -  sum  of  the  pressure  and  viscous  forces  on  the  top  and  bottom  boundaries  of  the 
control  volume. 

It  is  customary  to  separate  the  addative  drag  due  to  inlet  spillage  and  the  nozzle  plume  from  ^  FM 
as  follows: 


Re-arranging  eqn.  I  yields: 


I 


F  -  F  +  f 

*  x\  iidtl  surfut  t1 


Perfect  =  («/  +  <  Wout  +  P,n„  Aou,  ~  <Kn  ~  P,n  4 „  "  Fa<ki  (2  ) 

The  left  hand  side  of  eqn.  2  is  the  thrust  of  the  uninstalled  engine.  Fun.  Using  the  definition  of 
stream  thrust.  F  =  pA  +  mV ,  we  can  express  eqn.  2  as: 

F„n=K m-Fm-Fa« 

Equation  3  indicates  that  the  uninstalled  thrust  of  an  engine  can  be  determined  with 
knowledge  of  the  stream  thrust  of  the  air  entering  the  engine,  the  addative  drag,  and  the  stream 
thrust  exiting  the  engine  nozzle.  The  flow  enters  the  engine  at  ambient  conditions  and  at  the  llight 
velocity,  so  determination  of  Fj„  reduces  to  a  determination  of  the  freestream  capture  area.  Air 
spillage  (and  therefore  spillage  drag)  decreases  as  the  vehicle  speed  approaches  the  design  point, 
and  the  plume  drag  varies  depending  on  the  amount  of  under-expansion  in  the  nozzle.  Both  these 
are  usually  estimated  through  CFD  analysis,  or  through  rules-of-thumb  based  on  empirical  or 
experimental  databases.  Determination  of  Fex  requires  an  involved  analysis  that  follows  the  air 
through  the  complete  sc  ramjet  flowpath.  Many  authors  have  presented  analyses  to  calculate  FL.X  for 
complete  scramjet  flowpaths  with  differing  levels  of  sophistication  and  accuracy  (Heiser  &  Pratt 
1994.  Pandolfini  1986.  Pinckney  et.  al.  2004).  The  analysis  presented  here  is  in  the  form  used  by 
the  present  author. 


4.1  Scramjet  Component  Analyses 

Figure  26  shows  a  schematic  of  the  internal  flowpath  of  an  airframe- integrated  scramjet 
with  particular  reference  stations  highlighted.  In  keeping  with  the  convention  of  Heiser  &  Pratt 
(1994).  station  0  is  in  the  freestream  flow  ahead  of  the  engine,  and  a  streamtube  with  area  A0  is 
captured  and  processed  by  the  engine.  Station  1  is  downstream  of  the  vehicle  forebody  shock  and 
represents  the  properties  of  the  flow  that  enters  the  inlet.  Station  2  is  at  the  inlet  throat,  which  is 
usually  the  minimum  area  of  the  flowpath,  and  the  length  between  stations  2  and  3  is  referred  to  as 
the  isolator.  Station  3  represents  the  start  of  the  combustor,  and  fuel  and  air  is  mixed  and  burned  by 
the  end  of  the  combustor  at  station  4.  The  nozzle  includes  an  internal  expansion  up  to  station  9. 
and  an  external  expansion  to  station  1 0  al  the  end  of  the  vehicle. 
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Figure  26  -  Flow  stations  for  engine  analysis 

It  is  appropriate  to  break  the  analysis  needed  to  determine  the  stream  thrust  of  the  flow 
exiting  the  vehicle,  and  therefore  the  uninstalled  thrust  of  the  engine,  into  the  three  processes  that 
make  up  the  engine  cycle:  i.e.  those  of  compression,  combustion  and  expansion.  While  the 
compression  and  combustion  processes  can  be  blurred  for  some  operating  conditions,  this 
convention  will  be  adhered  to  here. 

4.1.1  Compression 

Efficient  combustion  of  fuel  requires  that  air  be  supplied  to  the  combustor  at  a  suitable 
pressure,  temperature  and  mass  flow  rate.  For  a  scramjet  traveling  at  speeds  greater  than  Mach  5 
and  at  altitudes  in  the  flight  corridor  of  Fig.  14.  this  requires  significant  compression  and  heating  of 
the  air.  For  an  airframe-integrated  scramjet.  both  the  vehicle  forebody  and  inlet  share  this  task.  A 
multitude  of  different  forebody/inlet  configurations  have  been  developed  by  many  researchers  (Van 
Wie  2001).  each  designed  to  generate  a  specified  level  of  compression  over  a  range  of  flight  Mach 
numbers.  The  performance  of  such  compression  systems  can  be  separated  into  two  key  parameters; 
(1)  inlet  capability,  or  how  much  compression  is  performed,  and  (2)  inlet  efficiency,  or  what  level 
of  flow  losses  does  the  inlet  generate  during  the  compression  process.  Meaningful  discussions  of 
inlet  performance  must  include  both  parameters  as,  for  example,  a  highly  efficient  inlet  can  be  very 
easily  designed  if  it  is  required  to  do  little  compression. 


Figure  27  -  Mother  diagram  of  inlet  compression  process 
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Performance  analysis  of  scramjet  inlets  involves  the  determination  of  the  flow  conditions  at 
the  inlet  throat  (station  2  of  Fig.  26).  A  common  parameter  used  to  quantify  the  efficiency  of  the 
forebody/inlet  compression  is  the  kinetic  energy  efficiency,  r|KE.  The  usefulness  of  this  parameter, 
compared  to  many  others,  is  that  it  can  be  used  for  non- ideal  gas  processes,  and  that  its  value  has 
been  found  to  be  relatively  independent  of  Mach  number  for  a  given  class  of  inlets.  The  definition 
of  r|KE  ts  simply  the  ratio  of  the  kinetic  energies  of  the  flow  before  and  after  the  compression,  and  is 
most  easily  described  on  a  Mollier  diagram,  as  shown  in  Fig.  27.  Here  the  flow  entering  the  engine 
is  compressed  from  po  to  p2.  During  the  compression  there  is  heat  loss  to  the  forebody/inlet 
structure,  and: 

_1/2m,  _hri2^z  /41 

fc"l/2  <~h„-K 


In  some  instances  the  adiabatic  kinetic  efficiency,  riKE.ad  is  used.  This  parameter  does  not  account 
for  heat  loss,  and  is  defined  as: 


'hh.  MJ  ~ 


(5) 


When  conducting  scramjet  performance  calculations,  two  common  methods  for  determining 
the  properties  at  the  inlet  throat  are;  (1)  use  an  empirical  relation  for  r\ Ke  in  combination  with  a 
number  of  other  parameters,  and  (2)  use  CFD  to  perform  a  numerical  simulation  of  the 
forebody/inlet  flowfield.  An  empirical  correlation  for  tike, ad  in  terms  of  the  ratio  of  throat  Mach 
number  to  freestream  Mach  number.  M2/Mo.  is  as  follows  ( Waltrup  et.  al.  1 982): 


This  expression  relates  inlet  efficiency  to  an  inlet  capability  parameter.  M2/M0,  so  it  satisfies  our 
requirement  for  being  a  useful  relation.  However,  in  order  to  determine  flow  properties  at  the  inlet 
throat,  a  temperature  ratio,  (T2/T0).  an  average  ratio  of  specific  heats,  yav,  and  an  amount  of  heat 
loss  to  the  vehicle  must  be  also  be  specified.  Figure  28  compares  this  correlation  with  a  summary 
of  reported  inlet  efficiency  values  for  a  range  of  inlet  geometries.  It  appears  that  for  first  order 
accurate  performance  calculations,  eqn.  6  is  a  reasonably  choice  for  modeling  scramjet 
compression  processes. 
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Figure  28  -  Inlet  efficiency  data  (subscript  4  corresponds  to  the  inlet  throat) 

Since  the  mid- 1 990’s,  modern  computers  and  CFD  codes  have  developed  to  the  point  where 
the  calculation  of  turbulent  flows  through  hypersonic  inlets  can  be  performed  on  a  routine  basis.  A 
more  accurate  model  of  the  scramjet  compression  process  for  a  particular  configuration  can 
therefore  be  obtained  through  multiple  CFD  calculations  over  the  operational  flight  Mach  number. 
An  example  of  this  is  shown  in  Fig.  29,  where  the  flux-conserved,  one-dimensional  averaged  inlet 
throat  properties  and  mass  capture  ratio  are  plotted  for  a  2-D  forebody/3-D  inlet  combination  based 
on  CFD  calculations  over  a  range  of  inlet  Mach  number.  Mi  (Smart  &  Tetlow  2006). 


Figure  29  -  CFD  based  Inlet  capability  parameters 

In  the  design  of  hypersonic  inlets  there  are  some  key  issues  that  must  be  addressed  in  order 
to  arrive  at  a  useful  configuration.  These  are: 

1 .  Inlet  starting  limits 

2.  Boundary  layer  separation  limits 

3.  Minimization  of  external  drag 

4.  Performance  at  off-design  Mach  number 
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The  process  of  establishing  supersonic  flow  through  the  inlet,  known  as  inlet  starting,  puts  a 
significant  constraint  on  the  internal  contraction  ratio  of  hypersonic  inlets.  This  can  be  overcome 
through  variable  geometry,  however,  the  weight/complexity  of  such  can  significantly  degrade  the 
overall  system  performance  of  a  scram  jet  engine.  Figure  30  shows  a  plot  of  the  internal  contraction 
ratio  limit  for  self-starting  of  a  range  of  inlet  configurations,  as  well  as  a  theoretical  starting  limit 
developed  by  Kantrowitz  &  Donavon  (1945),  u'hich  is  known  to  be  conservative  at  hypersonic 
Mach  numbers.  In  general,  the  self-starting  limits  of  particular  inlet  classes  are  detennined  through 
experimental  testing,  and  become  more  restrictive  as  the  starting  Mach  number  is  decreased. 


Figure  JO  -  Selected  experimental  data  tin  starting  limits  with  comparisons  to  the  kantrowitz  limit  (subscript  2 
corresponds  to  the  closure  plane  of  the  inlet;  subscript  4  corresponds  to  the  inlet  throat) 

The  flow  through  any  practical  hypersonic  inlet  will  be  turbulent,  and  can  be  prone  to 
boundary  layer  separation  due  to  shock  interactions.  While  minor  boundary  separation  may  be 
acceptable,  large-scale  boundary  layer  separation  can  create  blockage  of  the  engine  and  inlet 
unstart.  Inlet  flows  are  therefore  required  to  satisfy  established  boundary  layer  separation  limits 
(Korkegi  1975). 

The  minimization  of  external  drag  is  an  important  aspect  of  the  inlet  design  process.  The 
external  drag  on  the  inlet  will  always  be  an  important  parameter  when  comparing  the  performance 
of  different  inlet  configurations.  Finally,  most  inlet  design  methods  are  based  on  a  particular 
design  Mach  number,  usually  at  the  upper  limit  of  the  operational  Mach  number  range.  Adequate 
off-design  performance;  i.e.  at  Mach  numbers  lower  than  the  design  point,  is  required,  otherwise 
the  vehicle  will  never  reach  it's  design  point. 

4.1.2  Combustion 

Analysis  of  the  combustion  process  in  a  scram  jet  usually  involves  quast-one-dimensional 
cycle  analysis  methods.  While  the  real  combusting  flow  in  a  scram  jet  is  far  from  uniform  at  any 
cross-section  throughout  the  engine,  when  used  properly,  these  techniques  provide  an  efficient 
means  of  modeling  this  region  of  a  scramjet.  While  some  methods  simply  jump  from  the  start  to 
the  end  of  the  combusting  zone  (Pandolfini  1986),  the  method  presented  in  this  article  enables 
prediction  of  the  pressure  distribution  in  the  entire  region  of  the  engine  affected  by  combustion, 
therefore  enabling  comparison  with  experiment.  These  methods  follow  directly  from  the  classical 
quasi-one-dimensional  gasdynamics  presented  by  Shapiro  ( 1953). 
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At  flight  speeds  below  Mach  8.  combustion  in  a  scramjet  engine  can  generate  a  large  local 
pressure  rise  and  separation  of  the  boundary  layer  on  the  surfaces  of  the  combustion  duct.  This 
separation,  which  can  feed  upstream  of  the  point  of  fuel  injection,  acts  to  further  diffuse  the  core 
flow  in  the  duct,  and  will  interact  with  the  inlet,  possibly  causing  an  unstart  of  the  engine.  A  short 
length  of  duct,  called  the  isolator,  is  usually  added  to  the  scramjet  flowpath  upstream  of  the 
combustor  to  contain  this  phenomenon.  In  some  engines  the  combination  of  the  diffusion  in  the 
isolator  and  heat  release  in  the  combustor  decelerate  the  core  flow  to  subsonic  conditions,  in  what 
is  called  dual-mode  combustion.  At  speeds  above  Mach  8  the  increased  kinetic  energy  of  the 
airflow  through  the  engine  means  that  the  combustion  generated  pressure  rise  is  not  strong  enough 
to  cause  boundary  layer  separation.  Flow  remains  attached  and  supersonic  throughout,  and  this  is 
termed  a  pure  scramjet.  The  quasi-one-dimensional  analysis  of  pure  scramjet  flows  is  presented 
first,  followed  by  analysis  with  the  added  complexity  needed  to  deal  with  separated  or  dual-mode 
combustion  flows. 


Figure  31  -  differential  element  of  combusting  flow  in  a  duct 

A  differential  element  of  attached  flow  in  a  duct  is  shown  in  Fig.31.  In  this  element,  fuel 
and  air  are  burning,  and  a  friction  force  dFr  =  tvvAw  is  applied  by  the  walls,  together  with  a  heat  loss 
in  the  amount  dQ.  For  simplicity  of  analysis,  the  flow  is  assumed  to  be  that  of  a  calorically  perfect 
gas  with  ratio  of  specific  heats,  y,  gas  constant  R.  and  constant  pressure  specific  heat,  cp. 
Combustion  heat  release  is  modeled  through  the  use  of  a  heat  of  combustion,  hpr,  and  the  change  in 
total  enthalpy  of  the  element  is: 

dHt  =  hprfsld<f>  -  dQ  (7) 


where  fst  =  stoichiometric  fraction  of  fuel  to  air,  and  d<|>  =  equivalence  ratio  of  fuel  that  combusts  in 
length  dx. 

The  corresponding  change  in  the  total  temperature  of  the  flow  is  therefore  dTt  =  dH,/cp.  The  wall 
shear  stress  is  related  to  a  skin  friction  coefficient  through  tw  -  CfpV2/2,  and  from  the  definition  of 
the  hydraulic  diameter  (D)  of  the  duct,  Aw  =  4Adx/D.  The  differential  conservation  equations  of 
mass,  momentum  and  energy  for  the  element,  are  therefore  given  by: 
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Together  with  the  equation  of  state  for  the  gas  and  the  definition  of  Mach  number  (in  differential 
form): 
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we  have  five  equations  to  relate  the  seven  variables.  Following  Shapiro  (1953),  area  change 
(dA/A)  and  total  temperature  change  (dT,/Tt)  are  treated  as  independent  variables,  and  differential 
relations  for  all  the  others  can  be  determined  by  elimination.  The  relation  for  Mach  number  is: 
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This  relation  may  be  integrated  to  determine  the  axial  distribution  of  Mach  number  in  ducts  with 
specified  area  and  total  temperature  distributions,  along  with  a  knowledge  of  Cf,  and  all  the  other  I- 
D  flow  properties  of  interest. 

An  example  of  the  use  of  this  methodology  is  plotted  in  Fig.  32.  which  shows  the  properties 
in  a  round  combustor  duct  with  an  initial  diameter  of  0.06m  and  a  divergence  with  area  ratio  of  2. 
In  this  instance  the  properties  at  the  throat  (x2  =  0.0  m)  are  defined  (M2  =  3.60,  p2  =  50  kPa,  T;  = 
650  K.  H,2  =  2.35  MJ/kg)  and  hydrogen  fuel  (hpr  =  1 19,954  kj/kg)  is  injected  at  x3  =  0.2  m  with  an 
equivalence  ration  of  <|>  =  0.50.  The  amount  of  fuel  that  is  allowed  to  react  with  the  air  at  a 
particular  station  is  dictated  by  a  mixing  efficiency  curve.  r|ni(X),  that  takes  the  form: 


1m  =  'h. 
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where  qm,e  is  the  mixing  at  the  end  of  the  combustor.  X  =  (x-x3)/(x4-xj)  and  3  is  an  empirical 
constant  of  order  1  to  1 0  which  depends  of  the  rate  of  mixing  (Reiser  &  Pratt  1 994). 

For  the  current  example.  qme  was  set  to  0.8  and  a  value  of  $  -  5.0  was  used.  The  heat  release  curve 
was  therefore: 

H=Hn_+hp,m„-dQ  (15) 

Skin  friction  was  calculated  based  on  a  Cr=  0.002  and  heat  loss  to  the  structure  (dQ)  was  calculated 
using  Reynolds  analogy. 

Given  the  limitation  of  constant  ratio  of  specific  heats  (y)  and  gas  constant  (R)  in  the 
analysis,  eqn.  13  is  integrated  in  sections  along  the  duct.  In  the  isolator  section  upstream  of  fuel 
injection,  values  of  y  -  1.37  and  R  =  287  J/kgK  were  used.  In  the  combustor,  the  properties  of  the 
real  fuel/air/combustion  products  mixture  varies  with  length,  but  average  values  of  y  =  1 .3 1  and  R  = 
297  J/kgK  were  used.  In  the  isolator  section  of  the  duct  the  Mach  number  reduces  and  the  pressure 
and  temperature  increase  due  to  the  action  of  friction  on  the  duct  surfaces.  At  the  start  of  the 
combustor,  tlow  properties  are  recalculated  to  be  consistent  with  the  values  of  y  and  R  used  in  the 
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combustor  integration,  while  conserving  fluxes  of  mass,  momentum  and  total  enthalpy  across  the 
boundary  between  the  isolator  and  combustor.  Fuel  is  also  added,  and  combustion  along  the  duct 
leads  to  a  drop  in  the  Mach  number,  an  increase  in  the  temperature,  and  the  pressure  varies 
smoothly  in  response  to  the  competing  effects  of  combustion  and  area  increase.  The  peak  pressure 
and  temperature  in  the  duct  are  p/p2  =  2.02  and  1H2  =  2.65.  The  analysis  results  in  an  estimate  of 
the  one-dimensional  properties  of  the  flow  as  it  exits  the  combustor  at  x4  =  0.5  m. 


Mj  =  3.60,  pj  =  50  kPa,  T,  =  650  K,  Ha  =  2.35  M  J/kg,  $  =  0.50 


Figure  32  -  Attached  flow  through  an  isolator  and  divergent  combustor 


For  the  situation  where  flow  separation  occurs  in  the  combustion  region,  the  preceding 
analysis  does  not  provide  a  useful  model  of  the  real  flow,  as  the  area  of  the  core  flow.  Ac,  is  less 
than  the  geometric  area.  The  core  flow  area  represents  a  new  variable,  hence  an  extra  relation  is 
needed  to  close  the  problem.  Figure  33  shows  a  sketch  of  a  supersonic  duct  flow  that  has  been 
separated  by  either  combustion  or  some  other  imposed  back-pressure  (Ortwerth  2001).  The  core 
flow  (region  I)  experiences  a  pressure  gradient  in  the  fomt  of  an  area  constriction  and  shock  train  in 
the  supersonic  region,  and  an  area  increase  once  it  is  decelerated  to  subsonic  conditions.  The 
separated  flow  (region  ill)  balances  the  pressure  gradient  by  shear  stress  on  its  boundary  with 
region  II.  The  pressure  gradient  in  the  core  flow  must  be  equal  to  the  pressure  gradient  that  the 
shear  can  support  in  the  separated  region.  Based  on  a  large  amount  of  experimental  data  at 
different  Mach  numbers,  Reynolds  numbers  and  duct  geometries,  the  pressure  ratio  p/p,  over  a 
length  dx  was  determined  by  Ortwerth  (2001 )  to  vary  as: 


dSELEl  =  AKy{plPi)M2  (16) 

ax 

where  4K  =  44.5Cm  and  Cm  =  the  friction  coefficient  at  the  initial  separation  point. 

This  relationship  essentially  supplies  a  length  scale  required  to  achieve  the  full  pressure  rise. 
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Figure  33  -  Flow  model  for  separation  in  a  duct 


Figure  34  -  Differential  element  of  separated  flow 


A  differential  element  of  the  separated  flow  in  a  duet  is  shown  in  Fig.  34.  The  main 
difference  between  this  and  Fig.  31  is  that  the  core  area  (Ac)  is  less  than  the  geometric  area  (A). 
The  conservation  equations  all  relate  to  the  core  area,  but  friction  and  heat  loss  are  based  on  the 
geometric  area.  In  this  instance,  the  energy  equation,  equation  of  state  and  definition  of  Mach 
number  are  the  same  as  for  the  attached  flow,  but  the  mass  conservation  and  momentum  equations 
are  now: 


*P+^  +  ^  =  Q 

P  V  Ac 


(17) 


dp  yM1  4 Cjdx  yM1  Ac  dV2 
~~p+^l  D~+  2  ~A  V2 


(18) 


Equation  16  is  the  extra  relation  required  to  close  the  separated  flow  problem.  After  a  significant 
amount  of  algebraic  manipulation,  a  relation  for  Mach  number  equivalent  to  eqn.  13  is  as  follows: 
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This  must  be  integrated  in  conjunction  with  the  following  relation  for  Ac/A: 


26 


d(AJA)  

~\-M2{\-y{\-AclA)}' 

( l  +  (y-l)M’^ 

4C  —  + 

fi+r-lA f-YT‘ 

AJA 

yM2  Ac  /  A 

p 

2  AJA  , 

4C'  D 

l  2  )T{ 

An  example  of  the  use  of  this  methodology  is  plotted  in  Fig.  35,  which  shows  the  properties 
in  the  same  round  combustor  duct  as  Fig.  32,  but  with  reduced  throat  Mach  number  and  increased 
fuel  equivalence  ratio.  In  this  instance  the  properties  at  the  throat  are  M2  =  2.65,  p2  =  50  kPa,  T2  = 
650  K  and  H,2  =  1.59  MJ/kg.  Hydrogen  fuel  is  injected  at  x3  =  0.2  m  once  again,  and  is  assumed  to 
combust  with  the  same  mixing  curve  as  before  (eqn.  14).  but  with  an  increased  equivalence  ratio  of 
<j)  =  0.81.  The  same  values  of  y  and  R  were  also  used  for  the  isolator  and  the  combustor.  At  these 
conditions  the  pressure  rise  from  combustion  separates  the  duct  boundary  layer  (Korkegi  1975). 
The  position  at  which  separation  occurs  is  iteratively  chosen  such  that  the  flow  may  re-attach 
smoothly  in  the  divergent  section.  Furthermore,  if  the  core  llow  reduces  to  subsonic  conditions  in 
the  separated  region  (as  in  this  case),  the  flow  must  re-attach  subsonically  and  then  re-accelerate 
through  a  thermal  throat  at  an  axial  position  that  can  be  calculated  apriori,  as  outlined  in  Shapiro 


(1953). 

Figure  35  shows  that  the  separation  point  that  satisfies  these  criteria  is  at  x  =  0.988  m.  The 
core  flow  begins  diffusing  at  this  point  at  a  rate  dictated  by  eqn.  16.  reaching  a  minimum  area  of 
Ac/A2  =  0.616.  Combustion  of  fuel  acts  to  push  the  flow  towards  re-attachment,  which  occurs  at  x 
=  0.284  m  with  M  =  0.961.  The  flow  then  re-accelerates  through  the  thermal  throat  at  x  =  0.295  m. 
Note  that  in  comparison  with  the  attached  flow  example  (Fig.  32),  the  pressure  and  temperature  rise 
in  this  dual-mode  combustion  flow  are  considerably  higher,  peaking  at  p/p2  =  4.24  and  T/T2  =  3.64. 
While  it  is  recognized  that  this  analysis  involves  the  significant  assumption  of  a  perfect  gas,  it  does 
however  contain  all  the  physical  attributes  that  are  exhibited  by  real  flows.  Similar  analyses  of 
combustion  flows  in  thermodynamic  equilibrium  are  presented  in  Auslender  &  Smart  (1999). 


=  2.65,  p2  «  50  kPa,  T,  =  650  K,  HB  =  1 .59  MJ/kg,  $  =  0.81 
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Figure  35  -  Thermally  throated,  separated  flow  through  a  divergent  duct 


In  the  design  of  scramjet  combustors  there  are  some  key  issues  that  must  be  addressed  in 
order  to  arrive  at  a  useful  configuration.  These  are: 

1 .  Adequate  mixing  of  fuel  and  air 

2.  Fuel  ignition  and  flame  holding 

3.  Operation  over  a  range  of  inflow  conditions 
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The  perennial  issue  of  fuel/air  mixing  can  never  be  ignored  in  the  design  of  a  scramjet,  and  this 
issue  becomes  more  difficult  as  the  Flight  Mach  number  increases.  A  multitude  of  fuel 
injection/mixing  schemes  have  been  examined  by  a  multitude  of  researchers,  including  some 
interesting  studies  presented  in  Stalker  et.  al.  (2006)  and  Northam  et.  al.  (1991).  Fuel  ignition  and 
flame  holding  are  of  course  related  to  fuel  mixing.  Fuel  injection  schemes  must  not  only  generate 
fuel/air  mixing,  but  enable  ignition  of  fuel,  followed  by  stablization  of  a  combustion  flame.  At 
lower  flight  Mach  numbers  ignition  aids  such  as  spark  plugs  and  highly  reactive  fuel  additives  are 
used  to  overcome  ignition  problems,  although  fuel  addatives  can  affect  the  specific  impulse  of  the 
engine  if  these  are  required  on  a  continuous  basis.  In  many  instances  it  is  desirable  to  operate  a 
scramjet  over  a  range  of  llight  conditions,  resulting  in  flow  entering  the  combustor  at  a  range  of 
inflow  conditions.  Fuel  scheduling  from  multiple  injection  sites  is  often  used  to  increase  the 
operational  range  of  a  scramjet  combustor. 

4.1.3  Expansion 

The  expansion  process  converts  the  potential  energy  of  the  combusting  llow  to  kinetic 
energy  and  then  thrust.  In  an  airframe- integrated  scramjet,  this  begins  in  the  divergent  sections  of 
the  combustor  and  internal  nozzle,  and  continues  over  a  large  portion  of  the  vehicle  afterbody.  The 
shape  of  the  afterbody  also  detenu ines  the  direction  of  the  gross  thrust  vector  relative  to  the 
vehicles  flight  direction.  An  ideal  expansion  nozzle  would  expand  the  engine  plume  isentropically 
to  the  freest  ream  pressure  assuming  chemical  equilibrium,  and  this  is  the  usual  criterion  that  real 
nozzle  Hows  are  measured  against.  Loss  mechanisms  in  practical  expansion  processes  are  due  to: 

1 .  Under-expansion 

2.  Failure  to  recombine  dissociated  species 

3.  Flow  angularity 

4.  Viscous  losses 

The  weight  of  a  fully-expanding  internal  nozzle/aftbody  would  be  prohibitive  at  most  hypersonic 
flight  conditions,  hence  under-expansion  losses  are  usually  traded  against  vehicle  structural  weight. 
Dissociation  tosses  result  from  chemical  freezing  in  the  rapid  expansion  process  in  the  nozzle, 
essentially  locking  up  energy  that  cannot  be  converted  to  thrust.  I'his  problem  can  be  exacerbated 
by  inefficient  compression,  which  leads  to  higher  than  necessary  temperatures  at  the  start  of  the 
expansion  process.  Flow  angularity  losses  are  a  product  of  varying  (low  directions  in  the  nozzle, 
and  viscous  losses  are  associated  with  friction  on  the  internal  nozzle  and  afterbody  surfaces. 

The  aforementioned  expansion  losses  are  typically  modelled  using  a  nozzle  efficiency 
parameter.  qN,  which  is  applied  as  a  gross  thrust  coefficient  to  the  ideal  stream  thrust  increment 
between  the  end  of  the  combustor  (station  4)  and  the  end  of  the  vehicle  (station  10).  The  ideal 
stream  thrust  increment  is  calculated  by  isentropically  expanding  the  llow  at  station  4  assuming 
chemical  equilibrium  to  either.  ( 1 )  a  specified  area  based  on  an  estimate  of  the  size  of  the  expanded 
plume,  or  (2)  a  specified  pressure  greater  than  or  equal  to  the  freestream  pressure.  Typical  values 
for  the  nozzle  efficiency  range  between  qN  =  0.85-0.95.  At  the  completion  of  this  analysis,  an 
estimate  of  the  1-D  properties  at  the  vehicle  exit  is  obtained,  and  the  based  on  eqn.  3.  an  estimate  of 
the  uninstalled  thrust  of  a  scramjet  can  be  calculated. 

It  would  be  fair  to  say  that  the  design  of  nozzle  expansion  systems  for  airframe- integrated 
scramjet  vehicles  is  one  of  the  least  mature  aspects  of  overall  design  process.  This  may  be  due  to 
the  historical  separation  of  the  propulsion  and  airframe,  with  neither  groups  wanting  to  take  full 
responsibility  for  the  engine  nozzle/vehicle  afterbody.  This  difficulty  is  exacerbated  by  the  fact 
that  the  character  of  the  engine  plume  can  vary  greatly  with  flight  Mach  number  and  engine  throttle 
level.  The  engine  plume  can  also  affect  the  performance  of  vehicle  trim  surfaces  and  flaps. 
Despite  this,  confidence  that  these  issues  can  be  solved  for  practical  vehicles  was  significantly 
increased  by  the  successful  flights  of  the  NASA’s  Hyper-X  vehicle. 
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5.0  Scramjet  applications 

The  “holy  grail”  of  hypersonic  airbreathing  propulsion  is  its  use  as  part  of  a  system  for 
reaching  low  earth  orbit,  either  for  satellites  insertion  or  manned  operations.  At  the  current  stage  of 
scramjet  technology  development,  single-stage-to-orbit  systems  are  not  viable,  however  many 
multi-stage  options  have  been  studied  (Meht  &  Bowles  2001,  Bowcutt  et.  al.  2002).  Turbojets  are  a 
propulsion  candidate  for  the  initial  phase  of  a  flight  to  LEO,  but  are  currently  limited  to  Mach  3+. 
Scramjets  are  a  desirable  candidate  for  the  middle  phase,  particularly  if  the  upper  limit  of  their 
operation  can  be  stretched  to  Mach  I0+.  However,  scramjet  use  in  conjunction  with  turbojets  is 
problematic,  as  the  take-over  Mach  number  of  a  scramjet  designed  to  operate  at  Mach  10  and  above 
is  likely  to  be  Mach  5-6,  in  the  absence  of  significant  variable  geometry.  An  efficient  liquid  fuelled 
rocket  is  a  desirable  candidate  for  the  last  phase  to  LEO. 

An  example  of  a  possible  system  for  acceleration  to  low  earth  orbit  is  described  here,  based 
on  a  rocket-sc  ramjet-rocket  three-stage  vehicle  design  to  lift  approximately  100  kg  to  LEO.  The 
first  stage  is  a  solid  rocket,  chosen  for  its  simplicity  of  operation,  despite  its  low  efficiency.  The 
second  stage  is  a  scramjet  powered  hypersonic  vehicle  with  an  initial  mass  of  3000  kg  that  can 
operate  between  Mach  6  and  12.  This  is  followed  by  a  liquid  fuelled  rocket  third  stage  to  boost  the 
payload  to  LEO. 

5.1  Vehicle  Description 

Booster 

The  initial  booster  is  required  to  achieve  flight  conditions  suitable  for  operation  of  the 
scramjet  from  a  ground  launch.  A  preliminary  sizing  of  this  booster  was  made  assuming  solid  fuel 
rocket  motors,  structural  mass  fraction  ms/m0  =  0,18,  lsp  of  270  seconds  at  sea  level  and  276 
seconds  in  vacuum  and  aerodynamic  data  from  a  typical  ballistic  launch  vehicle  such  as  Ariane  3 
(lsakowitz  1995).  The  requirements  of  the  booster  were  that  it  place  the  3000  kg  scramjet  powered 
second  stage  at  an  altitude  of  27  km,  travelling  at  Mach  6  with  a  flight  path  angle  of  C  =  0.0°.  An 
initial  mass  of  mc  =  10300  kg  was  estimated  from  this  preliminary  analysis  assuming  an  easterly, 
equatorial  launch.  Optimisation  of  the  boost  trajectory  or  use  of  a  higher  performing  rocket  would 
lead  to  a  reduced  m0. 

Scramjet  Powered  Hypersonic  Vehicle 

Waveriders  are  a  class  of  hypersonic  vehicles  that  have  the  capacity  for  high  lift-to-drag 
ratio  (L/D).  These  vehicles  accomplish  this  by  “riding”  the  shock  wave  they  produce  during  flight, 
which  theoretically  remains  attached  to  the  sharp  leading  edges  of  the  vehicle.  These  vehicles  were 
taken  beyond  academic  interest  by  researchers  at  the  University  of  Maryland  who  optimised  their 

shape  to  maximise  L!  D{Volumef  J  /  Apkn]flirm ,  and  accounted  for  viscous  effects  (Bowcutt  et.  al. 

1987).  Integration  of  scramjet  propulsion  systems  into  waverider-derived  hypersonic  vehicles  has 
also  been  studied  (O'Neill  &  Lewis  1992).  The  current  concept  involves  the  use  of  a  seramjet- 
powered  vehicle  based  on  a  waverider  developed  for  Mach  1 4  flight  (Gillum  &  Lewis  1997).  From 
the  predetermined  start  mass  of  3000kg  and  the  average  density  for  a  hydrogen  fuelled  hypersonic 
vehicle,  including  payload,  of  \2Akg!mi( Lewis  2001).  the  volume  of  the  vehicle  was  24.19  nr1. 
Scaling  up  the  waverider  model  to  match  this  volume  results  in  a  vehicle  with  length  =  12.59  m, 
span  =  5.23  m  and  Ap|anform  =  39.05  m2. 

The  experimentally  determined  aerodynamic  coefficients  of  this  waverider  are  listed  in 
Norris  (2006)  for  flight  Mach  numbers  6.  8.  10  and  14.  indicating  that  the  minimum  vehicle  drag 
occurs  at  a  =  -5“  These  coefficients  were  used  in  this  study  for  the  sc ramj et-powered  phase  of  the 
trajectory.  In  the  force  accounting  methodology  used  here,  the  forebody  drag  of  the  vehicle  was 
accounted  to  the  propulsion  system,  whereas  the  external  drag  of  the  propulsion  system  was 
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accounted  to  the  vehicle.  Furthermore,  installation  of  the  scramjet  modules  was  assumed  to  have 
little  effect  on  the  overall  vehicle  lift. 

The  scramjet  propulsion  system  used  in  the  study  was  based  on  the  Rectangular-to- Elliptical 
Shape  Transition  (REST)  Scramjet  configuration  (Smart  1999.  Smart  2001).  This  is  a  three- 
dimensional.  fixed  geometry,  scramjet  flowpath  that  is  integrated  with  the  vehicle  forebody, 
transitions  from  a  rectangular  capture  area  to  an  elliptical  throat,  and  includes  an  elliptical 
combustor.  The  particular  configuration  used  here  was  developed  for  flight  between  Mach  6  and 
12  with  hydrogen  fuel.  Two  views  of  how  multiple  RESTM12  modules  would  appear  installed  on 
a  waverider  are  shown  as  Figs.  36(a)  and  (b). 


Figure  36  -  Hypersonic  waverider  with  RFSTM12  scramjet  propulsion  system  installed 

Orbital  stage 

The  orbital  stage  was  a  separate  rocket  that  would  be  deployed  from  the  scramjet  vehicle 
payload  bay  and  accelerate  the  payload  from  scramjet  shut-down  conditions  to  the  required  200km 
circular  orbit.  A  structural  mass  fraction  of  0.15  was  used  for  the  orbital  stage  with  Isp  =  324s. 
These  values  were  taken  from  the  upper  stage  of  the  Japanese  H2  launch  vehicle  (Isakowitz  1995). 
From  the  mass,  velocity,  altitude  and  flight  path  angle  at  scramjet  shutdown,  the  payload  mass  was 
approximated  using  Hohmann  transfers.  The  orbital  stage  provided  the  propulsion  to  insert  the 
payload  into  a  low  earth  transfer  orbit  with  an  apogee  altitude  of  200km  and  then  to  circularize  the 
orbit  at  200km. 
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5.2  Trajectory  Simulation 

The  software  used  for  trajectory  simulation  was  a  Fortran  based  code,  originally  developed 
at  the  Space  Systems  Institute  in  Stuttgart.  Germany.  The  dynamic  equations  were  taken  from 
Burkhardt  (2001)  and  describe  a  3  degree-of-freedom  trajectory  over  a  rotating  earth  model,  using  a 
4th  order  Runge-Kutta  integration  technique.  A  spheroidal  earth  model  was  used  to  determine  the 
radius  of  the  Earth  at  given  latitudes.  A  4th  order  gravitational  model  (Regan  &  Anandakrishnan 
1993)  was  implemented  to  approximate  the  Earth's  gravitational  field,  and  the  atmospheric 
parameters  were  calculated  using  the  Mass  Spectrometer  Incoherent  Scatter  Experiment  1993 
(MS1SE  93)  atmosphere  model  (Tetlow  2003). 

The  boost  flight  segment  was  controlled  by  a  launch  elevation,  azimuth  and  position.  The 
scramjet  flight  phase  was  controlled  using  a  parameter  set  of  angie-of-attack  as  a  function  of  time. 
The  aim  of  the  control  strategy  was  to  achieve  as  high  an  altitude  and  flight  path  angle  as  possible 
at  a  shut-off  flight  Mach  number  close  to  12.  The  trajectory  was  also  controlled  to  maintain 
dynamic  pressure  between  50  and  lOOkPa.  Although  several  runs  were  performed  to  understand 
the  dominant  parameters  governing  the  trajectory,  no  optimisation  of  the  scramjet  phase  was 
performed  in  this  preliminary  study. 

5.3  Scramjet  Propulsion  Database  Generation 

The  propulsion  module  used  for  the  example  follows  the  form  outline  in  section  4,  and  it 
was  developed  from  the  calculated  performance  of  a  fixed  geometry,  REST  scramjet  engine  that 
has  a  design  point  of  M0  =  12.0.  but  remains  operational  down  to  Mo  =  6.0.  This  engine  will  be 
referred  to  here  as  the  RESTM12  scramjet  and  is  considered  to  be  a  near-term  configuration  that 
could  be  envisaged  to  fly  within  the  5-10  years. 

During  a  trajectory  calculation  the  trajectory  program  makes  calls  to  the  propulsion  module 
to  obtain  the  specific  thrust,  specific  impulse,  and  equivalence  ratio  of  the  engine  for  a  particular 
flight  velocity,  angle-of-attack  and  altitude.  The  RESTM12  scramjet  is  designed  to  operate  at  qo  - 
50  kPa  in  conjunction  with  a  vehicle  forebody  compression  equivalent  to  that  generated  by  a  6° 
wedge.  Analysis  of  the  waverider  vehicle  forebody  over  the  Mach  6- 1 2  flight  regime  indicated  that 
at  a  =  0°  it  generates  a  pre-compression  equivalent  to  an  8°  wedge.  Given  this,  the  nominal  angle- 
of-attack  for  the  vehicle  was  assumed  to  be  a  =  -2°.  Hence  the  engine  was  installed  on  the  vehicle 
so  that  the  thrust  vector  of  the  engine  was  parallel  with  the  velocity  vector  wlien  the  vehicle  was  at 
a  =  -2°.  The  operational  angle-of-attack  range  for  the  engine  was  assumed  to  be  +/-  3  deg,  about 
the  nominal,  so  that  the  angle-of-attack  limits  for  the  vehicle  were  set  to  a  =  -5°  and  +1°.  As 
already  mentioned,  the  vehicle  had  minimum  drag  and  zero  lift  at  a  -  5°. 

A  database  was  created  for  the  RESTM12  flowpath  using  the  compression,  combustion  and 
nozzle  expansion  models  described  in  section  4.  This  was  based  on  calculations  performed  for  M(, 
=  6.0,  8.0.  10.0  and  12.0,  at  vehicle  a  =  -6.0,  -4.0,  -2.0,  0.0  and  +2.0  degrees,  and  qo  =  50  kPa.  All 
calculations  were  performed  with  <|>  =  1.0,  except  for  the  M0  =  6,0  calculations,  where  the  engine 
reached  its  operability  limit  at  <  1.0.  This  characteristic  was  due  to  the  fad  that  the  RESTM12 
scramjet  was  designed  with  a  contraction  ratio  and  combustor  divergence  suitable  for  operation  at 
M0  >  10,  and  is  one  of  the  real  world  compromises  that  must  be  made  in  a  fixed  geometry  engine. 

The  three  propulsion  parameters  required  by  the  trajectory  code  were  the  uninstalled 
specific  thrust,  /=  AF/  m0  =  (Fio  —  F0)//w0,  the  specific  impulse  of  the  engine,  Isp  =  AF/(g  *mf ), 

and  equivalence  ratio,  <|>  =  m(1 ).  The  calculations  used  in  the  database  were  performed  for 

a  single  engine  with  a  capture  width,  wcap  =  0.15  m;  i.e.  at  wind-tunnel  model  scale.  It  was 
assumed  that  the  propulsion  parameters  calculated  in  this  way  can  be  conservatively  used  for  larger 
engines.  A  lower  limit  of  q0  =  30  kPa  was  placed  on  the  use  of  the  database  due  to  kinetic 
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limitations  related  to  low  pressures  entering  the  combustor.  Three  RESTM12  scramjet  modules 
were  used  tor  the  baseline  trajectory  calculation  discussed  in  the  next  section,  each  with  a  width  of 
wcap  =  0.76  m.  This  scale  allowed  smooth  integration  with  the  12.59  m  length  vehicle. 


5.4  Baseline  LEO  T rajectory 

The  solid  rocket  booster  supplied  the  3000  kg  scramjet  powered  vehicle  at  an  altitude  h  =  27 
km,  velocity  V  =  1804.5  m/s,  and  flight  path  angle  of  C,  -  0.0  degrees.  This  corresponds  to  a  flight 
Mach  number  M  =  6.01  and  dynamic  pressure  q  =  48.0  kPa.  An  equatorial  launch  in  an  easterly 
direction  was  also  assumed.  Figure  37  shows  Mo.  qo  and  a  for  a  baseline  272.5  second  scramjet 
powered  acceleration  that  reached  Mo  -  1 1.73  at  scramjet  shutdown.  The  dynamic  pressure  was 
controlled  through  variation  of  angle-of-attack  to  stay  within  the  required  range  (50-100  kPa). 
Note  that  a  was  kept  between  -4.0  and  -5.0  degrees  to  accomplish  this,  indicating  that  the  high  lift 
capability  of  the  vehicle  was  not  utilized.  A  key  result  of  this  preliminaiy  analysis  appears  to  be 
that  high  L/D  is  not  required  for  hydrogen  fuelled  scramjets. 

Figure  38  shows  plots  of  vehicle  drag  and  engine  thrust  over  the  trajectory,  along  with  the 
vehicle  mass.  Positive  net  thrust  (Thrust-Drag)  is  key  to  achieving  useful  AV  with  the  available 
fuel.  Figure  38  indicates  that  up  to  Mo  -  II  the  vehicle  maintained  a  strong  level  of  net  thrust, 
whereas  above  Mo  =  1 1  net  thrust  was  diminishing.  Figure  39  shows  plots  of  vehicle  altitude  and 
velocity  during  the  scramjet  powered  phase,  indicating  an  altitude  of  h  =  37.15  km  and  velocity  of 
V  -  3745  m/s  at  scram  jet  shutdown.  The  scramjet  consumed  1356  kg  of  hydrogen  fuel  (45.2%  of 
the  vehicle  starting  mass)  and  covered  807.6  km.  leaving  a  vehicle  mass  at  the  end  of  the  scramjet 
phase  of  1644  kg. 

A  fortunate  aspect  of  the  trajectory  was  that  the  vehicle  was  able  to  operate  close  to  its 
minimum  drag  orientation  for  most  of  the  scramjet  powered  flight.  This  was  possible  because  of 
the  low  lift  requirements  of  the  vehicle.  Furthermore,  assuming  a  fuel  density  of  85  kg/m' 
consistent  with  slush  hydrogen,  1356  kg  of  fuel  corresponds  to  a  volume  of  15.95  m\  which  is 
65.9%  of  the  entire  vehicle  volume.  It  would  appear  that  a  waverider  most  suitable  for  access-to- 

space  applications  should  be  optimised  for  maximum  (Volumey  3  /  Apltmhrm  iCD.  Trajectory 

optimisation  for  maximum  fuel  efficiency  was  not  performed  here,  but  would  result  in  reduced  fuel 
consumption. 


Figure  il  -  Flight  Mach  number,  angle-of-attack  and  dynamic  pressure  of  baseline  trajectory 
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Figure  38  -  Thrust,  Drag  and  vehicle  mass  for  the  baseline  trajectory 


Figure  39  -  Altitude  and  velocity  of  baseline  trajectory 


Analysis  of  the  Hohmann  transfers  required  to  lift  the  final  stage  to  a  200  km  circular  orbil 
indicated  a  final  payload  mass  of  102.7  kg.  Recalling  that  the  estimated  launch  mass  of  the  system 
was  10300  kg.  the  current  analysis  results  in  a  payload  fraction  nip/m0  =  0.0997  ~  1%.  This 
preliminary  result  is  promising  enough  to  consider  refinements  to  the  analysis  (including  trajectory 
optimization  of  boost  and  scranijet  phases)  and  a  higher  performing  booster.  Greatest  improvement 
in  the  scramjet  phase  would  result  from  increased  net  thrust  at  Mach  10+.  This  could  be  achieved 
through  higher  engine  thrust  and/or  reduced  vehicle  drag. 
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INTRODUCTION 

The  potential  benefit  of  an  operational  hypersonic  system  has  driven  continued  research  in  the  United 
States  in  basic  and  applied  technologies.  The  goal  is  to  progress  beyond  the  demonstration  of  core 
principals,  and  begin  to  utilize  hypersonic  flight  within  the  atmosphere  to  deliver  revolutionary 
capabilities. 

The  X-43A  program  delivered  clear  and  convincing  evidence  that  the  propulsive  principles  of 
hypersonic  flight  are  understood.  For  the  first  time  the  test,  analysis,  and  design  tools  that  evolved 
over  40  years  of  research  were  brought  together  to  yield  a  working  hypersonic  air-breathing  vehicle. 
The  hydrogen  fuelled  vehicle  accomplished  all  of  its  validation  objectives,  performing  flawlessly  at 
Mach  numbers  near  7  and  10  in  two  successive  flights.  The  engine  produced  thrust  at  Mach  7  in 
excess  of  drag  to  yield  positive  acceleration,  and  at  Mach  10,  produced  sufficient  thrust  to  balance 
drag,  or  cruise.  As  the  prime  contractor  for  NASA,  ATK  GASL  had  the  unique  perspective  of  seeing 
the  complete  program  from  start  to  finish.  Although  very  important,  these  flights  are  only  a  first  step 
on  a  long  path  to  an  operational  capability. 

There  is  more  work  to  be  done  in  the  optimization  and  maturity  of  designs  for  hypersonic  engines.  As 
compared  to  rocket  propulsion  which  currently  achieve  most  of  the  hypersonic  missions  of  interest, 
hypersonic  air-breathing  propulsion  is  extremely  immature.  This  most  common  criticism  of  air- 
breathing  propulsion  together  with  an  as  of  yet  unjustified  perception  of  high  cost,  has  hindered 
funding  for  applications  development. 

Over  the  past  10  years,  ATK-GASL  has  worked  to  advance  hypersonic  propulsion  technologies  by 
increasing  maturity,  identifying  more  practical,  lower  cost  designs,  and  transitioning  from  ground  test 
to  flight  test.  Our  objective  is  to  develop  a  line  of  engine  designs,  aligned  with  envisioned  mission 
requirements,  and  with  a  focus  on  manufacturability  at  an  affordable  cost  in  production.  We  have 
identified  propulsion  system  components,  integrations,  as  well  as  practical  ground  and  flight  test 
strategies  to  push  the  technological  maturity,  and  accumulate  in-flight  operational  experience. 

An  evaluation  of  the  National  Aerospace  Initiative  by  a  National  Research  Council  committee  in  2004 
identified  four  critical  and  enabling  technologies  that  must  be  matured  to  TRL  6-7  (System/Sub¬ 
systems  Prototype  Evaluation  in  a  Relevant/Operating  Environment)  to  support  future  missile  systems, 
aircraft  systems  and  access  to  space  systems:1 

•  Air-breathing  propulsion  and  flight  test, 

•  Materials,  thermal  protection  systems  (TPSs),  and  structures, 

•  Integrated  vehicle  design  and  multidisciplinary  optimization,  and 

•  Integrated  ground  testing  and  numerical  simulation/analysis. 

Our  research  has  focused  to  some  degree  on  each  of  these  areas.  This  lecture  will  review  specific 
examples  that  have  addressed  these  needs. 
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HYPERSONIC  ENGINE  RESEARCH  PROGRESS 


Depending  on  the  mission  scenario  for  the  vision  vehicle  design,  the  propulsion  cycle,  engine 
configuration  and  the  choice  of  fuel  for  the  engine  vary.  Figure  I  shows  a  collection  of  hypersonic 
engine  systems  for  which  ATK  GASL  has  played  a  significant  role  and  that  have  been  carried  through 
significant  ground  tests  or  to  flight  test:  the  X-43A.  HyTech,  ATK  TTRJ.  and  Dual  Combustor 
Ramjet.  These  scramjet  designs  utilize  a  variety  of  inlet  concepts  ranging  from  planar  two- 
dimensional  to  highly  three  dimensional  designs.  Likewise,  combustor  geometries  also  vary  from  high 
aspect  ratio  (width  /  height)  rectangular  to  circular. 

During  the  National  Aerospace  Plane  (NASP)  program  era  in  the  late  I980's  to  early  1990’s,  two- 
dimensional  inlet  /  rectangular  combustor  geometries  became  the  baseline  for  which  significant  tool 
and  technology  development  was  performed.  The  principle  reasons  for  selection  of  this  engine 
architecture  were  driven  by  the  desire  to  maximize  the  airbreathing  portion  of  the  flight  envelope  for  a 
Single-Stage  To  Orbit  (SSTO)  vehicle  AND  the  need  to  build  a  flight  vehicle  in  5  years.  These 
requirements  drove  the  following  considerations: 

•  Multi-Disciplinary  Optimization  (MDO)  techniques  necessary  to  optimize  engine/vehicle 
integration  demanded  utilization  of  tools  capable  of  rapid  design  iteration.  Although 
Computational  Fluid  Dynamics  (CFD)  capabilities  were  maturing  rapidly,  analysis  for  two- 
dimensional  designs  was  considered  to  be  more  advanced  at  the  time  than  for  other,  more 
generalized  shapes. 

•  High  engine  efficiency  over  a  very  wide  Mach  number  range  (M  =  0  to  15+)  required 
significant  variable  geometry  in  both  the  inlet,  combustor  and  nozzle  section  to  optimize 
engine  contraction  ratio,  combustion  efficiency,  and  nozzle  expansion  ratio.  The  need  to 
rapidly  develop  engines  for  a  flight  vehicle  drove  the  architecture  to  two-dimensional  planar 
which  allows  the  most  straightforward  movement  of  engine  walls  to  accomplish  the  needed 
variable  geometry  in  a  vehicle  integrated  configuration. 

Since  the  NASP  era.  which  ended  over  10  years  ago.  several  factors  have  changed  the  hypersonic 
landscape.  Although  SSTO  is  still  the  dream  of  some,  most  of  the  hypersonic  community  has  adopted 
a  more  pragmatic  approach  that  focuses  on  the  following  configurations  and  missions: 

•  A  first  stage  of  a  Two-Stage-To-Orbit  (TSTO)  concept  that  utilizes  either  a  turbine  or  rocket- 
based  accelerator  as  well  as  a  rocket-stage  for  orbital  insertion.  The  fuel  of  choice  varies,  but 
again  most  vision  applications  do  not  require  scramjet  operation  above  about  Mach  8-10. 

•  A  cruise  aircraft  which  uses  similar,  although  much  larger  scale,  ramjets  or  scramjets  that 
again  operate  between  Mach  3+  up  to  Mach  7  or  8. 

•  A  hydrocarbon-fueled  ramjet  or  scramjet  powered  long  range  cruise  missile,  boosted  via  a 
solid  rocket  to  Mach  3-4  and  with  ultimate  airbreathing  speed  capability  between  Mach  5  and 
8. 

•  A  gun-launched  air-breathing  powered  projectile  capable  of  very  long  range.  Packaging  of 
this  configuraiton  in  gun-tube  diameters  and  use  of  high  density  fuels  presents  unique 
challenges  in  the  ramjet-scramjet  design  space. 

The  energy  required  for  a  ramjet  or  scramjet  to  ultimately  accelerate  a  vehicle  to  Mach  5  or  even  Mach 
10  from  a  takeover  condition  of  about  Mach  3  is  a  fraction  of  the  requirement  imposed  by  NASP. 
Therefore,  the  need  for  optimum  engine  efficiency  via  extreme  engine  flowpath  geometry  variations 
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gives  way  to  other  considerations  of  weight,  surface  area,  volume,  simplicity  and  affordability  for  the 
more  pragmatic  applications  envisioned  today. 

Another  factor  that  has  changed  the  post-NASP  landscape  is  the  evolution  of  CFD  and  processing 
capability  allowing  M DO-based  optimization  of  engine  and  vehicle  configurations  with  much  more 
general  shapes.  Significant  effort  is  underway  in  the  US  and  abroad  to  develop  stream-line  traced 
inlets  and  engine/airframe  integrations  with  both  superior  inlet  recovery  and  vehicle  lift  /  drag 
characteristics.  This  capability  has  been  enabled  via  development  of  CFD  algorithms,  computer 
processing  capability  and  design  automation  tools  to  the  point  that  development  of  geometries,  grid 
generation  and  computation  for  generalized  shapes  now  take  a  fraction  of  the  time  relative  to  two* 
dimensional  geometries  of  the  NASP-era, 

These  factors  have  also  opened  up  the  design  space  for  combustors,  and  isolators  which  connect  these 
unique  inlets  to  the  combustor.  As  the  highest  pressure,  highest  temperature  component  in  any 
airbreathing  engine,  optimization  of  the  combustor  within  performance,  weight,  surface  area,  volume, 
simplicity  and  affordability  factors  mentioned  earlier  is  key  to  enabling  practical  scramjet  systems. 

Following  the  demise  of  N  ASP  in  1994,  evolution  of  the  two-dimensional  engine  architecture  design 
methods,  tools  and  technology  continued  via  both  the  NASA  Hyper-X  and  the  USAF  MyTech 
programs.  Today,  we  have  demonstrated  this  technology  in  flight  via  the  Mach  7  and  10  flights  of  the 
hydrogen  fueled  X-43A.  Additionally,  the  HyTech  program  has  demonstrated,  via  ground  test,  the 
viability  of  flight- weight  two-dimensional  hydrocarbon  fuel-cooled  scramjcts,  The  next  step,  bringing 
these  systems  to  flight,  will  occur  via  the  USAF  X-5I  program  with  flights  scheduled  in  late  2008  / 
early  2009. 

During  this  period,  3 -dimensional  engine  architectures  continued  to  make  advances  with  attention  on 
more  specific  applications.  The  Johns  Hopkins  Applied  Physics  Laboratory  continued  development  of 
the  Dual  Combustor  Ramjet  concpet  that  utilizes  a  round  scramjet  combustor/  This  concept  has  had 
extensive  ground  testing  and  was  flight  tested  at  Mach  5.5  conditions  by  ATK  GASL  in  2005.  In  the 
gun-launched  area  the  ScraniFire  projecitle  was  successfully  flight  tested  in  2003, 

X-43A 

ATK  GASL  worked  together  with  NASA  to  execute  the  design  and  fabrication  and  (Tight  test  of  the  X- 
43  A  flight  vehicle  and  propulsion  systems.  Following  in  the  footsteps  of  the  NASP  program,  the  X- 
43A  engine  design  was  derived  from  a  vision  200-ft  Global  Reach  vehicle. 

Scaling  to  the  12-foot  long  X-43A  vehicle  (Figure  2)  was  executed  by  NASA  using  a  series  of  Cycle 
code  and  CFD  code  methods,3  The  propulsion  system  architecture  is  predominantly  two-dimensional 
and  allows  for  a  movable  cowl  door  that  is  opened  to  initiate  and  facilitate  started  supersonic  flow 
through  the  engine.  The  smaller  scale  results  in  higher  heat  loads  on  a  per-unit  area  basis  which  made 
the  thermal/structural  design  of  the  engine  challenging.  The  following  discussion  concerns  the 
implementation  of  the  engine  design  and  the  fuel  supply  system.  The  details  of  the  X-43A  mission  are 
presented  in  reference  [4] 

The  engine  is  manufactured  as  a  self-contained  unit  Figure  3.^  It  incorporates  a  rectangular  flowpath, 
and  is  of  airframe-integrated  design  where  the  vehicle  forebody  and  afterbody  provide  external 
compression  and  expansion  surfaces  which  are  continuations  of  the  internal  compression  and 
expansion  surfaces  within  the  engine.  It  operates  on  gaseous  hydrogen  fuel  with  a  silane  igniter;  to 
provide  sufficient  run  time  the  hydrogen  and  hydrogen/silane  igniter  mixture  are  stored  at  8500  and 
4500  psi,  respectively.  The  Glidcop  engine  section  is  attached  to  a  stainless  steel  strongback,  which  in 
turn  connects  it  to  the  airframe,  A  key  feature  of  the  engine  is  the  actuated  inlet  cowl  door,  which 
protects  the  internal  flowpath  during  boost,  opens  for  engine  operation,  and  then  closes  again  during 
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the  vehicle  descent  from  the  test  point.  Both  the  cowl  and  the  vertical  leading  edges  of  the  engine  are 
sharp-edged  and  water-cooled  for  thermal  protection  during  boost  and  engine  operation.  Zirconia 
coating  is  used  on  the  forward  section  of  the  engine  cowl  and  in  key  places  throughout  the  engine  for 
additional  thermal  protection.  The  vehicle  subsystems  also  incorporate  a  nitrogen  purge  system,  which 
additionally  provides  cooling  of  certain  vehicle  subsystems  during  the  flight  test  phase. 

Results  of  the  X-43A  flight  and  ground  tests  yielded  new  confidence  in  the  ability  of  design  and 
analysis  tools:  cycle,  computational,  and  test  assets  to  effectively  develop  a  hypersonic  engine  of 
desired  performance.  Figure  4  shows  a  comparison  of  engine  pressures  as  measured  in  the  NASA 
Langley  8-Foot  High  Temperature  Tunnel  as  compared  to  flight  data/  The  tunnel  is  combustion 
heated  using  methane  fuel  and  the  test  gas  is  consequently  vitiated  with  products  of  hydrocarbon 
combustion.  Despite  these  test  gas  composition  differences,  the  comparison  shows  the  data  to  be  very 
consistent.  Although  this  level  of  agreement  is  encouraging,  the  configuration  and  operating  condition 
dependence  of  this  result  must  be  further  considered. 

HyTech  and  X-51  Scram  jet  Programs6 

The  US  Air  Force  HyTech  and  subsequent  X-51  programs  are  focused  on  development  and  flight  test 
of  a  scramjet  engine  with  a  storable  liquid  hydrocarbon  fuel  in  an  endothermic  cycle.  Supporting 
technologies  including  inlets,  composite  leading  edges,  heat  exchangers,  and  flame-holding  devices, 
were  all  developed  early  in  the  HyTech  program.  These  developments  were  followed  by  a  full-scale 
demonstration  of  the  engine  design  in  a  heavy-weight,  heat-sink  flowpath  called  the  Performance  Test 
Engine  (PTE),  shown  in  Figure  5  at  test  in  the  ATK  GASL  Test  Bay  6  Blowdown  facility.  General 
architecture  of  the  engine  is  also  shown  in  Figure  5  of  a  Direct  Connect  test  article. 

More  recent  efforts  are  focused  on  developing  flight- weight  engines  that  feature  fuel -cooled  walls 
operating  in  an  endothermic  cycle.  Figure  6.  Fuel  is  pumped  from  a  holding  tank  through  all  four  walls 
of  the  engine  to  provide  cooling.  In  the  process  of  cooling,  the  fuel  (JP-7)  is  vaporized  and  eventually 
is  partially  cracked.  This  highly  reactive  vapor  is  then  directed  to  any  or  all  of  the  five  fueling  sites  in 
the  engine  via  flowcontrol  valves  capable  of  handling  the  high  temperature  gas.  The  practical  limit  of 
this  process  is  coking  limit  of  the  fuel.  Since  coking  within  the  cooling  channels  must  be  avoided  at  all 
costs,  temperatures  arc  controlled  to  values  safely  below  the  coking  temperature.  This  limits  the 
hydrocarbon  fueled  scramjet  engine  to  approximately  Mach  8. 

Subsequent  test  of  the  HyTech  engine  were  conducted  in  the  Ground  Demonstration  Engine  Number 
One  (or  GDE-1)  also  run  at  A TK-GASL  and  most  recently  in  the  GDE-2  engine  tested  at  the  NASA 
LaRC  8'HTT.  The  objective  of  these  programs  was  to  demonstrate  the  thermal  response  and  the 
structural  durability  of  the  fuel-cooled  construction.  In  GDE-I  the  engine  was  operated  in  an  “open 
loop"  manner  where  separate  fuel  lines  provided  for  fuel  cooling  and  for  combusted  fuel.  The  fuel 
introduced  to  the  combustor  is  first  passed  through  a  facility  heater  where  the  fuel  is  vaporized  and 
partially  cracked,  simulating  passage  through  the  engine.  This  mode  of  operation  was  required  since  it 
was  required  that  the  engine  be  “over-cooled"  initially  until  fuel  distributions  could  be  accurately 
determined.  In  each  test  series  the  engine  was  cooled  at  three  times  the  expected  flow  rates  and  then  at 
progressively  reduced  rates  until  a  cooling  flow  rate  was  achieved  that  matched  fueling  requirements 
of  the  combustor.  In  the  GDE-2  engine  tests  the  fuel  was  standard  JP-7  fuel  in  a  closed-loop 
configuration  at  Mach  5  conditions  to  both  cool  engine  hardware  and  fuel  the  engine's  combustor7. 

TheX-51  A  flight  program  will  carry  the  GDE  engines  through  flight  test.  Figure  7.  This  flight  program 
will  demonstrate  the  operation  of  the  endothermically  fueled  scramjet  engine  using  a  single  flowpath 
and  fixed-geometry  inlet.  The  waverider  derived  vehicle  will  be  launched  on  an  ATACMS  Booster  to 
accelerate  the  test  vehicle  to  a  scramjet  takeover  Mach  number  of  4.5  with  the  scramjet  engine  further 
accelerating  the  vehicle  to  approximately  Mach  7.  The  engine  features  a  9-in  wide  flowpath. 


Vppnncd  fur  Public  Release 
\  \  I'O  R  I  O  I  ebruarv  2(1.  2(111 


Dual  Combustor  Ramjet 

The  Dual  Combustor  Ramjet  (DCR)  propulsion  system  has  been  developed  by  John-Hopkins  Applied 
Physics  Laboratory.  In  the  DCR ,  a  subsonic  combustion  ramjet  is  used  as  the  pilot  to  a  scramjet 
engine,  enabling  efficient  operation  over  a  wider  range  of  supersonic  and  hypersonic  Mach  numbers 
using  logistically  suitable  fuels/  This  novel  combination  of  subsonic  and  supersonic  combustion  in  a 
combined  flowpath  (Figure  8)  attacks  the  challenging  problem  of  liquid  fuel  evaporation  and 
combustion  without  regenerative  fuel  cooling  as  in  the  Hytech  engine.  The  overall  combined  flowpath 
architecture  can  be  packaged  into  a  missile  type  configuration  with  a  round  combustor,  and  is  a 
notable  excursion  from  the  generally  two-dimensional  configurations  discussed  previously. 

Recently,  a  Dual  Combustor  Ramjet  propulsion  system  was  implemented  in  support  of  a  flight  test 
program  at  ATK  GASL.  The  objective  of  this  program  was  to  develop  a  low-cost  Free-Flight 
Atmospheric  Scramjet  Test  Technique  (FASTT).  This  concept  uses  sounding  rockets  and  their  mature 
launch  support  infrastructure  to  ferry  scramjet  powered  payloads  to  hypersonic  flight  conditions. 

One  major  objective  of  the  program  was  to  compare  ground  test  engine  performance  and  operability 
data  for  comparison  to  flight  data.  A  freejet  test  article  was  built  at  the  same  scale  as  the  flight  engine 
and  tested  in  the  ATK  GASL  Test  Bay  6  Blowdown  Facility.  The  test  article  shown  in  Figure9  was 
designed  for  multiple  tests  of  approximately  30  seconds  duration.  A  predominantly  heat  sink  design 
approach  was  used  with  construction  from  heavy-weight  copper  and  nickel  alloys.  Water  cooling  was 
necessary  for  certain  high  thermal  load  combustor  regions. 

The  design  requirements  for  the  flight  test  called  for  on  condition  operation  at  approximately  Mach  5.5 
for  30  seconds.  Throw  weight  considerations  precluded  copper  construction,  so  a  combination  of  high 
temperature  nickel  alloys  and  ablative  linings  were  used  for  thermal  management.  Fuel  was  stored  in 
a  bladder  system  and  pressure  fed  via  regulated  gas  supply,  The  engine  was  instrumented  for  pressure 
and  temperature  measurement.  Ignition  was  provided  by  a  small  solid-propellant  gas  generator  that 
ignited  the  subsonic  ramjet  leg  of  the  dual  combustor. 

The  successful  flight  test  will  be  described  subsequently.  From  an  engine  perspective  all  objectives 
were  met.  Following  separation  from  the  booster  system,  and  shroud  disposal,  fuel  flow  was  initiated 
and  the  igniter  system  initiated  combustion.  Two  levels  of  fuel  flow  were  used.  The  initial  rate  was 
set  near  stoichiometric  in  the  ramjet  pilot  combustor  to  assure  robust  ignition.  This  was  fooled  by  a 
higher  flow  to  achieve  fuel  rich  conditions  in  the  ramjet,  as  needed  to  fuel  the  supersonic  combustor. 

Correlation  between  flight  to  ground  data  underway.  Preliminary  comparisons  show  excellent 
agreement  when  heat  losses  are  accounted  in  the  different  test  articles. 


Gun-Launched  Scramjet 

A  series  of  Gun  Launched  scramjet  designs  were  executed  to  demonstrate  the  feasibility  of  subscale 
gun-launch  as  a  means  to  provide  low-cost  scramjet  free-flight  data'.  Gun-launch  was  used  to 
accelerate  a  projectile  to  scramjet  take-over  speeds  and  for  flight  in  an  atmospherically  controlled 
ballistic  range.  The  objective  vehicle  was  a  nominal  20-inch  diameter  missile  operating  over  Mach  6- 
8.  Pressure-Dimension  (p-D)  scaling  rules  were  adopted  to  set  conditions  in  the  range  to  achieve 
comparable  engine  operation  to  the  full  scale  vehicle  in  flight  at  altitude. 

The  engine  design  for  the  projectile  was  driven  by  the  requirements  for  packaging  within  the 
constraints  of  a  hypervelocity  launch  tube  of  4”  to  8"  diameter,  capability  to  withstand  the  gun  set 
back  acceleration,  projectile  stability  in  flight,  and  need  for  a  self  contained  fuel  system,  and  onboard 
instrumentation  and  telemetry. 
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Initial  design  iterations  focused  on  a  2-dimensional  derived  annular  configuration  wrapped  around  a 
cylindrical  centerbody  as  shown  in  Figure  10.  These  designs  proved  difficult  to  optimize  for  both 
performance  and  strength  for  the  gun-launch  environment.  Subsequent  successful  designs  tike  that 
shown  in  Figure  1 1  used  multiple  3-dimensional  engine  modules  positioned  around  the  centerbody. 
allowing  for  more  optimal  structure  to  support  compression  in  the  projectile  axis  direction. 

1'he  projectile  design  had  eight  scramjet  engines  mounted  around  cylindrical  centerbody  ft  included 
an  onboard  fuel  storage  and  operating  ethylene  fuel  system.  The  set-back  accelerations  in  the  gun- 
tube  are  in  the  range  of  10,000  G.  and  were  a  significant  driver  on  the  projectile  design.  The  overall 
integrated  projectile  was  verified  computationally  including  aerothermal  and  structural  loads.  The 
propulsion  design  was  carried  out  using  a  mix  of  CFD  and  cycle  codes  and  then  verified 
experimentally  in  direct-connect  wind  tunnel  tests. 

Direct  connect  wind  tunnel  tests  were  performed  to  evaluate  the  combustor  and  isolator  designs  and  to 
build  a  comparative  performance  database  with  which  to  compare  flight  data.  The  engine  design  was 
tested  using  a  7x  scale  model  in  the  GASL  Test  Bay  1  direct-connect  facility  to  determine  modes  of 
operation  and  fueling  strategies.  To  correctly  capture  the  performance  of  the  engine,  the  facility 
conditions  were  set  using  pressure-dimension  scaling,  using  the  same  methodlogy  as  between  the 
range  and  the  objective  vehicle.  Experiments  showed  that  while  the  flow  path  and  flame-holding 
strategies  were  adequate  for  the  current  application,  the  fuel  injection  pattern  needed  to  be  rc-designed 
to  improve  engine  performance.  Subsequent  testing  with  modified  injection  schemes  validated  the 
alteration. 

NEW  DIRECTIONS  IN  HYPERSONIC  ENGINE  RESEARCH10 

The  combination  of  revised  requirement  for  hypersonic  flight  vehicles  and  the  advancements  in 
computing  capability  has  resulted  on  a  renewed  focus  on  non-reetangular  isolator  and  combustor 
geometries  for  near  term  practical  scramjet  propulsion  systems*  From  a  surface  area  and  structural 
weight  point  of  view,  circular  cross  sections  offer  the  most  benefit.  However  the  performance 
characteristics  of  scramjet  ducts  are  often  characterized  in  terms  of  length  /  diameter  due  to  the  natural 
formation  of  shock  trains  and  the  fuel  injection  and  mixing  characteristics  associated  with  isolator  and 
combustor  ducts,  respectively.  Without  due  care,  the  net  result  could  be  the  requirement  for  a  much 
longer  circular  vs,  high  aspect  ratio  (width  /  height)  two-dimensional  duct  to  obtain  the  same 
performance,  thus  negating  the  benefits  of  cross-section. 

Isolator  and  Combustor  Geometry  Considerations 

To  examine  flow  area  and  structural  weight  benefits,  a  finite  element  analysis  for  a  combustor  duct 
operating  at  typical  scramjet  conditions  with  combined  pressure  and  thermal  stresses  was  performed* 
The  scale  of  the  duct  utilized  is  typical  of  a  missile-scale  system*  It  should  be  noted  that  these  trends 
are  scale  dependent,  with  slightly  different  trends  exhibited  at  larger  scales*  The  analysts  ground  rules 
and  assumptions  are  summarized  below: 

•  Flowpath  area  held  constant  at  10  in2 

•  W  all  thickness  held  constant  at  0*  1 5  in 

•  30%  of  material  removed  for  cooling  passages 

•  Material  is  Inconel  718 

•  Stress  limit  is  65  ksi  (80%  yield  point  strength  at  I300°F) 
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Deflection  limit  is  2%  area  change 


•  Pressure  in  flowpath  is  100  psi 

•  Thermal  Gradient  is  400°F 

The  analysis  results  are  shown  in  Figure  12.  Also  shown  is  the  typical  wall  cross-section  which 
represents  a  0.15  inch  thick  cooled  wall  constructed  of  Inconel  718.  From  these  results,  it  can  be  seen 
that  circular  cross-sections  provide  13%  less  wetted  or  surface  area  to  flow  area  than  square  and  25% 
less  than  a  typical  3:1  aspect  ratio  rectangular  duct.  Reductions  in  wetted  to  flow  area  benefit  from 
both  a  friction  drag  and  heat  transfer  point  of  view.  Similarly,  circular  ducts  provide  a  12%  and  30% 
reduction  in  weight  per  length  than  square  and  3:1  aspect  ratio  rectangular  ducts,  respectively. 
Benefits  between  elliptical  versus  rectangular  ducts  tend  to  diminish  to  about  5%  in  both  surface  area 
and  weight  as  aspect  ratio  approaches  3:1.  Another  potentially  more  significant  benefit  of  circular  or 
very  low  aspect  ratio  elliptical  ducts  is  the  lack  of  a  requirement  for  back  structure.  That  is,  the 
relatively  thin  cooled  wall  is  able  to  support  the  required  loads  and  deflections  without  exceeding 
stress  limits.  The  addition  of  back  structure  can  significantly  increase  weight  per  unit  length  (factor  of 
2)  and  is  required  for  any  high  aspect  ratio  rectangular  or  elliptical  duct.  As  mentioned  previously, 
these  results  are  scale  dependent.  The  case  shown  represents  an  approximately  3.5  inch  diameter  duct. 
However,  scaling  studies  performed  to  similar  constraints  have  shown  that  circular  ducts  up  to  about 
36  inches  in  diameter  can  be  designed  to  meet  similar  requirements  without  back  structure. 

Although  circular  geometries  show  clear  benefits  in  terms  of  wetted  area  and  weight  per  unit  length, 
care  must  be  taken  to  manage  overall  length  in  order  to  achieve  a  system  benefit.  Performance 
characteristics  for  both  isolators  and  combustors  are  often  characterized  in  terms  of  Length  /  Diameter 
(L/D)  or  Length  /  Height  (L/H).  Example  isolator  and  combustor  characteristics  are  shown  in  Figure 
13. 

For  the  same  duct  constraints  in  the  previous  example  and  range  of  typical  L/D  or  L/H,  Figure  14 
shows  the  trends  for  overall  wetted  surface  area  (surface  area  x  length)  as  a  function  L/D  for  circular 
ducts  or  L/H  for  3:1  aspect  ratio  elliptical  or  rectangular  ducts.  Recall  that  previously  shown,  circular 
and  elliptical  geometries  result  in  reduced  surface  area  per  length.  However,  at  comparable  L/D  or 
L/H,  the  total  wetted  area,  due  to  length,  actually  increases  by  1.5X  for  circular  vs.  3:1  aspect  ratio 
rectangular  ducts.  This  clearly  overwhelms  the  benefits  previously  shown  from  a  surface  area 
perspective  and  typically  results  in  unmanageably  long  component  lengths.  However,  the  weight 
benefits  derived  from  elimination  of  back  structure  could  still  favor  the  circular  geometry  for 
configurations  where  system  benefit  is  more  highly  sensitive  to  weight  than  wetted  area  or  length 
constraints.  This  wetted  area  and  length  effect  can  be  largely  mitigated  through  the  use  of  high  aspect 
ratio  elliptical  ducts  which  result  in  a  I .IX  increase  in  surface  area  for  3:1  elliptical  vs.  rectangular 
ducts.  However,  recall  the  wetted  surface  area  per  length  benefits  were  less  pronounced  between 
elliptical  and  rectangular,  and  again,  both  require  back  structure  to  meet  stress  requirements. 

To  take  the  maximum  advantage  of  circular  cross  section  geometries,  one  must  decouple  the  engine 
performance  from  the  duct  L/D  constraints.  For  combustion  systems,  this  can  be  accomplished  by  the 
inclusion  of  in-stream  fuel  injection  elements.  A  notional  arrangement  shown  in  Figure  15 
accomplishes  this  decoupling  by  reducing  the  injection  characteristic  dimension  or  "gap"  between  the 
injection  devices.  The  closer  the  gap,  the  shorter  the  combustor.  However,  care  must  be  taken  to 
properly  balance  overall  combustor  length  against  the  additional  stream  drag  imposed  by  the  injector 
elements. 

Another  significant  advantage  of  circular  cross-section  ducts  and  combustors,  in  particular,  is  their 
amenability  to  conventional  manufacturing  processes.  Sections  are  readily  machined  via  lathe,  drill 
and  wire  electro  discharge  machining  methods.  Semi-finished  sections  can  then  be  stacked  on  a 
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mandrel  and  welded  together  with  minimal  thermal  distortion.  Figure  16  shows  an  ATK  manufactured 
cooled-combustor  section  which  was  fabricated  and  put  into  test  less  than  6  months  after  the  design 
was  initiated.  Description  of  testing  for  this  hardware  is  described  in  the  following  section. 

Test  Validation  Activities 

In  order  to  evaluate  performance  and  operability  and  to  validate  design  tools  for  circular  cross-section 
isolators  and  combustors.  ATK  GASL  designed  and  fabricated  a  direct-connect  isolator  i  combustor 
rig  tested  at  the  NASA  Langley  Research  Center  (LaRC)  Direct  Connect  Scramjet  Test  Facility 
(DCSTF)  in  Norfolk  Va.  The  configuration,  named  the  Pilot  Technology  Development  (PTD)  rig,  is 
shown  installed  in  the  DCSTF  in  Figure  17. 

Both  heavyweight  heat  sink  and  fuel-cooled  hardware  tested  for  a  total  of  72  minutes  of  combustion 
time  over  Mach  3.8  to  5.4  conditions  and  a  range  of  dynamic  pressures  from  1000  to  3000  psf.  Ignition 
and  combustion  were  obtained  on  both  ambient  and  heated  fuel;  the  latter  supplied  initially  by  an 
external  heater  (open  loop)  and  then  via  the  fuel-cooled  engine  hardware  for  subsequent  closed-loop 
testing.  Conventional  JP-10  fuel  was  used  for  most  of  the  tests  although  subsequent  testing  on  JP-7 
showed  negligible  fuel  sensitivity.  Excellent  combustion  efficiency  was  obtained  via  a  novel 
proprietary  piloting  and  injection  system  design  within  3  to  5  combustor  L/D.  Pre-combustion  shock 
train  lengths  within  the  isolator  section  ranged  from  3  to  8  L/D  depending  on  flight  condition  and  fuel 
equivalence  ratio. 

The  flight-weight,  fuel-cooled  combustor  was  tested  for  a  total  of  23  minutes  of  hot  (combustion) 
time,  with  individual  tests  of  up  to  2.5  minutes  each  to  achieve  thermal  equilibrium.  Combustor  wall 
and  fuel  temperature  measurements  have  been  used  to  validate  /  calibrate  both  environment  definition 
and  heat  transfer  models.  Post-test  inspection  shows  the  hardware  is  in  excellent  condition  with  no 
traces  of  either  thermal  distress  nor  fuel  coking. 

Following  the  highly  successful  PTD  test  series.  ATK  has  designed,  fabricated  and  tested  a  flight- 
weight  fuel-cooled  freejet  engine  utilizing  a  circular  cross-section  combustor  mated  to  a  rectangular, 
fixed  geometry  inlet.  The  engine  in  test  at  ATK  GASL  is  shown  in  Figure  18  including  a  flight 
weight  fuel  pump.  Demonstration  of  this  engine  and  its  critical  subsystems  establishes  the  near-term 
reality  of  lightweight,  highly  efficient,  air-breathing  engines  capable  of  propelling  vehicles  at 
hypersonic  speeds. 

To  support  these  near  term  goals.  ATK's  engine  integrates  several  existing  low-risk  technologies  to 
produce  a  near  term  high  speed  engine  solution.  The  engine  is  fueled  and  cooled  using  an  existing 
kerosene  fuel.  JP-10.  Use  of  existing  materials  and  established  manufacturing  processes  allowed  the 
ATK  team  to  bring  this  high  speed  engine  from  concept  to  flight-weight  hardware  and  subcomponents, 
to  verification  testing  in  just  2  years.  The  engine  is  capable  of  thrust-to-weight  ratios  of  greater  than  1 5 
without  the  need  for  exotic  materials. 


RECENT  PROGRESS  IN  HYPERSONIC  PLIGHT  TEST 

Like  the  architecture  of  hypersonic  engines,  the  Hypersonic  Flight  Test  landscape  has  changed 
significantly  from  the  NASP  vision.  The  NASP  concept  was  a  fully  reusable  vehicle  from  the  outset 
that  would  take-off  from  a  runway  and  accelerate  to  orbital  speeds  without  staging  and  return.  An 
envelope  expansion  approach  was  to  be  used  to  achieve  higher  speeds  incrementally  while  testing  and 
validating  the  vehicle  operating  characteristics.  This  large  "delta  v”  requirement  drove  the  vehicle  to 
be  very  large  and  the  cost  to  be  unaffordable.  The  envelope  expansion  flight  development  approach, 
although  still  most  preferred,  became  impractical  for  even  less  capable  vehicles  just  able  to  break  into 
the  hypersonic  regime  because  of  the  relatively  large  vehicles  and  price  lags  they  incurred. 
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Since  the  end  of  the  NASP  program,  as  more  near  term  vehicle  concepts  and  applications  have  been 
identified,  a  robust  hypersonic  flight  test  program  in  the  US  has  been  advocated  by  several  advisory 
and  research  boards11.  In  2003,  these  activities  culminated  in  the  The  National  Aerospace  Initiative 
(NA1).  The  NAI  was  the  started  by  the  Director  of  Defense  Research  and  Engineering.  (DDR&E), 
with  the  objective  to  build  a  roadtnap  for  combined  Department  of  Defense  and  NASA  resources  and 
support  a  robust  hypersonic  development  and  flight  demonstration  program.  The  goal  was  to  achieve 
incrementally  increased  flight  Mach  number  per  year,  reaching  Mach  12  by  2012. 

The  path  to  this  objective  was  already  paved  by  several  on-going  programs,  such  as  X-43A,  X-51A 
and  HyFly.  These  focused  on  validation  of  design  methods  in  flight  utilizing  air-launched  rocket 
boosters  to  achieve  hypersonic  insertion  conditions,  thus  allowing  hypersonic  air-breathing  "payload" 
vehicles  to  be  sized  for  powered  flight  over  a  relatively  narrow  speed  range.  To  dale  non  of  these 
smaller  vehicles  have  packaged  landing  or  recovery  equipment  which  is  a  notable  shortcoming,  but  the 
overall  program  cost  for  these  small  vehicles  can  be  kept  modest  despite  the  need  for  a  new  vehicle  for 
each  flight. 

Ground  to  Flight  Test  Transition 

Flight  is  the  ultimate  application  of  hypersonic  propulsion  development  activities  and  therefore  it  is 
the  only  real  test  of  the  technology.  The  relatively  high  cost  of  flight  test,  coupled  with  the  inability  to 
easily  recover  and  reuse  flight  test  articles,  has  made  extensive  ground  test  the  most  appealing 
approach  for  practical  technology  development.  Ground  test  in  the  hypersonic  regime  is  compromised 
by  limitations  in  facility  size,  energy,  and  test  duration  as  well  as  vitiation  of  the  test  media.  These 
issues  have  been  at  least  partially  understood  and  modeled  to  a  degree  such  that  development  via 
ground  test  has  continued.  These  practical  considerations  have  driven  most  development  programs  to 
extract  as  much  data  and  reduce  as  much  risk  as  is  practically  possible  in  ground  test,  with  flight  test 
being  held  as  an  ultimate  but  necessary  step. 

I'he  most  appropriate  point  in  a  program  to  transition  from  ground  to  flight  test  is  a  crucial 
determination  for  hypersonic  development.  If  an  inexpensive  approach  to  (light  test  were  to  be 
available,  it  would  be  possible  to  transition  to  flight  test  earlier  in  a  development  program.  This  would 
allow  flight  data  to  be  compared  with  ground  data,  examine  operability  of  key  subsystems  in  (light, 
and  feed  back  to  the  design  activities  for  the  future  flight  system,  reducing  risk  and  delivering  a  better 
optimized  final  product. 

Cost  for  both  Ground  and  Flight  tests  grow  with  the  size,  scale,  and  complexity  of  the  test  as  indicated 
in  Figure  19.  For  ground  test,  component  tests  of  combustors  or  inlets  are  the  least  expensive. 
Complete  engine  tests  are  more  expensive  requiring  larger  facilities  and  having  added  complexity. 
Complete  vehicle  tests  are  more  expensive  still,  and  for  hypersonic  aero-propulsion  there  is  little  hope 
of  large  scale  ground  testing  of  hypersonic  airplanes  in  the  future.  Large  scale  component  testing,  like 
an  aircraft  size  combustor  may  he  possible,  but  testing  integrated  performance  will  await  ultimate 
flight  test. 

In  flight  a  very  similar  story  holds:  size  and  complexity  drive  cost.  The  programs  listed  span  recent, 
near-term,  and  envisioned  (light  programs.  The  Australian  HyShot  program  is  listed  as  the  least 
expensive  as  it  was  a  (lying  component  (combustor)  test.  The  SeramFire,  FASTI’  and  X-43A 
Programs  were  integrated  vehicle  tests  of  increasing  scale  and  complexity.  The  X-51  program  will 
attempt  to  fly  for  multiple  minutes  and  accelerate  over  multiple  Mach  numbers.  Long  duration 
hypersonic  cruise  airplanes,  and  access  to  space  vehicles  are  not  currently  planned  for  flight  test,  but 
will  be  significantly  more  complex  and  costly. 
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At  what  technical  maturity  level  should  the  transition  from  ground  to  flight  occur?  At  what  scale 
should  ground  tests  be  run  to  prepare  for  flight?  At  some  point  in  the  future  it  will  be  necessary  to 
leap  forward  from  component  and  subscale  ground  tests  to  larger-scale  more  complex  flight  tests. 

ATK  GASL  has  conducted  three  flight  test  programs  in  the  past  4  years.  These  programs  ranged  over 
two  orders  of  magnitude  in  program  complexity  and  cost,  Each  used  a  different  flight  test  method  and 
had  widely  different  sophistication  and  completeness  in  the  supporting  ground  programs.  These 
programs  serve  as  examples  of  the  great  variety  of  options  that  exist  for  flight  lest  and  the  types  and 
value  of  data  that  can  be  extracted. 

ScramFire  -  Ballistic  Range  Flight  Test  Technique 

The  ballistic  range  test  technique  for  scramjet-integrated  vehicles  provides  a  short-duration  flight  at 
actual  altitude  conditions12.  The  vehicle  is  mounted  in  a  gun  and  fired  into  a  range,  which  is  evacuated 
to  match  (light  static  pressure  at  altitude.  Scaling  is  required  since  the  range  lacks  static  temperature 
control  to  match  the  temperature  at  altitude.  The  vehicle  accelerates  in  the  gun  barrel  and  enters  the 
range  at  the  specified  flight  velocity.  The  on-board  engine  is  then  ignited  and  the  vehicle  proceeds 
under  powered  flight  conditions  until  it  impacts  the  far  wall  of  the  range.  During  this  test  lime,  data  is 
taken  via  on-board  and  ofT  board  sensor  systems  to  evaluate  engine  and  vehicle  performance. 

Demonstrations  of  this  flight  test  technique  have  been  performed  on  a  scrainjet  engine  integrated  into  a 
cylindrical  vehicle  for  Mach  6-8  flight  conditions.  To  execute  these  tests  a  complete  design  and 
development  of  a  scramjet-integrated  projectile  was  undertaken  including  the  verification  of  the 
structural  design  through  EEM  analyses,  the  verification  of  engine  performance  through  engineering 
performance  codes  and  wind  tunnel  data,  and  five  flight  tests  in  G-Range.  a  light  gas  gun  facility  at  the 
Arnold  Engineering  Development  Center  { AEDC),  Figure  20. 

The  cylindrical  projectile  and  the  integrated  scrainjet  engine  were  designed  specifically  for  this  (light 
test  demonstration  program.  The  engines  operated  as  dual-mode  scramjets  using  ethylene  fuel  in  a 
self-contained  and  actuated  fuel  supply  system.  The  projectile  is  nominally  4-inch  diameter  and 
weighs  approximately  20  lb.  The  projectile  design  included  that  of  the  internal  and  external  flow 
lines,  structure,  telemetry  system  and  associated  onboard  instrumentation,  aerodynamic  stability 
system,  weight  and  balance.  The  projectile  diameter  is  sized  to  fit  in  the  AEDC  G-Range  four-inch 
launch  tube  and  the  structure  is  sized  to  survive  launch  loads.  A  picture  of  a  projectile  design  is  seen 
in  10. 

The  structural  design  is  primarily  driven  by  the  high  acceleration  loads  {10,000  G  design  condition) 
encountered  during  launch.  As  a  result,  the  goal  of  the  design  was  to  achieve  a  simple  structure 
capable  of  withstanding  the  launch  loads.  Consequently,  the  projectile  is  comprised  of  a  minimum  of 
overall  components,  including  nonstructural  components  that  include  valves,  telemetry  system  and 
associated  instruments. 

Onboard  instrumentation  and  telemetry  (TM)  are  employed  to  make  direct  measurements  of  engine 
performance  in  flight  and  transmit  the  information  to  a  ground  station  for  collection  and  post  test 
analysis.  The  high  g  capable,  miniaturized  TM  units  include  an  8  channel  transmitter,  encoder,  signal 
conditioner,  antenna,  and  power  supply.  Figure  21.  The  package  included  five  pressure  transducers, 
two  projectile  flight  axis  aligned  accelerometers,  and  a  battery  voltage  transducer. 

Off-board  instrumentation  included  IR.  visible,  and  UV  still  imagery  and  spectral  sensors  spaced  along 
the  range  to  image  both  the  projectile,  the  density  field,  and  the  emission  of  combustion  products. 
Framing  cameras  were  used  in  the  visible  and  the  IR  to  capture  the  time  evolution  of  the  flight. 
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Figure  22  shows  a  plot  of  axial  acceleration  at  the  projectile  center  of  gravity  versus  flight  time.  This 
data  contains  residual  high  frequency  response  to  the  set-forward  acceleration  that  occurs  when  the 
projectile  leaves  the  gun  muzzle.  This  vibration  dominates  the  measurement  during  the  early  portions 
of  the  flight  with  amplitudes  exceeding  the  range  of  the  accelerometers*  Subsequently;  the  axial 
acceleration  data  appears,  in  the  mean,  to  rise  from  a  low  value  to  a  higher  value  between  0.299  and 
0.312  seconds,  indicating  acceleration  due  to  seramjet  operation.  As  indicated  by  annotations,  the 
acceleration  at  0.299  seconds  closely  matches  the  engine-off  performance  prediction.  For  comparison 
to  the  maximum  acceleration  measured,  the  stoichiometric  engine  performance  is  also  shown  as  an 
annotation  to  the  plot.  The  measured  acceleration  rises  to  approximately  cruise  conditions,  in  the 
mean,  at  0.31  seconds.  Late  in  the  flight  the  projectile  achieves  significant  incidence  angle  indicated 
on  the  right  axis  of  the  plot  and  determined  from  flash  laser  photographs  along  the  range.  This  attitude 
results  in  a  flight  at  angle  of  attack  that  ultimately  causes  in  inlet  unstart.  This  is  detected  by  on-board 
pressure  measurements  in  the  inlet  (not  shown).  At  this  point  the  axial  acceleration  suddenly  drops  at 
0,3 12  seconds. 


Free  Flight  Atmosphere  Seramjet  Test  Technique  (FASTT) 

This  program  set  out  to  demonstrate  the  use  of  ground  launched  ballistic  rockets  as  a  low-cost  solution 
to  launch  seramjet  integrated  vehicles  to  flight  test  conditions1"'.  Such  an  approach  can  provide  an 
affordable  path  for  maturing  hypersonic  air-breathing  components  and  systems  in  flight.  Whereas  the 
traditional  approach  to  full-scale  development  has  been  to  perform  subscale  and  full-scale  ground 
testing  prior  to  full-scale  flight  testing,  usually  using  an  air-launched,  fully-guided  booster  system,  this 
approach  takes  a  different  path. 

The  FASTT  approach  uses  an  unguided,  sounding  rocket  booster  stack  to  carry  a  seramjet  vehicle 
payload  to  desired  insertion  conditions  in  the  atmosphere.  There  exists  in  the  US  are  a  broad  range  of 
launch  assets  along  with  a  significant  and  mature  infrastructure  for  launching,  tracking*  and 
transmission  and  reception  of  data.  The  combination  allows  for  relatively  affordable  flight  test  of 
hypersonic  test  vehicles  at  small  to  moderate  scale. 

For  the  initial  demonstrations,  a  two  stage  stack  was  selected  with  a  separable  payload  vehicle. 
Launch  operations  were  conducted  at  the  NASA  Wallops  Flight  Facility  located  on  the  Eastern  shore 
of  Virginia.  A  suppressed  ballistic  trajectory  was  chosen  that  inserts  the  payload  at  a  velocity  of 
approximately  Mach  6  at  near  horizontal  elevation  angle,  A  seramjet  engine  powered  payload  was 
designed  weighing  approximately  300  lb,  1 1-inch  diameter  with  an  overall  length  of  about  8  feet.  The 
engine  was  derived  from  the  Dual -Combustor  Ramjet  concept  and  fuelled  with  liquid  JP-10  The 
engine  and  airframe  was  instrumented  with  approximately  150  transducers  including  pressure, 
temperature  and  redundant  3-axis  accelerometers.  The  separated  payload  flies  its  own  ballistic  arc  and 
over  approximately  30  seconds  transits  less  than  5000  ft  altitude,  such  that  the  vehicle  flight  conditions 
are  nearly  constant. 

The  process  is  illustrated  in  Figure  23.  The  two  stage  booster  stack  is  rail  launched  at  suppressed 
elevation  angle.  Figure  24.  The  three  sets  of  fins  on  the  stack  and  payload  are  canted  to  impart  a  low- 
rate  spin  during  flight  to  offset  any  thrust  axis  misalignment  from  the  intended  ballistic  arc.  Booster 
and  payload  data  are  transmitted  to  the  tracking  station  throughout  the  flight.  After  the  first  stage  lofts 
the  vehicle  and  separates,  an  interstage  delay  allows  the  vehicle  to  execute  a  gravity  turn  toward 
horizontal  before  the  second  stage  is  ignited.  The  second  stage  accelerates  the  vehicle  to  the  insertion 
conditions,  and  upon  burnout,  the  payload  vehicle  is  separated.  To  protect  the  engine  from 
aerodynamic  heating  during  ascent  it  is  covered  by  a  clamshell-type  shroud.  This  shroud  is  deployed 
shortly  after  separation  and  the  engine  is  ignited  to  execute  the  seramjet  powered  portion  of  the  flight 
test.  After  the  engine  fuel  is  expended,  the  vehicle  coasts  until  splashdown  where  no  recovery  is 
attempted. 
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The  main  features  of  the  low-cost  atmospheric  flight  test  technique  for  scramjets  are  highlighted 
below: 


•  Low-cost  sounding  rocket  boosters  capable  of  carrying  subscale  hypersonic  vehicles  and 
scramjet  engines  to  the  required  takeover  conditions* 

•  Suppressed  ballistic  trajectory,  with  boost  staging,  to  reach  test  conditions  (altitude  and  Mach 
number)  of  nearly  constant  dynamic  pressure,  without  the  need  for  guidance,  navigation,  and 
flight  control.  This  feature  also  avoids  the  requirement  for  a  Flight  Termination  System, 
further  simplifying  the  approach. 

•  Onboard  instrumentation  to  measure  engine  pressures,  temperatures.  How  rates,  heat  flux,  as 
well  as  health  monitoring  of  critical  systems. 

•  Data  acquisition  and  telemetry  system  capable  of  conditioning  measurement  signals  and 
transmitting  data  back  to  ground  station. 

•  Electronic  event  sequencer  to  control  in-flight  events,  including:  separation  events;  shroud 
deployment;  starting  fuel  flow;  and  engine  ignition, 

•  Adapter  flange  for  attaching  scramjet  engine  and  hypersonic  vehicle  payload  to  sounding 
rocket  booster.  This  adapter  will  also  incorporate  a  separation  mechanism  to  initiate  vehicle 
tree-flight  at  the  end  of  boost. 

•  Inlet  shroud  system  that  protects  the  payload  inlets  during  the  boost  ascent  phase.  A  shroud 
separation  system  deploys  the  inlet  shroud  after  scramjet -pay load  separation,  and  prior  to 
engine  ignition. 

In  order  to  reduce  the  risks  associated  with  flying  a  complex  scramjet-integrated  vehicle  through  an 
unproven  trajectory  with  an  unproven  combination  of  flight  hardware,  surrogate  payload  missions 
were  performed  for  booster  performance  testing  and  subsystems  evaluation.  Two  surrogate  payload 
missions  were  executed  successfully  and  verified  the  booster  capabilities  and  the  full  suite  of  payload 
instrumentation,  power  systems,  and  subsystems  including  the  inlet  shroud  deployment,  telemetry,  and 
transponder  tracking.  Post- flight  data  analyses  helped  the  flight  test  team  to  better  understand  launch 
vehicle  tip-off  and  drag  characteristics,  and  improved  prediction  capabilities  to  fine  tune  the 
successive  launches  to  achieve  the  desired  payload  insertion  point.  In  conjunction  with  a  freejet 
ground  test  program  that  identified  fueling  schemes,  demonstrated  robust  light-off,  and  provided  a 
baseline  engine  data  set  to  compare  with  flight  data,  flight  vehicle  airframe  and  fuel  subsystems  were 
integrated  into  flight  hardware,  and  subsequently  underwent  successful  preflight  clearance  testing. 

The  powered  flight  vehicle  (Figure  25)  was  launched  and  inserted  to  free  flight.  Insertion  occurred  at 
an  altitude  approximately  10,000  ft  lower  than  expected  although  at  the  correct  Mach  number.  Figure 
26  summarizes  the  pre-flight  predictions  and  the  achieved  insertion  conditions  for  the  free  flight 
vehicle  (FFV).  The  discrepancy  is  not  fully  understood  but  appears  to  be  a  combination  of  rail  tip-off 
and  wind  weighting.  On-board  systems  performed  as  designed,  and  engine  operation  occurred 
including  fuel-off  tare,  fuel  ignition,  throttle-up,  and  steady  engine  operation  while  critical  engineering 
measurements  were  obtained.  Sufficient  measurements  were  taken  for  determination  of  engine  cycle 
performance,  and  for  comparison  to  ground  test  data.  Preliminary  comparisons  to  ground  test 
measurements  show  good  agreement.  In  flight  the  inlet  eventually  unstarted,  producing  unstable 
coning  flight  in  which  the  engine  was  not  able  to  recover  stable  operation. 

Figure  27  shows  important  flight  measurements  during  the  sequence  of  events  from  booster  thrust  tail- 
off  through  engine  operation  on  a  single  plot.  The  acceleration  peaked  at  -65  sec  and  then  dropped  off 
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as  the  booster  stage  burned  out.  At  68.23  sec  the  vehicle  deployed  to  free-flight.  and  0.40  sec  later  the 
shroud  was  jettisoned.  The  Gas  Generator  (GG)  pressure  rose  and  steadied  while  the  vehicle 
decelerated  and  a  tare  measurement  was  obtained  for  -1.3  sec.  By  70.0  sec  the  fuel  flow  rate  was 
steady  at  the  initial  throttle  setting  however  the  GG  pressure  showed  no  sign  of  auto-  ignition,  until  the 
sharp  rise  following  the  ignitor  firing  at  70.3  sec.  The  GG  pressure  steadied  and  a  small  delta 
acceleration  was  sensed.  The  fuel  flow  rate  was  increased  to  full  flow  rate  and  became  steady  by  71 .1 
sec  and  the  GG  pressure  rose  higher  accompanied  by  a  noticeable  2-g  delta  acceleration;  however,  the 
vehicle  did  not  experience  positive  net  acceleration  resulting  in  a  continuing  slow  decrease  in  flight 
Mach.  The  engine  continued  to  bum  until  73.1  sec  when  it  experienced  a  disturbance  from  which  it 
appears  to  initially  have  recovered,  but  then  reverted  to  unsteady  chugging,  accompanied  by 
acceleration  tail-off.  Subsequent  analysis  has  identified  a  susceptibility  to  unstart  of  this  particular 
inlet  configuration  that  was  flight  tested. 

The  FASTT  approach  is  an  effective  technique  for  testing  small  to  modest  sized  hypersonic  propulsion 
vehicles  in  free  flight  because  the  suppressed  ballistic  trajectory  allows  for  test  durations  of  10  to  60 
seconds  with  minimal  variation  of  altitude,  and  through  proper  fueling  control,  minimal  variation  of 
dynamic  pressure.  Further  investigation  of  launch  initiation  phenomena  is  required  to  better  aim  at  the 
insertion  point,  or  the  flight  experiment  must  be  made  less  sensitive  to  insertion  point.  This  may  be 
accomplished  through  fuel  controls,  for  example.  The  approach  can  also  be  extended  by  adding 
booster  or  vehicle  flight  controls  if  desired,  however  it  will  thereby  take  on  greater  complexity. 

X-43A  Flight  Tests 

The  X-43A  program  set  out  to  demonstrate  hydrogen  fueled  scramjet  operations  in  a  fully  integrated 
aircraft  system  at  Mach  numbers  of  7  and  10.  ATK  GASL  was  the  prime  contractor  to  NASA  for  the 
execution  of  the  program  and  had  overall  responsibility  for  the  detailed  design  and  manufacture  and 
support  to  flight  test  of  the  vehicles.  The  research  performance  aspects  of  the  engine  and  vehicle 
design  were  the  responsibility  of  NASA.  The  program  was  well  described  by  the  keynote  speaker  for 
this  lecture  series.14  Here  this  activity  will  be  briefly  summarized  for  subsequent  comparison  and 
contrast  with  the  gun-launched  and  FASTT  approaches  described  previously. 

The  X-43A  vehicle  was  a  12-foot  long  lifting  body  design,  weighing  about  3000  lb,  with  a  fully 
integrated,  hydrogen  fuelled  scramjet  engine.  The  aircraft  was  designed  statically  stable  and  had  full 
flight  controls  to  maintain  angle  of  attack  and  sideslip  subsequent  to  separation  from  the  booster  stack, 
through  engine  cowl  door  opening,  and  engine  start  and  shut-down.  The  vehicle  also  executed 
parameter  identification  maneuvers  subsequent  to  scramjet  function. 

The  boost  system  for  X-43A  was  a  modified  Pegasus  first  stage  that  was  air-dropped  from  the  NASA 
B-52  (Figure  28).  The  Pegasus  was  fully  controlled  to  execute  a  pull  up  from  the  air-launch  altitude  to 
the  approximately  100.000  ft  insertion  point  at  Mach  7  or  Mach  10.  The  vehicles  were  instrumented 
with  over  300  transducers  for  pressure  and  temperature,  and  discrete  local  strain  measurements.  The 
flight  management  unit  included  accurate  3-  axis  measurements  of  translational  acceleration  and 
angular  velocity,  along  with  Global  Positioning  System  (GPS)  and  control  surface  deflection 
measurements. 

Flights  2  and  3  of  the  X-43A  vehicles  were  successful  in  achieving  all  research  objectives.  Flight  2  at 
Mach  7  captured  all  engine  and  vehicle  performance  data  and  accelerometer  data  clearly  indicated 
acceleration  under  scramjet  power.  Comparison  of  these  data  with  the  extensive  ground  tests  database 
and  predictive  methodologies  has  shown  all  data  to  be  within  the  stated  uncertainties.  The  tunnel 
results  including  combustion  heated,  arc-heated,  and  shock  heated  all  predict  the  flight  results  quite 
well  without  any  systematic  differences  apparent.  Flight  3  achieved  a  similar  quantity  and  quality  of 
data.  Acceleration  showed  the  vehicle  to  achieve  cruise-level  thrust  at  the  peak  of  the  fuel  level  of  fuel 
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flow.  Comparisons  to  ground  test  in  shock  heated  tunnels  confirm  the  ability  of  these  facilities  to 
measure  engine  performance  consistent  with  flight. 


Comparison  of  Flight  Test  Approaches 

Executed  by  ATK  CiASL  during  an  overlapping  period  from  1998-2005,  the  X-43A,  FASTT  and 
ScramFire  programs  offer  a  insight  to  the  execution  and  outcome  of  flight  test  programs  with  vastly 
different  budgets,  test  article  scales,  and  flight  test  infrastructure. 

As  compared  to  the  traditional  self-powered,  envelope  expansion  approach  to  aircraft  flight 
development,  all  three  programs  are  very  different,  but  similar  to  each  other.  They  rely  on  non- 
integrated  propulsion  to  achieve  hypersonic  flight  speeds  and  scramjet  takeover.  Without  the  need  for 
significant  self-acceleration  capability  and  the  required  fuel  volume  that  entails,  these  test  systems  can 
be  built  in  relatively  small  packages,  keeping  one  parameter  which  drives  overall  program  cost  low. 

On  the  other  hand,  these  approaches  are  sometimes  characterized  disparagingly  as  "point  designs” 
since  they  operate  over  only  a  very  small  range  of  conditions.  This  view  fails  to  capture  the 
significance  of  the  need  for  free- flight  data  to  feed  back  to  the  modeling,  simulation,  and  design  tools 
that  have  not  yet  been  adequately  exercised  in  flight.  Before  the  three  flight  tests  described  here,  there 
existed  no  data  on  fully  integrated  scamjet  powered  vehicles.  The  CIAM  hydrogen  fueled 
ramjet/scramjet  test  in  1998  and  the  HyShot  hydrogen  fueled  combustor  test  in  2002  each  captured 
important  but  limited  data  on  engine  performance.  In  neither  case  was  thrust  measurement  attempted 
or  practical  in  a  configuration  wliere  the  test  article  stays  attached  to  the  boost  vehicle. 

The  three  flight  programs  are  compared  in  Table  1  across  a  range  of  flight  test  approach  figures  of 
merit.  Comparison  and  trade  of  these  and  other  merits  are  important  during  the  planning  phase  of  a 
flight  program,  wtien  the  desires  of  the  research  team  are  being  constrained  by  budget  realities.  The 
trades  that  occur  and  the  impact  on  the  program  are  briefly  described  next. 


Right  Controls 

Active  flight  control  and  software  quickly  accumulate  costs.  Consideration  can  be  given  to  both  the 
boost  system  and  the  test  article.  X-43A  used  full  active  controls  on  both  elements,  and  also  air- 
launched  the  booster  from  a  manned  airplane.  Removing  or  simplifying  controls  reduces  cost,  and 
ground  launch  vs.  air-launch  avoids  human  rating  systems  for  carriage  on  a  piloted  platform. 

Ground  Test  Program  Scope 

Reducing  or  eliminating  ground  tests  reduces  costs  with  more  reliance  on  computational  simulations. 
Dynamic  operability  in  flight  can  not  be  modeled,  so  eliminating  ground  tests  incurs  more  risk.  At  a 
minimum  and  sufficient  ground  tests  must  be  executed  to  assure  the  basic  flight  test  objectives  can  be 
met.  More  robust  ground  campaigns  as  in  the  X-43A  program  bring  value  in  comparison  to  flight  test. 


Experimental  Design 

Lower  cost  requires  design  adjustments,  limits  flexibility,  and  may  cause  some  objectives  to  be 
sacrificed.  To  package  a  vehicle  that  can  fly  on  an  unguided  stack  requires  the  payload  to  be  capable 
of  being  spun  during  boost  which  favors  symmetric,  non-lifting  configurations.  For  gun-launch  testing 
the  test  article  must  be  capable  of  significant  scaling  to  a  small  test  article  package,  and  be  capable  of 
withstanding  the  gun-launch  G-fbrces.  Conversely,  cost-driven  innovation  can  deliver  dividends  in 
packaging  approaches  that  can  deliver  other  dividends  for  the  research  program. 
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Risk 


Lower  cost  ultimately  requires  acceptance  of  higher  risk  to  the  fundamental  objectives.  Adding 
iterations  (more  flights)  and  can  lead  to  additional  learning  allowing  more  “unknown-unknowns"  to 
become  available  for  discovery 


CONCLUSIONS 

ATK  GASL,  with  our  NASA,  DARPA,  AFRL,  and  ONR  sponsors  and  Contractor  team  partners,  have 
been  executing  hypersonic  engine  research  and  transitioning  from  ground  based  research  to  flight  test. 
We  have  examined  a  range  of  engine  geometries  since  the  end  of  the  NASP  program  and  with  current 
missions  focused  on  more  narrow  engine  operating  ranges  and  affordable,  manufacturable  designs  for 
system  applications,  we  have  identified  an  engine  architecture  that  offers  robustness  and  simplicity. 
This  engine  is  currently  completing  an  extensive  ground  test  program  and  flight  test  opportunities  are 
on  the  horizon. 

We  have  now  executed  flight  programs  over  a  range  of  complexity  and  costs  that  span  two  orders  of 
magnitude.  All  flights  programs  included  supporting  ground  test  campaigns  of  varying  scope  and 
complexity.  The  flight  programs  met  their  intended  objectives  and  delivered  propulsion  data  needed 
to  address  key  issues: 

•  Vehicle  Acceleration  -  the  final  measure  of  propulsion  effectiveness 

•  Ground  to  Flight  performance  comparisons,  and  predictive  toot  validation  across  multiple 
scales 

•  Design  for  integration  and  operability  in  flight 

Remarkably  good  agreement  has  been  seen  between  ground  and  flight  data,  although  other 
Engine/vehicle  designs  may  not  be  so  robust.  Future  Flight  Programs  can  baseline  these  successful 
programs,  further  refine  approaches,  and  continue  building  a  flight  database. 
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Figure  1. 


Hypersonic  propulsion  cycle  and  fuel  choice  depend  on  the  speed  range  and 
intended  mission  among  other  parameters. 


Figure  2.  X-43A  Engine  and  Fuel  System  were  built  as  separate  units  and  assembled  to  the 
vehicle.  The  fuel  system  delivered  gaseous  hydrogen  and  pyrophoric  Silane  for  ignition. 
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Figure  3:  The  X-43A  Vehicle  and  predominantly  two-dimensional  propulsion  flowpath 
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Axial  Station 


Figure-*.  Pressure  data  from  the  X-43A  compared  to  flight  data  showed  remarkably  good 
agreement  with  ground  test  data  from  combustion  heated,  arc  heated,  and  shock  heated 

facilities. 


Figure  5.  Inlet  starting  and  performance  of  the  USAF  HyTech  engine  were  demonstrated 
over  the  Mach  4-6  in  the  ATK  GASL  Leg  6  blowdown  facility.  The  architecture  of  the  engine 
is  shown  in  the  direct  connect  test  article  at  the  right. 
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Figure  6.  A  schematic  of  a  regenerative  fuel  cooled  engine.  As  the  flight  Mach  increases  the 
thermal  load  increases.  For  liquid  hydrocarbons  the  fuel  coking  limit  occurs  at  about  Mach 

8, 
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Figure  7,  The  X-51A  will  flight  test  the  US  AF  HyTech  engine  with  first  flight  scheduled  for 

2009 
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Figure  8  The  Dual  Combustion  Ramjet  (OCR)  uses  a  subsonic  combustor  to  pilot  a 

supersonic  combustor. 


Figure  9.  The  DOR  freejet  test  article  installed  I  the  ATK  GASI  test  facility  in  preparation  for 

testing  at  Mach  5.5. 


\[>|>ro\eii  lor  Public  Release 
\  V  Ft)  R  IO  -  I  ebrua r\  2b,  21107 


Figure  10.  initial  configurations  fora  gun-launched  sc  ram  jet  featured  a  predominantly 
annular  engine  design  that  did  not  offer  sufficient  strength  for  high  G  loads.  A  direct 
connect  test  rig  was  used  subsequently  to  develop  a  fully  3D  engine  configuration 


Figure  11.  The  gun-launched  projectile  design  used  eight  scramjet  wrapped  around  a 
cylindrical  centerbody  with  fuel  tank  and  delivery  system. 


Figure  12:  Wetted  area  and  structural  weight  per  unit  length  trends  for  two-dimensional  and 

circular  elliptical  ducts 
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Figure  13:  Isolator  L/H  requirements  vs.  inlet  Mn  for  various  pressure  ratios  and  Combustor 
(fuel)  mixing  efficiency  vs,  normalized  length 
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Figure  14:  Total  wetted  surface  area  as  a  function  of  Length  /  Height  or  Length  /  Diameter 
for  circular  and  high  aspect  ratio  elliptical  and  rectangular  geometries 
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Figure  15:  Alternate  fuel  injection  strategies  using  in-stream  fuel  elements  may  be 
employed  for  circular  ducts  to  achieve  similar  distribution  characteristics  to  wall  injected 

rectangular  ducts. 


Figure  16:  AIK  rapid  prototyping  processes  applied  to  circular  combustor  geometries 
resulted  in  clean  sheet  design  to  fuel-cooled  flight-weight  hardware  in  less  than  6  months 
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Figure  17:  ATK  circular  cross  section  PTD  rig  installed  in  the  NASA  LaRC  DCSTF 


Figure  18:  Flight-weight  engine  installed  for  freejet  test  in  ATK  GASL  Test  Cell  $ 
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Figure  19,  The  transition  from  ground  to  flight  test  can  occur  at  numerous  points  in  the  sire, 
scale,  and  complexity  domain.  Less  expensive  flight  test  options  foster  earlier  transition 

opportunities. 


Figure  20.  The  Arnold  Engineering  Development  Center ,  G-Range  Facility.  High  speed 
video  images  of  the  Scramjet  Projectile  in  powered  flight  in  the  range. 
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Figure  21.  Eight  Channel,  G-bardened  telemetry  system,  pressure  sensors  and 
accelerometers  sued  for  on-board  measurements  of  the  scramjet  projectile. 
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Figure  22.  Acceleration  measured  in  the  projectile  axial  direction  and  flight  attitude  during 
launch  and  free  flight.  Predicted  accelerations  are  shown  for  fuel  off,  fuel  on,  and  engine 

unstart  conditions. 
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Figure  23.  THe  FASTT  approach  uses  sounding  rocket  boost  system  to  carry  a  scramjet 
powered  vehicle  to  hypersonic  test  conditions  along  a  ballistic  trajectory 


Figure  24.  The  payload  vehicle  and  two*stage  booster  stack  are  rail  mounted  and  launched 

along  a  suppressed  ballistic  trajectory. 
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Figure  25.  The  Scramjet  powered  Free  Flight  Vehicle  (FFV)  and  subsystems.  The  inlet 
shroud  is  deployed  after  separation  exposing  the  engine  to  air  flow. 
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Figure  26.  FFV  trajectory  data  compared  to  preflight  predictions.  Left,  top:  flight  deduced 
Mach  No.,  right,  top:  flight  path  angle,  left,  bottom:  altitude,  right,  bottom:  calculated  flight 

dynamic  pressure. 
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Figure  27:  Axial  acceleration,  gas  generator  pressure,  and  fuel  flow  rate  spanning  from 
booster  thrust  tail-off  through  inlet  unstart 
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Figure  28.  The  X-43A  vehicle  and  boost  system  on  the  way  to  Mach  7  for  separation  and 

flight  test. 
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1.  Introduction 

Research  into  hypersonic  flow  phenomona  has  been  conducted  by  numerous  groups  within 
Australia  for  over  40  years.  The  genesis  of  all  the  modem  day  work  can  be  traced  back  to  the 
return  of  the  then  Dr  Ray  Stalker  from  England,  to  take  a  faculty  position  in  the  Physics 
Department  of  the  Australian  National  University,  Canberra,  in  1962.  Dr  Stalker  had  a  keen 
interest  in  the  aerodynamics  of  bodies  travelling  at  speeds  up  to  orbital  velocity,  and  had  devised  a 
concept  for  generating  such  velocities  in  the  laboratory  through  the  use  of  a  shock  tunnel  driven  by 
free-piston  compression.  In  the  following  years.  Dr  Stalker  developed  numerous  facilities  utilizing 
this  concept,  called  free-piston  shock  tunnels,  culminating  in  the  commissioning  of  the  T3  shock 
tunnel  in  1968.  A  small  group  of  researchers  exploited  the  unique  capabilities  of  T3,  which  was  the 
first  facility  in  which  the  product  of  test  section  density  and  model  size,  combined  with  the  test 
section  velocity,  was  such  that  the  aerodynamic  thermochemical  phenomena  generated  at  these 
elevated  velocities  were  large  enough  to  be  measured.  Bluff  body  shapes  received  early  attention, 
as  these  shapes  are  typical  of  re-entry  vehicles,  and  changes  in  the  flow  patterns  due  to  dissociation 
thermochemistry  were  observed  and  analysed.  Noting  the  interest  in  entry  into  the  atmosphere  of 
Mars,  the  bluff  body  studies  were  extended  to  include  carbon  dioxide  flows,  and  because  entry  into 
the  atmospheres  of  the  large  planets  would  involve  ionisation,  the  effect  of  ionisation 
thermochemistry  on  bluff  bodies  was  investigated.  Dissociation  thennochemical  effects  related  to 
gliding  re-entry  vehicles  also  received  attention,  by  studying  the  flow  over  an  inclined  flat  plate, 
over  a  delta  wing,  and  in  the  laminar  boundary  layer  on  a  flat  plate.  The  interaction  of  this 
boundary  layer  with  a  shock  wave  was  also  studied. 

Sufficient  experience  had  been  gained  with  T3  by  1980  to  begin  research  on  scram  jet 
engines,  which  offer  the  prospect  of  propelling  an  aircraft  at  these  very  high  velocities.  By  this 
time  Professor  Stalker  had  taken  a  chair  at  The  University  of  Queensland  in  Brisbane,  and  began 
leading  a  small  group  of  researchers  in  pioneering  work  on  the  performance  of  scram  jet  engines  at 
speeds  in  excess  of  2.5  km/s.  This  team  visited  T3  for  a  number  of  weeks  each  year  until  1987, 
when  a  larger  shock  tunnel  facility  known  as  T4  was  commissioned  at  The  University  of 
Queensland.  Since  1987  the  primary  mission  of  T4  has  been  to  study  scramjets.  Scramjet  models 
tested  in  T4  have  progressed  from  simple  generic  models  of  a  constant  area  combustor  with  a 
simplified  fuel  injector,  to  sophisticated  models  that  involve  the  complete  scramjet  flowpath.  Much 
of  this  work  contributed  to  the  successful  scramjet  flight  experiment  that  was  conducted  by  The 
University  of  Queensland  in  2002. 

Interest  in  hypersonics  at  The  University  of  Queensland  has  expanded  beyond  scramjet 
engines  to  include  the  study  of  phenomena  associated  with  flight  in  planetary  atmospheres  other 
than  earth.  This  has  resulted  in  the  commissioning  of  the  X3  expansion  tube,  which  is  able  to 
generate  higher  freestream  static  pressure  at  a  given  Mach  number  than  a  reflected  shock  tunnel 
like  T3  or  T4.  by  use  of  an  unsteady  expansion.  A  strong  computational  group  is  also  involved  in 
hypersonics  research  at  The  University  of  Queensland,  developing  computational  codes  that  are 


used  to  assist  in  the  understanding  of  the  scramjet  and  planetary  re-entry  experiments,  as  well  as  the 
operation  of  the  T4  and  X3  facilities. 

This  article  describes  some  key  aspects  of  the  hypersonics  research  that  has  been  performed 
at  The  University  of  Queensland.  A  short  description  of  the  operation  of  the  T4  shock  tunnel  is 
followed  by  a  discussion  of  some  scramjet  component  research  conducted  in  14.  and  a  description 
of  research  on  complete  scramjet  flowpaths.  A  short  summary  of  the  I  lyShot  2  flight  experiment  is 
also  included.  Discussion  of  the  planetary  re-entry  research  associated  with  X3  is  next,  and  the 
article  closes  with  a  description  of  future  plans.  It  should  be  noted  that  other  groups  within 
Australia  are  currently  involved  in  hypersonics  research,  particularly  those  at  the  Australian 
Defence  Force  Academy  at  the  University  of  New  South  Wales  (ADFA)  and  the  Defence  Science 
and  Technology  Organisation  (DSTO).  Description  of  the  work  of  these  groups  is  not  included  in 
this  article. 

2.  The  free  piston  shock  tunnel  T4 

T4  is  shown  in  general  arrangement  in  Fig.  1(a).  A  free  piston  is  used  to  compress  and  heat 
the  shock  tube  driver  gas.  A  piston  with  a  mass  of  92  kg  is  normally  used  and.  referring  to  the 
figure,  is  launched  from  the  right-hand  end  of  the  compression  tube,  which  is  26  m  long  and  228 
mm  in  diameter,  and  initially  contains  the  shock  tube  driver  gas.  The  piston  is  driven  along  the 
compression  tube  by  the  expansion  of  air  initially  contained  in  the  piston  driver  reservoir,  which 
has  a  volume  of  1.2  nr  and  a  maximum  working  pressure  of  14  MPa.  The  piston  acquires  kinetic 
energy  as  it  is  driven  along  the  compression  tube,  and  this  energy  is  then  passed  to  the  shock  tube 
driver  gas  as  the  piston  slows  down  on  approaching  the  left-hand  end  of  the  compression  tube.  The 
driver  gas  is  adiabatically  compressed  to  pressures  which  are  a  multiple  of  the  initial  pressure  in  the 
piston  driver  reservoir.  A  high  pressure  diaphragm,  located  at  the  left-hand  end  of  the  compression 
tube,  spontaneously  ruptures  when  the  shock  tube  driver  gas  reaches  a  predetermined  pressure.  This 
initiates  conventional  operation  of  the  shock  tube,  which  is  10  m  long  and  75  mm  in  diameter.  The 
resulting  shock  wave  in  the  test  gas  traverses  the  length  of  the  shock  tube  and  reflects  from  its  left- 
hand  end.  where  it  ruptures  a  thin  Mylar  diaphragm  to  initiate  the  flow  of  test  gas  through  the 
nozzle  and  test  section.  The  shock  heated  test  gas  thus  becomes  the  supply  gas  for  the  nozzle  and 
test  section  flow,  with  a  nozzle  supply  pressure  which  can  somewhat  exceed  50  MPa  on  a  routine 
basis.  This  limit  has  recently  been  raised  to  90  MPa. 


Figure  1  -  Free  piston  shock  tunnel  T4  at  the  University  of  Queensland:  (a)  general  arrangement,  (b)  typical 
records  of  Pitot  pressure,  and  nozzle  supply  pressure,  (c)  test  time  limit  due  to  driver  gas  eontamination 

2.1  Test  times  -  driver  gas  contamination  of  the  test  flow 

Typical  records  of  test  section  Pitot  pressure  and  nozzle  supply  pressure  are  shown  in  Fig. 
1(b).  A  rule  of  thumb  used  in  shock  tunnel  research  is  that  the  test  flow  must  traverse  three  model 
lengths  in  order  for  the  mainstream  and  boundary  layer  flows  to  effectively  reach  a  steady  state. 
The  stagnation  enthalpy  of  the  figure  (8MJ/kg)  yields  a  flow  velocity  of  about  3.5  km/s,  indication 
that  the  flow  would  reach  a  steady  state  on  a  model  1  m  long  in  0.9  ms.  Thus,  the  Pitot  pressure 
record  indicates  that  a  steady-state  flow  persists  for  about  1.3  ms  or  4.5  mode!  lengths.  However, 
the  figure  also  shows  the  arrival  of  driver  gas  contamination  of  the  test  flow  and.  if  the  experiment 
in  the  shock  tunnel  demands  uncontaminated  test  flow,  then  steady  flow  persists  for  only  0.5  ms,  or 
1.8  model  lengths,  and  only  test  results  obtained  in  this  time  can  be  accorded  unqualified 
acceptance.  Thus,  the  useful  test  time  in  a  shock  tunnel  may  be  determined  by  driver  gas 
contamination,  rather  than  by  the  time  for  which  the  nozzle  supply  pressure  remained  unchanged. 

Measurements  of  the  time  to  contamination  in  T4  arc  presented  in  Fig.  1(c).  The 
measurements  were  first  made  using  a  time  of  flight  mass  spectrometer  (Skinner  1994).  and  later 
with  a  shock  detachment  probe  (Pauli  1996).  The  latter  was  developed  as  a  simple  instrument  for 
routine  monitoring  of  the  test  flow,  and  works  by  choking  a  duct  when  the  specific  heat  of  the  flow 
gas  increases  beyond  a  critical  value.  It  will  be  noted  that  the  10%  contamination  test  time  is 
reduced  to  zero  for  stagnation  enthalpies  in  excess  of  1 5  MJ/kg.  It  is  thought  that  this  may  be  due 
to  turbulent  mixing  at  the  interface  between  the  test  gas  and  the  driver  gas  in  the  shock  tube.  The 
peculiarities  of  the  shock  tunnel  site  demanded  a  length  to  internal  diameter  ratio  of  the  shock  tube 
of  133,  instead  of  the  value  of  80-100  used  in  normal  shock  tunnel  practice,  and  the  extra  length 
may  have  allowed  extra  mixing  to  take  place.  Notwithstanding  this  effect,  it  will  he  seen  below  that 
the  test  times  available  at  stagnation  enthalpies  somewhat  less  than  1 5  MJ/kg  have  proven  adequate 
for  scramjet  research. 

2.2  Fuel  supply 


Hydrogen  fuel  is  used  for  almost  all  the  tests  performed  to  date,  although  both  ethylene  and 
gaseous  kerosene  have  been  recently  used.  Fuel  is  supplied  to  a  model  in  the  test  section  from  a 
room  temperature  reservoir.  For  safety  reasons,  the  capacity  of  the  reservoir  is  limited  so  that  if  it 
were  fully  combusted  in  the  test  chamber  it  would  reach  a  maximum  working  pressure  of  10  MPa. 
The  supply  of  fuel  to  the  test  section  is  controlled  by  a  quick  acting  solenoid  valve,  which  is  slaved 
to  the  recoil  of  the  compression  tube  to  open  and  start  fuel  injection  on  the  model  approximately  10 
ms  before  How  is  initiated  in  the  test  section.  Thus  a  constant  rale  fuel  How  is  established  on  the 
model  before  the  test  flow  arrives.  Fuel  is  injected  through  pre-calibrated  orifices  at  the  model,  and 
the  fuel  flow  is  monitored  by  pressure  transducers  located  as  near  to  the  injection  orifices  as  is 
conveniently  possible. 

3.  The  two-dimensional  combustion  wake 

The  addition  of  fuel  to  a  supersonic  airstream  in  a  duct,  and  the  mixing  and  combustion 
which  follows,  will  generate  an  increase  in  pressure  along  the  duct.  This  pressure  increase  is  at  the 
heart  of  a  scram  jet.  and  leads  to  thrust  generation  in  the  expansion  nozzle  which  follows  the  duct. 
To  develop  a  knowledge  of  scramjets.  it  is  important  first  to  develop  some  understanding  of  the 
means  of  generating  this  pressure  increase.  This  was  done  by  studying  combustion  wake 
phenomena  in  relation  to  the  pressure  rise  in  a  duct  of  rectangular  cross  section  with  a  central 
injector  spanning  the  duct,  as  shown  in  Fig.  2(a),  to  produce  a  flow  which  was  essentially  two- 
dimensional.  The  two-dimensional  configuration  was  chosen  because  it  offered  relative  simplicity 
for  interpretation  of  experimental  results,  while  recognizing  that  this  configuration  may  not  be  the 
most  efficient  one  in  terms  of  providing  maximum  combustion  in  minimum  combustion  chamber 
length. 


Figure  2  -  Combustion  wake  studies:  (a)  schematie  of  2-D  combustion  duet,  (h)  typical  experimental  duct  w  ith 

side  plate  removed  (dimensions  in  mm) 

3.1  Wake  independent  of  duct  height 

The  mechanism  by  which  the  duct  pressure  rise  is  produced  was  investigated 
experimentally  using  the  configuration  of  Fig.  2(b)  (Wendt  et.  al.  1999).  The  precombustion 
pressure  in  the  duct  was  61  ±5  kPa,  the  Mach  number  was  4.4±0.2,  the  stagnation  enthalpy  was 
varied  from  5.6  to  8.9  M.l/kg  and  the  associated  air  velocity  varied  from  2.9  to  3.5  km/s,  while 
hydrogen  fuel  was  supplied  from  a  room  temperature  reservoir  at  a  velocity  of  2.3±0.1  km/s.  Duct 
heights  of  30.  50  and  70  mm  were  used,  and  the  fuel  flow  rate  was  maintained  at  a  value 
corresponding  to  an  equivalence  ratio  of  one  with  a  30  mm  duct  height. 


The  inset  on  the  top  right  of  Fig.  3  shows  typical  pressure  distributions  obtained  when 
hydrogen  fuel  was  injected  into  air  and  nitrogen.  These  were  obtained  under  conditions 
corresponding  to  a  precombustion  temperature  of  1480  K.  The  difference  in  the  pressure 
distributions  is  ascribed  to  combustion,  which  clearly  causes  the  fuel-air  wake  to  produce  a  much 
greater  pressure  rise  than  the  fuel-nitrogen  wake.  As  indicated  by  the  straight  lines  on  the  figure, 
the  pressure  increases  linearly  with  distance  downstream.  Estimates  of  the  ignition  length  for  a 
hydrogen  air  mixture  (Huber  et.  al.  1979)  indicate  that  this  length  is  less  than  an  order  of  magnitude 
less  than  the  length  of  the  duct,  indicating  that  the  growth  of  the  wake  is  governed  by  the  process  of 
mixing  between  hydrogen  and  air,  rather  than  the  reaction  process. 

A  numerical  analysis  of  this  flow  (Wendt  et.  al.  1999),  based  on  the  two-dimensional  model 
of  Fig.  2(a),  found  that  the  growth  of  the  wake  displacement  thickness  was  responsible  for  the 
combustion  induced  increase  in  pressure  along  the  duct  and,  the  growth  in  displacement  thickness 
was  independent  of  the  height  of  the  duct.  Figure  3  shows  that,  using  the  same  combustion  wake,  a 
reasonable  prediction  can  be  made  of  the  pressure  rise  along  the  duct  by  subtracting  the  sum  of  the 
displacement  thicknesses  of  the  wake  and  the  boundary  layers  on  the  walls  of  the  duct  from  the 
duct  cross-sectional  area,  implying  that  as  the  duct  height  reduces,  the  mainstream  experiences 
greater  contraction  and  the  pressure  rise  is  increased.  This  model  breaks  down  for  the  30  mm  duct 
at  a  temperature  of  1230K,  where  it  over-predicts  the  pressure  rise  but.  for  the  less  extreme 
conditions,  it  is  possible  to  regard  the  development  of  the  wake  as  decoupled  for  the  associated 
pressure  rise. 
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Figure  3  -  Displacement  effect  of  combustion  wake  (Pe  =  exit  pressure;  Pi  =  precombustion  pressure;  x  = 
distance  from  injector;  h  -  duct  height;  T  =  precombustion  temperature;  u  =  precom  bust  ion  air  velocity) 

3,2  Scaling  of  supersonic  combustion 

Scaling  studies  are  not  only  important  for  extrapolating  from  laboratory  experiments  to 
flight,  but  they  can  be  helpful  in  revealing  the  dominant  phenomena  in  a  flow  system.  Experiments 
were  done  to  compare  the  pressure  distributions  in  the  two  ducts  shown  schematically  in  Fig.  4(a) 
(Pulsonetti  1997).  To  ensure  the  same  composition  of  test  gas  entering  the  two  ducts,  the  large  duct 
was  supplied  with  oblique  shock  recompressed  flow  from  a  Mach  8  shock  tunnel  nozzle  and  the 
small  duct  was  supplied  directly  from  a  Mach  4  nozzle.  The  ducts  were  geometrically  similar,  but 
different  in  size  by  a  factor  of  5,  the  large  duct  height  being  47  mm,  and  the  small  duct  9.4  mm. 
Precombustion  pressures  in  the  large  duct  varied  from  25  to  10  kPa.  and  from  101  to  32  kPa  in  the 


small  duct,  while  the  precombustion  Mach  number  was  4.4±0,2,  and  the  hydrogen  fuel  equivalence 
ratio  was  1 .3±0.2. 

At  each  flow  condition,  the  values  of  the  product  of  the  duct  precombustion  pressure  and 
the  duct  height  was  the  same  for  the  two  ducts.  The  results  presented  in  Fig.  4(b)  show  that,  by 
setting  this  product  to  be  the  same,  identical  normalized  pressure  distributions  in  the  large  duct  and 
the  small  duct  are  obtained  when  the  distance  downstream  of  injection  is  scaled  by  the  duct  height. 
Thus,  binary  scaling  applies  to  these  flows,  implying  that  small-scale  experiments  can  be  used  as 
models  of  larger  scale  Hows. 
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Figure  4  -  Scaling  of  supersonic  combustion:  (a)  sketch  showing  relative  scale  of  two  combustion  ducts,  (b) 
pressure  distributions  (P|  =  precombustion  pressure,  Pc  =  theoretical  peak  pressure,  x  =  distance  from  injector, 

h  =  duct  height) 

The  pressure  distributions  on  the  right-hand  side  of  the  figure  indicate  the  effect  of  varying 
the  precombustion  temperature  while  the  precombustion  pressure  remains  approximately  constant, 
as  indicated  by  the  nozzle  reservoir  pressure  on  the  figure.  The  linear  pressure  distributions,  with 
the  pressure  gradient  reducing  as  the  precombustion  temperature  increases,  indicate  mixing 
controlled  growth  of  the  combustion  wake,  as  in  Fig.  3.  It  might  be  noted  that  Fig.  3  is  also 
associated  with  linear  pressure  distributions  at  precombustion  temperatures  as  low  as  1230K. 

The  left-hand  side  of  Fig.  4(b)  indicates  the  effect  of  varying  the  precombustion  pressure,  as 
indicated  by  the  values  of  nozzle  reservoir  pressure  on  the  figure,  while  maintaining  the 
precombustion  temperature  at  I100+/-50K.  The  gradient  of  the  pressure  rise  along  the  duct  is 
somewhat  reduced  as  the  precombustion  pressure  falls,  but  the  most  notable  feature  of  these 
pressure  distributions  is  that  they  do  not  exhibit  the  linear  characteristic  of  those  at  higher 
temperatures.  This  non-linearity  is  consistent  with  the  expected  rapid  increase  in  the  flow  length  for 
reaction,  which  occurs  as  the  mainstream  temperature  falls  to  about  the  temperature  of  these 
pressure  distributions.  At  these  temperatures  the  reaction  length  is  sufficiently  large  that,  in 
comparison  with  the  mixing  controlled  flows  on  the  righthand  side  of  Fig.  4(b),  the  combustion 
release  of  energy  is  delayed,  allowing  more  mixing  and  creation  of  radicals  to  take  place,  before  a 
delayed  but  rapid  energy  release  and  relatively  steep  pressure  rise.  Thus,  the  pressure  distributions 
on  the  left-hand  side  of  Fig.  4(b)  represent  examples  of  reaction-controlled  combustion. 


Reaction-controlled  combustion  wakes  were  observed  in  other  experiments.  It  was  found 
(Casey  et,  al.  1992)  that  raising  the  precombustion  pressure  at  a  precombustion  temperature  of 
1200K  in  the  large  duct  would  lead  to  the  expected  reduction  in  the  combustion  energy  release 
delay  but,  as  less  mixing  had  then  occurred,  the  combustion  pressure  rise  was  reduced.  With  a  25 
mm  duct  height  and  precombustion  pressures  exceeding  1 50  kPa.  the  combustion  energy  release 
delay  was  further  reduced  (Stalker  et.  al.  1996),  but  the  pressure  rise  was  such  as  to  suggest 
substantial  combustion  energy  release  and  hence  enhanced  mixing.  This  may  have  been  associated 
with  the  occurrence  of  a  normal  shock  which  was  observed  in  the  fuel  rich  part  of  the  wake 
(McIntyre  et.  al.  1997).  Other  experiments  (Buttsworth  1994)  have  shown  that  the  interaction 
between  a  shock  wave  and  a  wake  can  lead  to  enhanced  mixing. 

An  approximate  combustion  pressure  rise  may  be  calculated  by  using  a  Rayleigh  analysis 
(Hall  1951),  with  the  square  of  the  Mach  number  much  greater  than  one  both  before  and  after  the 
heat  addition  zone,  to  yield 

Pc! P~  I  +  (/-1)A(7/ a1  (1) 

where  pc  =  downstream  pressure,  AQ  =combustion  heat  release,  a  =  speed  of  sound  and  y  =  ratio  of 
specific  heats. 

Equation  I  with  AQ  =  3.45  MJ/kg  and  y  =  1 .3  provides  an  estimate  of  the  resultant  pressure  levels  if 
all  the  oxygen  in  the  air  entering  the  duct  is  burnt,  and  this  level  is  shown  in  Kig.  4(b)  for  each  pair 
of  pressure  distributions.  The  duct  lengths  are  just  sufficient  for  complete  combustion,  except  at  the 
highest  precombustion  temperature,  where  it  is  expected  that  the  combustion  energy  release  was 
limited  by  partial  dissociation  of  the  combustion  products. 

4.  Force  measurement 

After  a  significant  series  of  component  experiments,  some  of  which  have  been  described 
here,  Prof.  Stalker  and  the  group  at  The  University  of  Queensland  began  to  experiment  with 
complete  scramjet  configurations.  These  involved  the  integration  of  the  inlet,  combustion  duct  and 
thrust  nozzle  into  one  complete  model.  The  obvious  measurement  to  initially  make  on  such  models 
is  the  net  thrust  (or  drag)  as  this  is  the  essential  measure  of  installed  scram  jet  performance.  Such 
measurement  demanded  the  development  of  a  new  shock  tunnel  measurement  technique. 

In  the  shock  tunnel,  flow  is  initiated  and  forces  are  rapidly  applied  to  the  model,  causing 
stress  waves  to  occur  that  will,  by  reflection  and  re-reflection,  traverse  the  length  of  the  model 
many  times  before  the  model  comes  into  stress  equilibrium.  It  follows  that  the  few  flow  model 
lengths  of  test  time  available  in  a  sub-orbital  shock  tunnel  were,  in  general,  not  sufficient  for  the 
model  to  come  into  stress  equilibrium,  and  therefore  that  the  overall  forces  acting  on  a  model  could 
not  be  measured  by  available  force  balance  methods,  since  these  treated  the  model  as  a  rigid  body. 

Fortunately,  the  stress  waves  which  were  the  source  of  this  difficulty  can  themselves  be 
exploited  to  measure  the  force  on  the  model.  This  is  done  by  placing  strain  gauges  on  the  model 
support  system  and  recording  the  time  history  of  the  strain  produced  by  the  stress  waves  passing 
into  the  supports.  Deconvolution  of  the  strain  records  then  would  yield  the  forces  on  the  model.  For 
measurement  of  the  thrust  or  drag  of  a  slender  body,  supported  from  a  downstream  sting,  a  single 
strain  gauge,  recording  the  strain  time  history  of  stress  waves  passing  into  the  sting,  would  yield  a 
satisfactory  measurement. 

The  relation  between  the  strain  measured  in  the  sting,  u(t),  and  the  axial  force  on  the  model 
y(t),  can  be  described  by  the  integral: 


y{t)=\G{t-T)u{r)dr  (2) 

0 

where  G{t)  is  a  pre-detemiined  impulse  response  function,  and  t  and  t  are  time.  The  impulse 
response  function  can  be  determined  numerically  or  by  experiment,  for  example,  by  measuring  the 
strain  history  resulting  from  application  of  a  sudden  increase  in  axial  load  on  the  model.  The 
deconvolution  of  the  integral  of  eqn.  2  to  yield  the  axial  force  history,  u(t),  from  the  recorded  strain 
history.  y(t),  is  accomplished  by  a  numerical  procedure  using  a  personal  computer. 

The  method  was  first  applied  to  measurement  of  the  drag  on  a  relatively  short  cone,  with 
15°  semi-vertex  angle  (Sanderson  &  Simmons  1991).  In  this  case,  the  internal  stress  waves  in  the 
model  were  unimportant,  but  the  stress  wave  balance  was  established  as  a  viable  method  of 
measuring  axial  force.  Subsequent  measurements  of  drag  were  made  on  a  5°  semi-vertex  angle 
cone  which  was  425mm  long  (Tuttle  et.  al.  1995,  Tuttle  1996),  where  the  internal  stress  wave 
reflections  were  significant,  and  yielded  results  consistent  with  theoretical  estimates.  The 
sensitivity  of  the  method  to  the  distribution  of  drag  producing  forces  on  the  model  was  investigated 
numerically  during  this  project  leading  to  the  conclusion  that  measured  drag  was  independent  of 
the  force  distribution  on  the  cone. 

The  numerical  investigations  just  referred  to  included  a  case  where  the  drag  force  was 
concentrated  at  the  tip  of  the  cone.  The  fact  that  this  did  not  influence  the  measured  drag  was 
exploited  to  conduct  an  investigation  of  the  effect  of  nose  blunting  on  the  drag  of  a  5°  semi-vertex 
angle  cone  (Porter  et.  al.  1994).  The  tests  were  done  at  a  stagnation  enthalpy  of  15  MJ/kg  with  a 
test  flow  in  which  driver  gas  contamination  occurred,  but  was  less  than  30%  of  the  test  flow  by 
molar  concentration.  It  was  found  that  the  drag  remained  at  a  constant  value  when  the  radius  of  the 
blunt  nose  remained  less  that  0.12  times  the  radius  of  the  base  of  the  cone.  This  indicates  that  a 
moderate  degree  of  nose  bluntness  could  be  used  to  accommodate  nose  tip  heat  transfer  effects  on 
scramjet  inlets  without  directly  affecting  the  drag. 

The  stress  wave  force  balance  has  also  been  used  with  a  two-dimensional  straight  thrust 
nozzle  in  an  exercise  aimed  at  determining  the  influence  of  skin  friction  on  thrust  (Tuttle  1996). 
The  nozzle  had  plane  sidewalls,  was  300  mm  long  and  54  mm  wide,  and  had  two  thrust  surfaces 
which  were  symmetrically  disposed  about  the  nozzle  center-line,  each  with  a  divergence  angle  of 
11°.  7’he  nozzle  was  supported  by  a  two  sting  system,  and  was  otherwise  freely  suspended 
immediately  downstream  of  a  fixed  combustion  duct,  which  supplied  flow  to  the  nozzle.  Provision 
was  made  for  fitting  the  thrust  surfaces  with  transducers.  Thus,  the  measured  net  thrust  could  be 
compared  with  the  thrust  obtained  from  measured  pressure  distributions  to  assess  the  thrust  loss  due 
to  skin  friction.  It  was  found  that  this  thrust  loss  was  20%  +/-  5%  of  the  pressure  thrust,  and  was 
consistent  with  approximate  estimates  using  a  skin  friction  coefficient  of  3  x  10''’.  These  estimates 
indicated  that  approximately  half  the  skin  friction  drag  was  associated  with  the  nozzle  walls,  and 
therefore  the  skin  friction  drag  on  the  thrust  surfaces  was  roughly  10%  of  the  pressure  thrust. 
However,  the  presence  of  combustion  in  the  combustion  duct  did  not  measurably  affect  the  skin 
friction  drag,  indicating  that  the  combustion  thrust  increment,  obtained  by  subtracting  the  fuel-off 
pressure  thrust  from  the  fuel-on  pressure  thrust,  is  not  measurably  affected  by  skin  friction. 

The  stress  wave  balance  method  was  extended  to  simultaneously  measure  three  components 
of  force  (Mee  et.  Al  1996).  and  was  used  for  experimental  measurement  of  the  lilt,  drag  and 
pitching  moment  on  a  15°  semi-vertex  angle  cone  220  mm  long,  at  angles  of  incidence  which 
varied  from  0°  to  5°.  Results  were  consistent  with  theoretical  calculations,  and  led  to  use  of  the 
three-component  stress  wave  balance  for  scramjet  experiments. 


5.  Integrated  scramjet  force  measurements 

With  the  development  of  the  stress  wave  balance  for  measuring  axial  force,  it  became 
possible  to  measure  the  thrust/drag  performance  of  integrated  scramjet  configurations.  The 
axisymmetric  scramjet  model  shown  in  Fig.  5(a)  was  chosen  for  initial  experimentation  (Paul)  et. 
al.  1995).  The  model  is  shown  with  half  the  cowl  removed.  It  consisted  of  an  axisymmetric  center- 
body,  with  six  combustion  chambers  and  associated  intakes  arranged  about  its  periphery.  These 
intakes  consisted  of  compression  ramps  formed  by  the  splitters  which  separate  the  combustion 
chambers. 


Figure  5  -  Integrated  scramjet  model:  (a)  model  details  (dimensions  in  mm),  (b)  time  integrated  photograph  of 

model  (JMJ/kg) 

5.1  Model  design 

Experiments  with  integrated  scramjet  configurations  are  more  demanding  of  shock  tunnel 
performance  than  the  component  experiments  described  so  far.  This  is  illustrated  in  the  design  of 
the  scramjet  model.  In  order  to  avoid  the  possibility  of  thermal  choking  at  the  lower  end  of  the  sub¬ 
orbital  velocity  range,  a  post  combustion  Mach  number  of  approximately  2  was  chosen  which,  with 
a  constant  area  combustion  duct  and  a  heat  release  corresponding  to  stoichiometric  combustion  of 
hydrogen,  implied  a  precombustion  Mach  number  of  approximately  4.  This  Mach  number  is  a 
result  of  the  inlet  compression  process.  For  a  scramjet  in  atmospheric  flight,  where  the  static 
temperature  is  fixed,  it  would  be  necessary  for  the  inlet  compression  process  to  yield 
precombustion  temperatures  and  pressures  which  are  high  enough  to  assure  ignition  and  burning  of 
the  fuel  but,  because  the  shock  tunnel  can  supply  an  airflow  at  any  reasonable  freestream 
temperature,  the  temperature  requirement  can  he  relaxed.  The  function  of  the  scramjet  inlet 
compression  process  in  a  shock  tunnel  is  therefore  to  raise  the  precombustion  pressure  to  a  suitable 
multiple  of  the  freestream  pressure.  Choosing  a  value  of  10  for  this  multiple,  representing  a 
reasonable  thermal  cycle  efficiency,  and  an  inlet  compression  process  which  took  place  through 
three  oblique  shocks,  resulted  in  a  freestream  Mach  number  of  6  and  an  inlet  contraction  ratio  of 

4.8.  Detailed  intake  considerations  reduced  the  inlet  contraction  ratio  to  4.4.  The  thrust  nozzle 
expansion  ratio  is,  through  geometrical  considerations,  related  to  the  inlet  contraction  ratio  and. 
with  the  value  of  the  inlet  contraction  ratio  just  quoted,  the  expansion  ratio  of  the  thrust  nozzle  was 

5.8. 

The  value  of  the  precombustion  pressure  must  be  sufficient  for  the  combustion  reaction  and 
associated  heat  release  to  take  place.  For  the  hydrogen  air  reaction.  Fig.  4  indicates  that  the  value 


of  the  product  of  precombustion  pressure  and  combustion  chamber  length  should  be  approximately 
15  kPa  m.  The  length  of  the  combustion  chamber,  at  0.06m.  was  limited  by  the  model  size,  which 
was  itself  limited  by  the  shock  tunnel  test  time,  and  this  combustion  chamber  length  led  to  a 
required  precombustion  pressure  of  250  kPa.  Unfortunately,  the  shock  tunnel  nozzle  supply 
pressure  was  limited  to  40  MPa  for  these  experiments  and.  with  a  freestreani  Mach  number  of  6, 
the  precombustion  pressure  was  limited  to  lOOkPa.  Thus  the  limitation  of  the  shock  tunnel  nozzle 
supply  pressure  led  to  a  precombustion  pressure  which  was  insufficient  to  sustain  complete 
hydrogen  air  combustion.  Or.  to  put  it  another  way.  the  demands  made  by  this  integrated  scramjet 
experiment  exceeded  the  shock  tunnel  performance  levels. 

However,  by  using  hydrogen  fuel  mixed  with  silane  (SiHj)  as  an  ignition  promoter,  it  was 
possible  to  reduce  the  pressure  required  for  combustion.  The  results  of  central  injector  constant  area 
combustion  duct  experiments  with  hydrogen-silane  fuel  mixtures  (Morris  1989)  indicated  that,  at 
the  expected  minimum  scramjet  model  precombustion  temperature  of  800  K.  the  required  value  of 
the  product  of  precombustion  pressure  and  combustion  chamber  length  was  approximately  3  kPa  m 
with  a  fuel  mixture  which  included  between  20%  and  5%  of  silane  by  molar  concentration. 
Assuming  that,  as  with  hydrogen  fuel,  the  mode  of  injection  would  not  significantly  affect  the 
combustion  lengths,  it  was  concluded  that  a  fuel  consisting  of  13%,  silane  and  87%  hydrogen 
would  undergo  complete  combustion  heat  release  within  the  combustion  chamber  length  at  a 
precombustion  pressure  of  100  k  Pa. 

Relatively  large  increases  in  pressure  occur  through  the  inlet  compression  process,  and  the 
boundary  lavers  must  be  able  to  negotiate  these  pressure  increases  without  separation.  Therefore, 
the  Reynolds  numbers  on  the  forecone  of  the  model  should  be  high  enough  to  ensure  transition  to  a 
turbulent  boundary  layer.  A  study  of  transition  on  a  flat  plate  in  the  shock  tunnel  (He  and  Morgan 
1994)  had  yielded  a  transition  Reynolds  number  which  varied  from  2.5  x  106  to  1.0  x  I0(>  as  the 
stagnation  enthalpy  increased.  The  corresponding  forecone  Reynolds  numbers  were  2.7  x  10°  to  1.2 
x  I  ()'’  over  the  same  range  of  stagnation  enthalpies  and  this,  together  with  the  disturbances  to  the 
boundary  layer  generated  by  the  compressions  shocks,  indicated  that  transition  to  a  turbulent 
boundary  layer  would  occur  on  the  forecone.  Figure  5(b)  shows  the  scramjet  model  in  operation  in 
the  shock  tunnel.  Flow  luminosity  on  the  forecone  arises  from  flow  compression  by  the  conical 
shock  formed  on  the  forecone.  The  absence  of  the  regions  of  high  luminosity  which  would  be 
associated  with  the  strong  shock  waves  resulting  from  choking  is  an  indication  that  the  inlet 
compression  process  is  performing  as  designed.  The  high  luminosity  seen  at  the  downstream  end  of 
the  cowl  is  associated  with  the  combustion  region,  and  is  thought  to  be  due  to  silicon  released 
during  the  combustion  process. 

5.2  Performance  of  the  model 

The  performance  of  the  scramjet  model  in  shock  tunnel  tests  is  presented  in  Fig.  6  in  terms 
of  the  net  thrust  Coefficient.  Ctn-  Two  continuous  lines  are  displayed,  with  associated  experimental 
points,  showing  the  comparison  between  experimental  and  theoretical  values  of  the  axial  force, 
both  with  fuel  injection  and  without  fuel  injection.  The  theoretical  values  were  obtained  by  adding 
the  calculated  inviscid  and  viscous  axial  forces  acting  on  the  inlet,  combustion  chambers  and  the 
thrust  nozzle.  The  consistency  between  the  axial  forces  calculated  in  this  manner  and  the 
measurements  served  as  a  check  on  the  validity  of  the  calculation.  Fig.  6  also  displays  two  broken 
lines.  The  lower  one  on  the  figure  represents  the  fuel  off  drag,  and  is  fitted  by  eye  to  the  associated 
experimental  points.  This  broken  line  was  used  to  yield  values  of  the  drag  coefficient,  CD.  for  the 
upper  broken  line,  which  was  obtained  from  theoretical  calculations  of  the  forces  on  the  engine. 
These  calcuations  yield  values  of  the  net  thrust  coefficient  which  are  generally  consistent  with  the 
experimental  results,  with  a  tendency  to  somewhat  underpredict  the  drag  at  stagnation  enthalpies 
exceeding  4  MJ/kg.  A  positive  thrust  was  obtained  only  at  stagnation  enthalpies  below  this  level. 


At  stagnation  enthalpies  below  3,0  MJ/kg,  unsteadiness  in  the  thrust  began  to  appear,  and 
attempts  to  increase  the  thrust,  either  by  further  lowering  the  stagnation  enthalpy  or  by  increasing 
the  fuel  equivalence  ratio  led  to  choking  of  the  scramjet  inlet.  This  is  unlikely  to  have  been  due  to 
thermal  choking  of  the  combustion  chambers,  as  eqn.  I  indicates  that  insufficient  heat  release  is 
taking  place,  so  the  choking  is  attributed  to  boundary  iayer  separation  in  the  engine  due  to  the 
combustion  pressure  rise. 


II  V*  *  * 

Figure  6  -  Performance  of  the  axisymmetric  scramjet  model  in  the  shock  tunnel  (U  =  velocity,  H  =  stagnation 

enthalpy) 

5.3  Hydrogen  fuelled  scramjet  models 

The  use  of  a  si  lane- hydrogen  mixture  as  fuel  did  indeed  reduce  the  value  of  the  pressure  x 
combustion  chamber  length  parameter  required  for  essentially  complete  combustion,  but  it  also 
increased  the  mixture  molecular  weight  with  respect  to  hydrogen,  and  therefore  had  the 
disadvantage  that  it  reduced  the  fuel  specific  impulse.  In  an  attempt  to  show  experimentally  that 
this  reduction  could  be  avoided,  a  scramjet  model  was  designed  in  which  combustion  of  hydrogen 
fuel  would  be  encouraged,  without  the  need  for  an  ignition  promoter  (Stalker  &  Pauli  1998).  Figure 
7  shows  detail  of  one  half  of  the  model,  which  was  symmetrical  about  the  plane  AA'  in  the  figure. 
This  symmetry  was  necessary  because,  at  the  time  the  experiments  were  done,  the  force  balance 
could  only  operate  with  axial  loads.  An  inlet  contraction  ratio  of  5.2  was  used,  with  the  aim  of 
producing  a  local  region  of  high  temperature  and  pressure  and.  to  minimize  choking  tendencies 
when  combustion  occurred,  was  followed  by  a  divergent  combustion  chamber.  Hydrogen  fuel 
injection  took  place  at  the  minimum  cross-section.  It  was  found  that,  although  the  model  flow 
started  and  ran  during  the  shock  tunnel  test  time  with  no  fuel  injection,  the  flow  choked  when  the 
fuel  flow  was  initiated  before  the  shock  tunnel  flow,  but  ran  when  the  fuel  flow  was  initiated  after 
initiation  of  the  shock  tunnel  flow.  A  possible  explanation  for  the  choking  effect  may  he  that  the 
injected  fuel  interacted  with  the  shock  tunnel  nozzle  starting  flow  to  establish  a  choked  flow  which 
was  subsequently  maintained  by  combustion.  Using  the  delayed  fuel  injection  technique,  it  was 
possible  to  establish  a  steady  flow  with  hydrogen  combustion. 


Figure  7  *■  Hydrogen  fuelled  serum  jet  cruise  model  (dimensions  in  mm) 

In  experiments  at  a  stagnation  enthalpy  of  3.5  MJ/kg  and  a  Mach  number  of  6.4.  the  thrust 
with  combustion  increased  with  equivalence  ratio,  and  became  equal  to  the  drag  as  the  equivalence 
ratio  approached  unity,  thus  achieving  the  cruise  condition  of  net  zero  thrust  or  drag.  By 
comparison  with  results  of  pressure  measurements  in  a  combustion  duct  thrust  nozzle  combination, 
it  was  conceded  that  combustion  was  taking  place  in  the  thrust  nozzle  (Stalker  et.  al.  2004.  Stalker 
&  Pauli  1998)  but  as  indicated  by  a  measured  fuel  specific  impulse  of  835  seconds,  a  portion  of  the 
fuel  did  not  bum.  Thus,  although  the  use  of  an  ignition  promoter  had  been  avoided,  the  fuel  specific 
impulse  of  hydrogen  fuel  had  not  been  fully  realized.  It  is  worth  noting  that  the  fuel  off  drag 
coefficient  was  0.183.  which  is  similar  to  the  drag  coefficient  of  the  axisymmetric  scranijet  model 
discussed  above,  and  was  again  divided  approximately  equally  between  inviscid  and  viscous  drag. 

6.  Inlet  injection  and  radical  farming 

The  integrated  scramjet  force  measurements  indicated  that  mixing  and  combustion  of 
hydrogen  could  not  be  completed  at  the  precombustion  pressures  and  combustion  duct  lengths  of 
the  experiments  in  section  5.  Not  only  did  this  limitation  lead  to  development  of  the  shock  tunnel  to 
increase  operating  pressure  levels,  but  it  also  encouraged  experiments  on  two  concepts:  one 
designed  to  reduce  combustion  duct  lengths  for  complete  combustion,  and  the  other  to  explore  a 
mode  of  combustion  different  from  the  diffusion  flame  modes  considered  so  far. 

The  first  of  these  concepts  involved  injection  of  fuel  on  the  inlet.  Inlet  injection  has  clear 
advantages  in  allowing  mixing  of  hydrogen  with  air  at  the  relatively  low  temperatures  of  the  inlet 
before  the  mixture  enters  the  combustion  duct  and  ignites,  thereby  ensuring  that  the  combustion 
process  in  the  combustion  duct  is  not  delayed  by  the  necessity  for  mixing.  However,  it  was 
important  to  ensure  that  ignition  did  not  occur  prematurely,  and  thereby  cause  drag  on  the  inlet  due 
to  the  resulting  combustion  pressure  increase.  Experiments  involving  surface  pressure  measure¬ 
ments  and  shadowgraph  flow  visualization  were  done  with  injection  through  surface  orifices  in  the 
inlet.  The  scramjet  walls  were  at  room  temperature  and  the  stagnation  enthalpy  was  3.0  MJ/kg 
(Gardener  2001).  No  evidence  of  inlet  combustion  was  detected,  but  combustion  was  observed  in 
the  combustion  duct.  Experiments  were  also  done  with  hydrogen  injected  through  orifices  in  an 
inlet  surface  which  was  heated  to  500  K  (Kovachevich  et.  al.  2004).  and  no  evidence  of  inlet 
combustion  was  detected  either  by  surface  pressure  measurements  or  by  interferometric  imaging. 

The  second  concept  combined  inlet  injection  with  a  technique  to  promote  early  ignition  of 
the  fuel-air  mixture  called  “radical  fanning”  (Odam  2004).  This  technique  is  illustrated  in  Fig. 
8(a),  which  represents  a  two-dimensional  scramjet  configuration.  The  shocks  or  compression 
waves  which  make  up  the  inlet  compression  process  are  arranged  to  fonn  a  local  region  of  elevated 
pressure  and  temperature,  near  the  entrance  to  the  combustion  duct,  where  the  production  of  the 
chemical  radicals,  which  are  a  first  stage  in  the  overall  combustion  process,  will  be  encouraged. 
This  region  is  called  the  radical  farm,  and  is  isolated  from  the  walls  of  the  combustion  duct  by  a 
lower  pressure,  cooler  flow.  The  radical  farm  is  terminated  by  the  expansion  waves  from  the 


comer  at  the  combustion  duct  entrance,  but  the  radicals  remain  “frozen”  in  the  flow  until  they  meet 
another  region  of  elevated  temperature  and  pressure,  where  combustion  continues.  The  benefit  of 
radical  fanning  is  that,  because  of  the  exponential  dependence  on  temperature  of  the  rate  of  radical 
formation,  the  regions  of  elevated  temperature  and  pressure  in  the  radical  famis  provide  accelerated 
development  of  the  ignition  process. 

Experiments  were  done  with  the  two-dimensional  configuration  of  Fig.  8(a).  The  model 
was  75  mm  wide,  and  was  fitted  with  sideplates  to  ensure  two-dimensional  flow.  Pressure 
measurements  were  taken  in  the  model  midplane,  along  the  inlet,  combustion  duct  and  thrust 
nozzle,  together  with  measurements  along  three  transverse  lines  to  check  that  the  flow  was  two- 
dimensional.  Typcial  pressure  distributions  are  displayed  in  Fig.  8(b),  and  show  that  vigorous 
combustion  occurred  within  the  length  of  the  combustion  duct.  Using  the  inlet  flow  conditions,  a 
mean  preconi bustion  temperature  of  700  K  is  obtained  for  the  case  of  Fig.  8(b),  a  temperature 
which  has  been  found  to  be  too  low  for  combustion  in  other  experiments  with  constant  area 
combustion  ducts.  Thus  radical  farming  offers  considerable  improvement  in  the  ignition 
characteristics  of  a  hydrogen-fuelled  scramjet. 
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Figure  8  -  Experiments  on  radical  farming  (dimensions  in  mm) 

Integration  of  the  measured  pressure  distributions  was  used  to  obtain  a  two-dimensional 
inlet  drag  and  nozzle  thrust,  and  this  was  combined  with  skin  friction  calculations  for  all  interior 
surfaces  (including  the  interior  of  the  side  plates)  to  obtain  an  interior  tlowpath  net  thrust.  Using 
measured  values  of  the  injected  fuel  mass  flow,  this  net  thrust  could  be  converted  to  a  net  specific 
impulse,  which  is  presented  in  Fig.  8(c).  The  inlet  contraction  ratio  was  varied  by  adjusting  the 
spacing  between  the  upper  and  lower  halves  of  the  scramjet  model,  as  shown  in  Fig.  8(a).  and  at 
each  contraction  ratio,  the  equivalence  ratio  was  increased  until  choking  occurred.  At  a  stagnation 
enthalpy  of  3  MJ/kg,  the  equivalence  ratio  for  choking  fell  from  0.65  to  0.35  as  the  contraction  ratio 
was  increased  from  2.9  to  4.1  and  at  4  MJ/kg.  it  fell  from  0.85  to  0.40.  Estimates  indicated  that,  as 
the  contraction  ratio  changed,  the  radical  farms  persisted  without  major  changes  in  their 


dimensions,  suggesting  that  combustion  processes  in  the  model  were  essentially  independent  of  the 
contraction  ratio.  This  is  in  contrast  to  the  more  conventional  scramjet.  where  the  inlet  contraction 
ratio  determines  the  precombustion  temperature,  which  strongly  influences  the  combustion  process. 
Fig.  8{c)  confinns  this  independence  by  presenting  points  which  were  obtained  by  taking  the  mean 
of  2-4  measurements  of  the  net  specific  impulse  near  the  choking  limit  at  each  value  of  the 
contraction  ratio.  As  represented  by  the  cross-hatched  zones,  the  net  specific  impulse  values  tended 
to  remain  constant  as  the  contraction  ratio  was  varied  at  both  the  stagnation  enthalpies  tested, 
indicating  that  combustion  heat  release  was  not  significantly  affected  by  the  changes  in  contraction 
ratio.  It  may  also  he  observed  that  the  net  specific  impulse  values,  though  small,  arc  all  positive, 
indicating  that  positive  net  thrust  was  obtained  for  the  internal  flowpath  of  this  scramjet  model. 


7.  Skin  friction  reduction  by  boundary  layer  combustion 

The  importance  of  skin  friction  drag  in  reducing  the  net  thrust  with  an  integrated  scramjet 
configuration  focussed  attention  on  a  means  of  reducing  skin  friction  in  turbulent  boundary  layers. 
Noting  that  the  Reynolds  stresses  in  a  turbulent  boundary  layer  play  the  role  of  viscosity,  and  that 
they  are  density  dependent,  it  was  thought  that  they  could  be  reduced  by  raising  the  temperature, 
thus  reducing  the  effective  viscosity.  In  addition,  the  reduction  in  density  would  increase  the  width 
of  the  boundary  layer  streamtubes,  and  these  two  effects  of  increasing  the  boundary  layer 
temperatures  would  both  tend  to  reduce  the  skin  friction. 
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Figure  9  -  Turbulent  skin  friction  reduction  by  boundary  layer  combustion;  (a)  Experimental  duel  details 
(dimensions  in  mm);  (b)  skin  friction  and  beat  transfer  measurements  (CflCfn  =  skin  friction  coefficient  with  and 
without  hydrogen  injeetkm,  C'b,  Chll  —  Stanton  number  with  and  without  hydrogen  injection,  til  =  hydrogen  mass 

flow ) 


This  concept  was  tested  by  doing  experiments  with  the  rectangular  duct  contiguration 
shown  in  Fig.  9(a)  (Goyne  et.  al.  2000)  at  a  stagnation  enthalpy  of  7.8  MJ/kg  and  a  pre-injection 
pressure,  temperature  and  Mach  number  of  50  kPa,  1500K  and  4.5,  respectively.  Hydrogen  was 
injected  from  a  room  temperature  reservoir,  at  a  Mach  number  of  1.8,  through  a  slot  at  the  wall 
which  spanned  the  100  mm  dimension  of  the  duct  cross-section.  Thus,  the  flow  over  the  surface 
downstream  of  the  slot  was  nominally  two-dimensional.  As  shown  in  the  figure,  this  surface  was 
instrumented  to  measure  pressure  and  heat  transfer,  while  four  skin  friction  gauges  were  used  to 
measure  skin  friction  at  the  indicated  station.  The  height  of  the  duct  was  such  that  combustion 
could  be  confirmed  by  an  increase  in  the  pressure  rise  along  the  duct  length.  Results  from  the 
experiments  are  presented  in  Fig.  9(b)  for  an  injected  hydrogen  mass  flow  of  0.40  kg/s  per  metre 
width  of  the  slot.  Large  reductions  in  skin  friction  are  apparent  for  hydrogen  injection  and 
combustion,  with  the  skin  friction  coefficient  then  only  one  quarter  of  the  skin  friction  coefficient 
with  no  injection.  To  confirm  that  this  effect  was  due  to  combustion,  experiments  were  done  with 
nitrogen  test  gas  under  the  same  test  conditions.  Although  the  figure  shows  a  reduction  in  skin 
friction,  due  to  the  reduction  in  boundary  layer  densities  caused  by  hydrogen  mixing,  the  reductions 
in  skin  friction  are  much  less  than  when  combustion  of  the  injected  hydrogen  took  place.  Figure 
9(b)  also  displays  heat  transfer  measurements  showing  that  near  fuel  injection,  the  Stanton  number 
with  fuel  injection  is  much  less  that  the  Stanton  number  without  fuel  injection  and  rises  towards  no 
injection  values  well  downstream.  This  reduction  in  heat  transfer  takes  place  in  spite  of  the 
combustion  heating  of  the  boundary  layer.  It  occurs  because,  by  virtue  of  Reynold's  analogy,  the 
reduced  skin  friction  coefficient  implies  a  reduced  Stanton  number,  and  this  effect  is  only  partially 
offset  by  the  additional  combustion  related  heat  transfer  close  to  injection.  Further  downstream, 
more  of  the  injected  hydrogen  is  burned  and  combustion  heat  release  has  a  greater  relative 
influence  on  heat  transfer. 

The  experimental  results  in  Fig.  9(b)  were  compared  with  predictions  of  a  numerical 
simulation  (Goyne  et.  al.  2000,  Brescianini  1993)  and  a  theoretical  analysis  (Stalker  2005).  The 
numerical  simulation  employed  finite  rate  chemistry,  a  k-e  turbulence  model,  a  parabolic  Navier- 
Stokes  code,  and  assumed  a  uniform  pressure  over  the  surface  on  which  the  boundary  layer  was 
formed.  It  was  generally  consistent  with  the  experimental  results  in  predicting  a  reduction  in  skin 
friction  in  the  absence  of  hydrogen  combustion,  and  a  large  reduction  in  the  skin  friction  with 
combustion.  The  low  values  of  measured  skin  friction  coefficient  at  the  two  downstream  stations 
are  thought  to  be  an  effect  of  the  pressure  gradients  along  the  wall  acting  on  the  reduced  wall 
friction.  The  combustion  induced  heat  transfer  reduction  was  also  predicted  satisfactorily. 

The  theoretical  analysis  (Stalker  2005)  used  a  model  of  the  turbulent  boundary  layer 
formulated  by  Van  Driest,  which  represents  the  effect  of  temperature  induced  density  changes  in 
the  boundary  layer  on  the  skin  friction  on  a  fiat  plate.  The  Van  Driest  model  was  extended  by 
incorporating  the  changes  in  temperature  and  density  resulting  from  the  injection  of  hydrogen  along 
the  surface  from  an  upstream  slot.  Combustion  of  the  hydrogen  with  oxygen  was  assumed  to  take 
place  instantaneously  when  the  two  came  into  contact,  regardless  of  the  temperature.  This  allowed 
the  distribution  across  the  boundary  layer  of  the  species  mass  fractions  and  the  stagnation  enthalpy 
to  be  determined  by  using  the  Shvab-Zeldovich  scheme  for  coupling  of  these  variables.  The  density 
could  then  be  obtained  as  a  quadratic  relation  in  the  boundary  layer  velocity,  as  in  the  analysis  of 
Van  Driest,  but  with  coefficients  which  were  different  to  those  of  Van  Driest.  This  expression  was 
used  to  yield  the  momentum  thickness,  which  was  differentiated  with  respect  to  the  downstream 
distance  to  obtain  the  skin  friction.  As  shown  in  Fig.  9(b),  this  analysis  yields  results  which  are  in 
approximate  agreement  with  results  from  the  numerical  simulation  and  the  experiments. 

The  analysis  has  been  employed  to  determine  the  effect  on  skin  friction  and  heat  transfer  on 
a  flat  plate  for  flight  velocities  up  to  6  km/s.  It  yielded  values  of  skin  friction  drag  which  were  less 
than  half  of  the  fuel-off  skin  friction  drag,  together  with  a  net  reduction  in  heat  transfer  when  the 


combustion  heat  release  in  air  was  less  than  the  stagnation  enthalpy.  The  mass  efficiency  of 
hydrogen  injection,  as  measured  by  effective  specific  impulse  values  was  approximately  2000 
seconds.  Clearly,  if  boundary  layer  combustion  of  hydrogen  can  be  realized  over  a  sufficiently  wide 
range  of  freestream  conditions,  it  can  be  an  important  factor  in  increasing  penetration  of  integrated 
scramjet  configurations  into  the  sub-orbital  regime. 

8.  The  HyShot  2  flight  experiment 

The  ultimate  test  of  shock  tunnel  predictive  capability  is  a  direct  comparison  of  shock 
tunnel  data  with  data  obtained  in  flight  with  the  same  experimental  configuration  and  the  same  flow 
conditions.  Although  examples  existed  where  fight  data  for  external  aerodynamics  was  compared 
with  shock  tunnel  data  (Krek  &  Stalker  1992),  flight  data  involving  supersonic  combustion  did  not 
exist  in  the  late  1990's,  thus  eliminating  the  possibility  of  a  comparison  with  shock  tunnel  data. 
However,  this  situation  changed  when  two  sounding  rocket  ilights  became  available  to  The 
University  of  Queensland  for  supersonic  combustion  experiments. 


Figure  10.  HyShot  flight  profile 

The  sounding  rockets  were  two-stage  Terrier-Orion  combinations,  and  were  supplied  by 
Astrotech  Space  Operations  Inc.  of  the  USA.  As  shown  in  Fig.  10.  the  flight  began  with  ignition, 
followed  by  burnout  and  separation  of  the  Terrier  first  stage,  and  subsequent  ignition  and  burnout 
of  the  Orion  second  stage.  The  burnt  out  Orion  remained  attached  to  the  experimental  payload,  in 
order  to  provide  aerodynamic  stability  on  re-entry  to  the  atmosphere.  The  resulting  flight  vehicle 
then  followed  a  parabolic  trajectory,  ascending  to  an  altitude  of  314  km  before  descending  towards 
the  atmosphere.  While  executing  this  manoeuvre,  a  control  jet  was  activated  in  a  “hang-bang" 
mode  to  realign  the  flight  vehicle  so  that  it  re-entered  the  atmosphere  with  the  experimental  model 
pointing  downwards.  Re-entry  was  accomplished  with  a  steep  trajectory,  allowing  the  experiment 


to  take  place  over  a  planned  period  of  7  seconds  as  the  vehicle  passed  from  35  km  to  23  km  in 
altitude  (Pauli  et.  al.  2002,  Smart  et.  al.  2006). 

A  photograph  of  the  experimental  model  is  shown  in  Fig.  1 ! .  with  a  schematic  of  the  fuelled 
flowpath  in  Fig.  12.  The  aim  of  the  experiment  was  to  establish  a  correlation  between  the 
conditions  for  supersonic  combustion  of  hydrogen  fuel  in  the  shock  tunnel  and  in  flight,  and  the 
experiment  was  therefore  designed  to  be  a  simple  as  possible.  A  two-dimensional  flow 
configuration  was  chosen,  consisting  of  two  identical  flow  paths,  symmetrically  disposed  about  the 
center-line,  both  of  which  were  instrumented  for  pressure  measurement.  By  arranging  that  fuel  was 
injected  into  only  one  of  the  two  combustion  ducts,  it  was  possible  to  compare  fuel-on  with  fuel-off 
pressure  distributions,  and  thus  to  make  a  flight  to  shock  tunnel  comparison  of  the  effect  of  the 
hydrogen  fuel  mixing  and  combustion  processes. 


Figure  II.  HvShot  2  payload 


Combustor 


The  inlet  consisted  of  a  single  18  deg.  wedge  with  a  width  of  100mm.  a  blunted  leading 
edge,  and  highly  swept  side  fences.  The  high  wedge  angle  was  necessary  to  ensure  that  the 
combustor  entrance  temperature  and  pressure  were  great  enough  to  readily  induce  self-ignition  of 
hydrogen.  The  rectangular  combustor  had  a  constant  area  9.8  mm  x  75  mm  cross-section  and  a 
length  of  300  mm  (length/height  =  30.61).  The  combustor  cowl  spanned  the  full  width  of  the 
intake  wedge  and  was  situated  such  that  the  intake  shock  was  upstream  of  its  leading  edge  at  all 
times.  The  flowpath  design  incorporated  a  shock  trap  that  was  situated  between  the  end  of  the  inlet 
wedge  and  the  entrance  of  the  combustor.  This  feature  not  only  captured  the  cowl  shock,  but  also 
bled  off  the  intake  boundary  layer.  The  reduced  width  of  the  combustor  (relative  to  the  inlet 
wedge)  and  lateral  spillage  holes  in  the  side  fences  adjacent  to  the  shock  trap,  were  designed  to 
remove  the  fence  boundary  layers  and  corner  flows.  The  angle-of-attack  of  the  payload  was 
defined  as  positive  when  the  fuelled  combustor  was  on  the  windward  side,  and  negative  when  the 
fuelled  combustor  was  leeward. 


Figure  15*  Reconstructed  Mach  number  (M)  and  dynamic  pressure  (q)  histories 
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i 

538.103 

7.828 

24.88 

34.48 

-5.012 

2 

538.179 

7.831 

25.33 

34.31 

5.540 

3 

538  734 

7.938 

31.55 

33.05 

-5.081 

4 

538  805 

7.938 

32,20 

32.89 

4.617 

Table  I  -  Flight  parameters  for  analyzed  time  slices 


The  (light  produced  a  significant  set  of  scramjet  combustor  data  at  varying  duct  entrance 
pressure,  temperature  and  Mach  number.  Trajectory  reconstruction  was  accomplished  using 
onboard  sensors  alone  (Cain  et.  al.  2004).  Fuel  flow  was  initiated  at  approximately  t  =  536.5 
seconds  after  launch  as  the  payload  and  attached  Orion  motor  re-entered  the  atmosphere.  Figure  1 3 
shows  the  Mach  number  and  dynamic  pressure  time  histories  during  three  seconds  of  the 


experimental  window  and  Table  I  lists  four  zero-yaw  time  slices  used  for  analysis.  Figure  14 
shows  a  comparison  of  the  fuelled  and  unfuelled  combustion  pressure  distributions  at  windward 
conditions:  i.e.  when  each  combustion  duct  was  at  a  positive  angle-of-attack  of  approximately  5 
degrees.  Note  that  all  data  is  normalized  by  the  combustor  entrance  pressure,  in  order  to  make 
meaningful  comparisons.  The  equivalence  ratio  of  the  fuelled  duct  was  approximately  0.34.  and 
the  pressure  rise  from  combustion  of  the  hydrogen  fuel  is  clearly  evident.  Cycle  analysis  of  this 
data  indicated  that  supersonic  combustion  occurred  at  these  times  slices  during  the  flight,  at  a 
combustion  efficiency  for  the  fuel  of  81%. 
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Figure  14*  Windward  fueled  and  un-fueled  combustor  pressure  distributions  (p  =  duct  pressure,  pc  -  combustor 

entrance  pressure,  x  =  axial  distance  from  nose  of  payload) 

One  of  the  important  motivations  for  the  HyShot  flights  was  validation  of  short  duration 
ground  testing  for  scramjet  development.  As  a  first  step  towards  this,  a  series  of  pre-flight 
experiments  were  conducted  at  The  University  of  Queensland  in  the  T4  shock  tunnel  to  determine 
the  expected  performance  of  the  flight  payload.  These  experiments  were  documented  in  Pauli  et. 
al.  (2000),  and  four  of  these  shock  tunnel  runs  are  compared  here  with  the  presented  flight  lime 
slices. 

The  model  used  for  the  pre-flight  ground  tests  was  designed  to  generate  similar  combustor 
entrance  conditions  to  flight  at  Mach  7.6,  while  using  an  existing  Mach  6.5  shock  tunnel  nozzle. 
This  dictated  the  use  of  an  experimental  model  with  a  1 7°  wedge  intake  (compared  to  1 8°  in  the 
flight  payload)  and  shock  tunnel  nozzle  exit  conditions  with  higher  freestream  pressure  and 
temperature  than  flight.  The  300  mm  length  combustor  and  fuel  injectors  were  identical  to  flight, 
except  that  fuel  injection  took  place  40  mm  downstream  of  the  combustor  entrance  (compared  to  58 
mm  in  flight),  and  the  ground  test  model  had  an  increased  number  of  combustor  pressure  taps.  A 
final  difference  between  the  ground  and  flight  hardware  was  that  the  nozzle  expansion  was  situated 
on  the  bodyside  of  the  combustor  in  the  ground  test  model  (compared  to  the  cowlside  for  the  flight 
hardware). 

Figure  15  shows  a  comparison  between  ground  and  flight  data  for  the  fuelled  combustor  at 
windward  conditions.  Both  ground  and  flight  data  showed  a  clear  pressure  rise  due  to  supersonic 
combustion  of  hydrogen,  and  Fig.  15  confirms  that  both  ground  and  flight  had  similar  pressure 
distributions  along  the  combustor.  It  is  interesting  to  note,  however,  that  despite  the  fact  that  the 
ground  data  had  a  higher  equivalence  ratio  than  flight  (0.47  compared  to  0.34),  both  ground  and 
flight  generated  very  similar  normalized  pressure  levels  up  to  the  last  pressure  lap  in  the  ground 


model.  Additional  ground  experiments  are  planned  with  a  model  and  test  conditions  identical  to 
the  flight  experiment. 


Figure  15  -  Flight- to-ground  comparison  at  windward  conditions 


9.  Super-orbital  studies 

Since  shock  tunnels  were  first  used  for  the  study  of  high  speed  How  phenomena,  attempts  to 
enhance  performance  have  concentrated  on  driver  design.  Many  driver  techniques  have  been  tried 
with  varying  degrees  of  success.  In  recent  years  the  free  piston  driver  technique,  has  been  the 
preferred  option  for  most  high  enthalpy  facilities.  However,  both  reflected  and  non-re  fleeted  shock 
tunnels  are  limited,  independently  of  driver  considerations,  in  the  total  enthalpy  which  they  can 
simulate  because  all  the  energy  is  added  across  a  shock.  This  causes  a  radiation  limit  for  reflected 
shock  tunnels,  and  a  highly  dissociated  plasma  for  non  reflected  tunnels  at  very  high  shock  speeds. 
For  practical  purposes  of  aerodynamic  testing,  such  facilities  are  limited  to  earth  orbital  velocities 
and  below. 

Many  practical  flight  applications  occur  at  superorbital  speeds,  such  as  the  return  of  the 
Apollo  capsules  from  the  moon,  the  entry  of  space  probes  into  the  atmospheres  of  the  gas  giants, 
and  the  reentry  of  sample  return  missions  to  Earth  from  space.  The  heal  shields  for  these  missions 
have  been  designed  with  access  to  scarce  experimental  data,  which  has  led  to  the  use  of 
conservative  design  techniques,  and  safety  factors  much  larger  than  normal  in  the  weight  watching 
aerospace  world  (Gnofi'o  1999).  The  expansion  tube  concept  first  proposed  by  Ressler  and 
Bloxham  (1952)  offers  the  potential  to  increase  both  the  total  enthalpy  and  total  pressure  of  shock 
tunnel  flows,  and  also  to  reduce  the  levels  of  free  stream  dissociation  and  ionisation. 

A  schematic  of  an  expansion  tube  is  shown  in  Fig.  16.  Only  part  of  the  energy  is  added  to 
the  flow  through  a  shock  wave,  and  acceleration  to  hypervelocity  conditions  is  achieved  by  means 
of  an  unsteady  expansion  fan.  In  this  way  energy  and  total  pressure  is  added  to  the  flow,  at  the 
expense  of  test  time,  without  the  flow  dissociation  which  would  occur  if  all  the  energy  were  to  be 
added  across  a  single  shock  wave.  The  largest  expansion  tube  in  operation  at  The  University  of 
Queensland,  X3,  is  65  m  long,  has  a  bore  of  182.6mm  and  a  total  mass  of  44  tonnes.  It  was 
originally  commissioned  as  a  two  piston  facility  with  a  500mm  diameter  launch  tube  delivering  the 
secondary  piston  of  mass  360  kg  to  the  driver.  It  is  currently  being  rebuilt  with  a  single  piston  of 
500  mm  diameter.  The  driven  section  may  be  configured  up  to  40  m  in  total  length,  with  provision 
for  secondary  and  tertiary  diaphragms  along  the  tube  with  I  m  axial  resolution.  Adjustable 
diaphragm  location  is  necessary  to  get  optimized  lengths  for  different  operating  conditions  due  to 
changes  in  the  wave  processes  which  determine  the  development  of  useable  flow.  A  Mach  10 


steady  flow  nozzle  is  being  fabricated  for  X3  to  give  high  total  pressure  conditions  for  scramjet 
testing. 
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Figure  4.3.1:  Schematic  of  a  Generic  Expansion  Tube  with  x-t  Diagram 

Figure  16  -  Schematic  of  the  expansion  tube  an  x-t  diagram 

In  Fig.  17.  the  simulation  capability  of  The  University  of  Queensland  expansion  tubes  (XI. 
X2  and  X3)  is  shown  in  terms  of  density  x  length  (pL)  and  total  pressure  (Po).  together  with  the 
requirements  for  several  important  classes  of  mission,  including  a  large  moon  return  vehicle,  the 
FIRE  capsule  (representative  of  small  unmanned  capsules),  a  Titan  aerocapture  ballute.  and  the 
Muses  C  sample  return  project.  The  University  of  Queensland  expansion  tube  facility  envelope  is 
not  complete,  but  includes  selected  points  across  the  spectrum,  showing  how  it  meets  the 
requirements  of  a  large  range  of  applications. 


Figure  2  Expansion  tube  rhoL  and  Po  simulation 
capability 

and  mission  requirements 
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Figure  17  -  Expansion  tube  rhoL  and  Po  simulation 


The  possibility  of  simulating  the  aerodynamics  of  entry  into  the  Jovian  atmosphere  is 
exciting,  because  of  the  very  large  velocities  involved,  which  are  -  50  km/sec.  Whilst  shock 
speeds  of  such  levels  can  be  created  in  the  laboratory,  the  shock-heated  gas  is  in  the  form  of  an 
unsteady  plasma,  with  no  useable  test  time  suitable  for  aerodynamic  purposes  (Sharma  &  Park 
1990).  However,  Stalker  &  Edwards  (1998)  noted  that  by  substituting  the  helium  content  of  the 
hydrogen-helium  mixture  of  Jupiter  for  neon,  a  similarity  between  shock  tunnel  Hows  and  flight 
could  be  obtained  at  speeds  of  the  order  of  10  km/sec.  Inger  (2003)  used  this  principle  in  the  X2 
expansion  tube  to  investigate  the  effects  of  ionisation  on  blunt  body  shock  standoff. 

At  very  high  speed  flows,  ionisation  becomes  a  significant  factor  in  determining  the  gas 
state  in  blunt  body  flows,  and  the  ability  to  create  such  flows  in  the  laboratory  and  quantify  the 
ionisation  level  is  extremely  useful.  McIntyre  et.  al.  (1997.2003).  have  developed  interferometry 
techniques  to  do  this,  and  some  of  the  results  are  shown  in  Fig.  18(a).  Figure  18(b)  shows  a 
comparison  of  the  data  with  an  analysis  from  the  NASA  I.AURA  code  (Gnoffo  1999).  The  detailed 
agreement  with  the  computations  is  evident,  illustrating  the  utility  of  such  experiments. 


(a)  Holographic  measurements  of  density  and  ionisation  levels 
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(b)Comparbon  of  CFD  analysis  and  measurements 
Figure  18  -  Blunt  body  flows  with  ionization 


Flow  behind  steps  can  be  very  important  in  sustained  hypersonic  flight,  and  the  associated 
separated  flow  regions  can  give  high  heat  transfer  values  on  reattachment.  Such  effects  can  occur  at 
control  surfaces  and  attachment  points  of  structural  members.  In  figure  19,  separated  flow  behind  a 
step  was  reproduced  by  l  layne  (2003,  2004)  for  a  flow  of  air  with  an  equivalent  flight  speed  of 
7750  m/s.  Interferometry  and  thin  film  heat  transfer  measurements  were  used  to  quantify  the  extent 
of  the  separated  flow  region.  Time  resolved  traces  of  the  separation  region  were  used  to  confirm 
that  steady  flow  was  established,  and  the  steady  heating  levels  are  displayed  in  the  figure.  Also 
shown  are  the  results  of  CFD,  which  show  good  agreement  over  the  range  for  which  they  were 
computed.  The  results  of  these  tests  give  confidence  that  the  facility  can  now  be  used  for  the  study 
of  a  wider  range  of  more  challenging  separated  flows,  including  leeward  flows  on  re-entry 
capsules,  and  simulated  gaps  in  the  space  shuttle  tile  insulation. 


Figure  19  -  Separated  flow  behind  flat  plate,  velocity  =  7750  m/s  (qw  -  heat  transfer  to  wall,  x  =  distance  from 

step,  h  =  step  height) 


The  use  of  expansion  tubes  for  simulating  flows  at  very  high  speeds  has  been  demonstrated. 
There  is  plenty  of  scope  for  using  these  facilities  as  new  generations  of  spacecraft  are  developed, 
such  as  moon  return  vehicles,  aerocapture  heat  shields  and  bal  lutes,  and  waverider  designs. 
Instrumentation  is  available  to  record  specific  data  from  tests  to  give  useful  information  about 
surface  healing  and  skin  friction  levels,  three  components  of  force,  density  and  ionisation  levels  and 
some  radiation  measurements. 

10.  Future  plans 

Hypersonics  research  in  Australia  is  alive  and  well.  The  success  of  the  HyShot  flights  has 
led  to  a  significant  interest  in  low  cost  scramjet  flight-testing  using  sounding  rocket  boosters.  In 
November  2006,  an  agreement  was  signed  between  the  Defence  Science  and  Technology 
Organisation  (DSTO)  of  Australia  and  the  United  States  Air  Force,  to  support  a  10-flighl  test 
program  called  HlFiRE.  The  goal  of  this  program  is  to  develop  the  technology  required  for  long 
duration  scramjet  flight  at  Mach  8.  The  University  of  Queensland  is  responsible  for  the  payloads  to 
be  flown  on  three  of  the  ten  flights;  designated  HyShot  5.  6  and  7.  The  plan  for  these  flights  is  as 
follows: 

HyShot  5  -  A  free-flying  hypersonic  glider 

HyShot  5  will  be  a  hypersonic  glider  designed  to  fly  at  Mach  8.  It  will  separate  from  its 
rocket  booster  in  space  and  perform  controlled  manoeuvres  as  it  enters  the  atmosphere.  This  flight 
will  not  have  a  scramjet  attached.  Both  an  up-and-down  trajectory  similar  to  HyShot  2,  and  a  more 
horizontal  “depressed”  trajectory  are  being  considered  for  the  flight.  The  goal  of  the  flight  is  to 
learn  about  the  control  of  hypersonic  vehicles  in  the  upper  atmosphere. 

HyShot  6  -  A  free-flying  Mach  8  scramjet 

HyShot  6  will  use  an  up-and-down  trajectory  similar  to  HyShot  2.  but  the  scramjet  engine 
will  separate  from  the  rocket  and  enter  the  atmosphere  on  its  own  at  about  Mach  8.  It  will  be  a 
payload  of  around  250  kg,  over  twice  the  size  of  the  HyShot  2  payload.  The  goal  of  the  flight  is  to 
measure  actual  thrust  levels  of  the  scramjet  over  five  seconds  of  scramjet  engine  operation.  A 
three-dimensional  scramjet  flowpath  developed  at  The  University  of  Queensland  will  be  flown. 
HyShot  7  -  Sustained  Mach  8  Scramjet  Powered  Flight 

HyShot  7  is  the  culmination  of  the  other  two  flights.  It  will  be  a  scramjet- powered  vehicle 
and  its  design  will  make  use  of  the  information  learned  from  HyShot  5  and  6.  A  depressed 
trajectory  will  be  used  for  this  flight  and  the  goal  is  to  fly  the  sc  ramjet-powered  vehicle  horizontally 
for  up  to  a  minute  at  Mach  8.  The  engine  structure  will  reach  a  thermally  steady-state  condition  in 
this  period,  so  this  High!  is  a  proof-of-concept  for  long  duration  scramjet  flight. 


Figure  20  -  REST  engine  model  for  T4 


Figure  21  -  REST  engine  mounted  in  the  T4  test  section 


Preliminary  testing  of  a  candidate  3-D  scramjet  flowpaih  for  HyShot  VI  lias  begun  in  T4. 
The  engine  includes  a  Rectanguiar-to-Elliptical  Shape  Transition  (REST)  inlet  (Smart  1999.2001) 
and  a  divergent  combustor  with  elliptical  cross-section.  Figures  20  and  21  show  2  photographs  of 
the  shock  tunnel  model  used  in  the  experiments,  which  was  fabricated  from  high  strength  plastic. 
The  short  duration  of  the  test-time  in  T4  allows  the  use  of  such  fabrication  techniques,  which 
cannot  be  used  for  longer  duration  testing  or  flight.  Figure  22  shows  some  preliminary  test  data  for 
the  engine.  The  test  flow  conditions  were  equivalent  to  Mach  8  flight  at  30  km  altitude,  which 
corresponds  to  a  dynamic  pressure  of  0.5  atmospheres,  and  the  fuel  was  gaseous  hydrogen.  The 
bodyside  pressure  distributions  in  Fig.  22  indicate  a  clear  pressure  rise  due  to  combustion  in  the 
combustor  and  nozzle. 
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Figure  22  -  Preliminary  REST  engine  data  at  Mach  8  (p  =  duct  pressure,  x  =  distance  from  leading  edge  of  the 

model,  phi  =  equivalence  ratio) 


Together  with  the  ilight  experiments,  the  Centre  for  Hypersonics  at  The  University  of 
Queensland  will  continue  to  conduct  fundamental  research  on  scram  jet  flowpaths.  with  particular 
emphasis  on  Flight  Mach  numbers  of  10  and  above,  and  super-orbital  flows  that  are  affected  by 
radiation. 
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The  active  interest  to  the  problem  of  combustion  in  high  velocity  flow  was  initiated  by 
pioneering  works  of  A.  Ferri  (USA)  and  E.S.  Schetinkov  (USSR)  in  1957-1958  years  (see,  for 
example.  [1,2]).  These  publications  have  given  rise  to  impetuous  advance  in  fundamental  and 
applied  investigations.  The  bibliography  of  these  investigations  is  quite  extensive  to  be  presented 
in  this  report.  As  the  example,  the  detailed  reviews  of  previous  investigations  [3,4]  can  be 
recommended.  The  book  [5]  with  reviews  of  investigations  have  been  made  in  Austral  ia.  France, 
Germany.  Russia,  Japan.  USA  allows  to  obtain  information  concerning  the  state  of  the  art  in  this 
area. 

Some  fundamental  aspects  of  combustion  in  high  velocity  How,  which  were  in  the  scope  of 
interests  of  author  and  his  colleagues,  are  discussed  in  this  presentation.  The  primary  attention  is 
given  to  the  investigations  of  gasdynamic  and  physical-chemical  processes  at  the  combustion  of 
hydrogen  in  high  velocity  flow.  Numerical  simulation  is  the  main  tool  of  these  investigations. 
Flowever,  the  numerical  simulation  was  performed  in  the  close  relations  with  experimental 
research.  The  available  published  data  of  experimental  investigations  were  also  used.  The 
numerical  simulation  is  based  on  the  full  or  parabolized  Navier-Stokes  equations  and  detailed 
schemes  of  chemical  kinetics  with  account  for  turbulent  mixing  process.  The  turbulent 
combustion,  as  a  rule,  is  considered  in  quasi-Iaminar  approach. 

Part  I.  The  mixing  process  in  high  velocity  flow  was  considered  as  limiting  the  efficiency  of 
diffusion  combustion,  and  as  one  of  the  problematic  question.  Effective  mixing  enhancement 
methods  were  studied.  One  of  them  is  concerned  with  the  dividing  of  the  hydrogen  jet,  injected 
into  the  air  flow,  on  two  smaller  jets.  This  effect  is  realized  due  to  special  design  of  the  nozzle 
for  hydrogen  injection.  The  capability  of  the  secondary  air  flow  to  provide  the  mixing 
enhancement  was  also  analyzed.  The  secondary  air  flow  was  generated  by  special  design  of  the 
trailing  part  of  the  strut  for  hydrogen  injection.  The  computational  research  and  experimental 
verification  of  these  mixing  enhancement  methods  were  made. 

The  peculiarities  of  the  physical-chemical  processes  were  analyzed  and  the  possible  reasons  of 
combustion  efficiency  decrease  were  revealed.  The  analysis  of  the  losses  structure  at  the 
combustion  allows  to  define  the  role  of  the  so  called  losses  on  the  dissociation.  This  type  of 
losses  is  concerned  with  the  equilibrium  state,  which  is  realized  at  the  combustion.  If  high  level 
of  temperature  is  attained  at  the  combustion,  the  equilibrium  is  shifted  from  the  final  product  of 
reactions  (water)  to  the  intermediate  products  (radicals  OH,  O)  and  this  is  the  real  reason  of  the 
decrease  of  heat  released  into  the  How  at  the  combustion.  The  chemical  composition  of  the 
combustion  products  is  freezing  at  fast  expansion  and  the  process  of  recombination  is  not 
finished.  Therefore  the  essential  part  of  the  heat,  which  could  be  potentially  released  into  the 
flow  at  the  combustion,  is  not  utilized.  Some  possibilities  to  increase  the  efficiency  of  the  heat 
release  into  the  flow  at  the  combustion  with  the  aid  of  duct  shaping  were  evaluated. 

Part  2.  The  questions  concerned  with  gasdynamic  flow  structure  in  the  duct  at  the  thermal 
throttling  variation  have  aroused  considerable  interest.  The  investigations  of  the  combustion 
regime  in  the  shock-train  system  (and  especially,  the  pseudo-shock  combustion  regime)  have  a 
long  history,  which  has  began  in  the  70'1  years  of  the  past  century  (see,  for  example.  [6-10]). 


Some  results  of  gasdynamic  How  structure  investigations  at  the  variation  of  thermal  duct 
throttling  are  presented  for  the  model  duct.  The  cylindrical  tube  of  constant  area  having  the 
slightly  expanding  trailing  part  was  considered.  The  computational  investigations  have  allowed 
to  explain  the  well  known  experimental  evidence  and  to  relate  them  with  gasdynamic  structure 
peculiarities.  The  influence  of  the  tube  wall  temperature  on  the  flow  performances  was  studied. 
For  model  2D  duct,  it  was  shown  that  the  gasdynamic  flow  structure  can  be  very  sensitive  to 
small  changes  of  the  duct  thermal  throttling.  Particular  attention  has  been  given  to  the 
combustion  regime  known  as  combustion  in  pseudo-shock.  The  essential  feature  of  this 
combustion  regime  is  that  flow  at  the  duct  entrance  is  supersonic  one:  it  becomes  subsonic  in 
heat  release  zone  with  following  acceleration  to  sonic  conditions  at  the  cross-section  of  transition 
from  constant  area  section  to  trailing  expansion  section.  The  complicated  interaction  of  the  shock 
train  system  with  the  wall  boundary  layer  is  realized  in  this  case.  The  comparison  of  numerical 
simulation  results  with  experimental  data  is  presented  [  1 1 1. 

Part  3.  The  resolution  of  the  problem  of  ignition  and  flame  stabilization  requires  also  to  account 
for  the  gasdynamic  How  structure.  The  situation  was  analyzed  for  the  flow  regime,  when  the 
temperature  at  the  duct  entrance  is  lower  than  this  one  necessary  for  self-ignition,  but  the  total 
temperature  is  certainly  sufficient  to  provide  the  ignition.  It  was  shown  that  the  existence  of  base 
face  of  the  strut  for  the  hydrogen  injection,  providing  the  self-ignition  in  base  region,  does  not 
assure  the  flame  stabilization  in  the  main  stream  at  these  gasdynamic  conditions.  At  the  same 
time,  if  to  initiate  (for  these  flow  conditions  at  the  duct  entrance)  the  combustion  in  pseudo¬ 
shock.  then  the  flow  structure  generated  in  this  case  allow  to  maintain  the  stable  combustion 
without  any  additional  means  for  ignition  and  flame  stabilization.  The  unsteady  process  of 
initiation  and  transition  to  the  stable  process  of  combustion  in  the  regime  of  pseudo-shock  was 
investigated.  The  possibility  of  unsteady  phenomenon  occurrence  for  the  self-sustaining 
combustion  regime  in  pseudo-shock  is  demonstrated.  The  situation  was  also  analyzed  when  the 
temperature  at  the  duct  entrance  is  high  to  provide  the  self-ignition,  however  the  lime  residence 
of  fuel  -  air  mixture  in  duct  is  smalt.  In  this  case,  the  self-ignition  is  realized  in  the  system  of 
shocks,  which  are  formed  in  supersonic  flow.  The  essential  feature  of  this  process  is  that  the  self¬ 
ignition  takes  place  at  the  comparatively  high  level  of  preliminary  mixing  of  hydrogen  and  air 
due  to  ignition  delay.  This  example  shows  that  shock  induced  combustion  can  play  important 
role  in  high  velocity  flow. 

Part  4.  The  theoretical  analysis  was  performed  in  Cl  AM  to  estimate  the  MHD  methods 
possibility  for  the  high  velocity  flow  control.  The  MTID  control  was  proposed  as  the  alternative 
to  traditional  gasdynamic  methods  of  flow  control  in  order  to  provide  the  essential  increase  of 
the  technical  devices  performances  (see,  for  example,  [12-14)).  The  realization  of  this  control 
method  implies  the  solution  of  two  problems.  The  first  problem  concerns  the  generation  of 
conducting  media  and  requires,  in  many  cases,  special  technical  decisions.  This  question  is  not 
considered  in  this  presentation.  The  second  problem  was  studied  in  our  work.  The  efficiency  of 
MHD  control  is  estimated  at  the  assumption  that  the  required  level  of  conductivity  can  be 
provided.  Particular  attention  has  been  given  to  the  evaluation  of  irreversible  losses  with  the  use 
of  MHD  control.  The  concept  of  combined  compression  inlet  was  proposed.  The  flow 
deceleration  in  this  inlet  is  realized  in  the  external  system  of  shocks  and  then  in  the  MHD 
generator  installed  inside  the  internal  duct.  The  results  of  inlet  efficiency  estimations  are 
presented  taking  into  account  the  additional  irreversible  losses  inherent  to  MHD  control.  It  is 
shown  that  MHD  control  allows  also  to  influence  on  the  combustion  in  high  velocity  flow.  The 
positive  effect  manifests  itself  in  decrease  of  ignition  delay  length  and  in  reliable  flame 
stabilization,  and  it  is  concerned  with  pressure  and  temperature  rise  in  MHD  generator.  The 
positive  effects  are  accompanied  by  negative  factors.  The  pressure  ratio  rise  in  inlet  is  followed 
by  essential  decrease  of  the  total  pressure  recovery  coefficient.  The  evaluation  of  total  balance  of 
the  forces  acting  on  the  aerodynamic  body  with  the  internal  duct,  where  the  heat  supply  to  the 


flow  takes  place,  shows  that,  MHD  control  causes  the  essential  improvement  of  aerodynamic 
forces  (pressure  and  skin  friction  forces)  input.  However  the  negative  effect,  concerned  with 
additional  MHD  force,  acting  on  the  body,  which  carries  the  magnetic  field,  can  essentially 
decrease  and  even  exceed  (in  absolute  value)  the  gain  (due  to  MHD  control  of  the  flow)  in 
aerodynamic  force. 

Part  5.  Since  a  reliable  ignition  and  flame  stabilization  in  high  velocity  flow  still  remain  a 
challenge,  the  study  of  capability  to  use  some  new'  concepts  is  of  immediate  interest.  Previously, 
the  novel  methodology  of  combustion  control  by  excitation  of  vibrational  and  electronic  states  of 
reactive  molecules  was  proposed  in  Cl  AM.  The  fundamentally  new  physical  and  chemical 
models  were  developed  for  the  description  of  both  excitation  of  reactive  species  molecules  and 
combustion  with  taking  into  account  the  excited  molecules  [15-18J.  Using  the  developed  models, 
some  problems  on  combustion  in  high  velocity  flow  at  the  preliminary  excitation  of  internal 
degrees  of  freedom  of  the  main  species  (vibrations  of  hydrogen  molecules,  electronic  states  of 
oxygen  molecules)  were  considered  in  2D  formulation.  Much  attention  is  given  to  the  question 
of  decrease  of  the  power  input  necessary  to  initiate  the  combustion  process.  The  local  influence 
on  the  flow  is  considered  as  one  way  to  attain  this  goal.  The  problem  on  combustion  initiated  by 
the  shock  (generated  by  the  wedge)  in  premixed  hydrogen-oxygen  flow  at  the  preliminary  laser- 
induced  excitation  of  oxygen  molecules  upstream  the  wedge  is  considered  in  this  presentation  as 
the  first  example.  The  second  example  demonstrates  the  necessity  to  take  into  account  the 
nonequilibrium  effects  at  the  excitation  of  molecular  vibrations  of  reactive  molecules  behind  the 
shock  generated  by  the  wedge.  The  nonequilibrium  vibrations  excitation  results  in  increase  both 
the  induction  zone  behind  the  shock  and  transition  zone  to  detonation  shock  formation  in 
comparison  with  traditional  thermally  equilibrium  chemical  kinetic  model.  At  the  same  time,  the 
local  excitation  of  hydrogen  molecules  vibrations  before  the  shock  provides  essential  decrease  of 
the  induction  and  transition  (to  detonation  shock)  zones. 
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High  velocity  air-  breathing  engines 


MAIN  PROBLEMS 


•  Mixing  in  high  velocity  flow 

•  Efficient  heat  release  into  the  flow  at  combustion 

•  Gasdynainic  flow'  structure  in  channel  at  combustion 

•  Ignition  and  flame  stabilization  in  high  velocity  flow 

•  Channel  shape  influence 

Non  traditional  control  methods 

•  MHD  flow  control 

•  Internal  degrees  of  freedom  excitation  of  reactive 
molecules 


Part  1.  Diffusive  combustion  regime  in 
high  velocity  flow 


C VT/J 


Temperature 

Held 


Main  problems: 

•Mixing  and  combustion  enhancement 
•Combustion  efficiency 
•Structure  of  losses  at  the  combustion 
•Losses  on  the  dissociation 


Mixing  and  combustion  enhancement  with 
the  aid  of  fuel  nozzle  shaping 


Effect  of  jets  dividing; 


Mixing  enhancement  with  the  aid  of  special 
shaping  of  trailing  part  of  the  strut  for  fuel 

injection 


Structure  of  the  losses  at  the  combustion 


>  Curve  1  -  combustion 
efficiency 

>  Curve  2  -  mixing  efficiency 

V Curve  3  -  quality  of 
equilibrium 

>  Curve  4  -  degree  of 
equilibrium 


Combustion  efficiency  and  its 
constituents  along  the  channel  length 


Losses  on  Dissociation 
(equilibrium  quality  ) 

High  level  losses  at  temperatures  greater  than  2200  K 


The  quality  of  equilibrium  In  hydrogen-air  mixture  for 
air  fuel  equivalence  ratio  0.9  and  different  pressures. 
Curves  F-O.L  OJ,  0-5, 0 .7, 03  aid  1.1  bar. 


Structure  of  the  losses  at  the  combustion 


•Curve  1  “  combustion 
efficiency 

•Curve  3  -  quality 
of  equilibrium 

•Curve  4  -  degree  of 
equilibrium 


Influence  of  channel  trailing 
part  expansion  on  the  losses 
constituents 


Rational  channel  shaping  with  account  for 
complicated  wave  structure  and  nonequilibrium 
chemical  reactions 


Temperature  Bald  far  bate 
configuration  (a) 

and  modified  configuration  fb). 
Longitudinal  force  for  base 
(dashad  line)  and  modified  channel 
shape  (red  curve) 


ci 


Part  2 

Research  of  gasclyiiainic  (low  structure  in  the  channel 
at  the  variation  of  heal  throttling 


Air  flow:  1  -  M-3.9,  P=1  arM,  T=1 l 50  K 

2  -  M=2.8,  P=1  am,  T=1 1 50  K 

3  -  M=2 .5,  P-1  aTM.  T=1 150  K 
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Mass  fraction  fields 


Mach  number  fields 


ft 


A  XA 


Pressure  distribution  along  the  wall 


Combustion 

efficiency 
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Mach  number  fields 


Tw-250  K 


Investigation  of  gasdynamic  flow  structure  in  channel 
at  the  variation  of  heat  throttling 


Air  stream:  T*=1660  K,  P‘=15  bars,  M=2.5 

Hydrogen  jet:  T*=300  K,  M=1.0 

Air  to  fuel  equivalence  ratio  cc=1.8  —  2.5 


Channel  scheme 


FUTURE  STEPS 


Experimental  investigation  is  needed 

J,  ’|  Jw*  .  „  1.1 

•  Adaptation  of  spectral  diagnostic  methods 

•  Development  and  adaptation  of  special  devices  to 

realize  the  desirable  methods  of  influence  on  the 

»  ■  '  *  *  *  * .  *  f  ■ , 1  *  *  „ 

flow  at  the  real  flow  conditions 

“  *  »  ‘  J  “  ‘  V—  * 

•  Physical  experiments  and  experiments  on  the 
model  devices  with  simulation  of  real  flow 
conditions 


Combustion  at  supersonic  conditions 
air  to  fuel  equivalence  ratio  2.5 


Mach  number  field 


Pressure  field 


Temperature  Held 


Transition  combustion  regime 
air  to  fuel  equivalence  ratio  2.25 


Pseudo-shock  combustion  regime 
air  to  fuel  equivalence  ratio  1.8 


Mach  number  field. 
Arising 

of  subsonic  EOite 


Pressure  Held 


Temperature  Held 


IV 1  ait i  number  field. 

Transition  from 
supersonic  to 
subsonic  (averaged 
over  cross-section) 
flow 


Pressure  field 


Temperature  field 


Combustion  regimes  in  the  channel  at  the  variation 
of  air  to  fuel  equivalence  ratio  (2.5  - 1.8) 


Averaged  over  the  cross-section  Mach  number  distribution 
along  the  channel 


Comparison  of  computational  and  experimental  data 


Pressure  distribution  along  the  channel  wall 


Part  3.  Ignition  and  flame  stabilization 
in  high  velocity  flow 


•High  static  temperature,  small  residence  time 
(ignition  and  stabilization  by  shocks) 

•Low  static  temperature,  high  total  temperature 
(ignition  and  flame  stabilization  in  self-sustained 
gasdyuamic  structure  after  initiation  of  pseudo-shock 
combustion  regime) 

•Low  total  temperature  (igniters  and  cavities  or  steps  /  base 
regions  of  pylons  /  high  temperature  jets) 

■Alternative  methods  (excitation  of  internal  degrees  of 
freedom  of  molecules  of  the  main  reagents) 


Experimental  investigation  and  numerical  simulation 


Ham*  stabilization  by  tilt  strut  bast  region 


Ignition  and  flame  stabilization  in  supersonic  flow 

(ignition  is  provided  in  strut  base  region) 
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Ignition  and  flame  stabilization  in  supersonic 

flow 

(ignition  is  provided  in  strut  base  region) 
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Water  man  fraction  field  OH  mass  fraction  field 


Combustion  is  observed  only  in  the  wake 
of  strut  base  face 


Comparison  with  the  experiment 
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Calculation  Experiment 
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The  starting  process  and  self- sustained  structure  formation 
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Process  of  starting 
(by  pilot  flame) 
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Unsteady  effects  after  switching  off  pilot  flame 


Pressure  oscillations  in  time 
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Pressure  at  points  A  (upstream  the  pseudo-shock  head)  Pressure  at  posit  C 

and  B  (downstream  the  head  of  the  pseudo-shock) 
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Ignition  and  flame  stabilization 
in  high  velocity  flow  (by  shock  system) 


•  High  velocity^  flow  deceleration 

•  MHD  flow  control  in  inlet 

•  Influence  of  MHD  control  on  the  forces  balance 

•  Positive  effects  and  their  “cost” 


Mathematical  and  physical  model 

•  Full  averaged  Navier-Stokes  equations  with 
MHD  terms 

♦  Differential  model  of  turbulence 

♦  Electrodynamic  equations 

•  Detailed  schemes  of  chemical  kinetics  for 
hydrogen  combustion  in  air 
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Dimensionless  parameters 
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CONTROL  OF  HIGH  VELOCITY  FLOW 


MHD  control  of  inlet  flow 
(without  mechanical  control) 


MHD  flow  fields  in  inlet 
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MHD  control 
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Exit  /  entrance  pressure  ratio  (a) 
and  total  pressure  recovery  coefficient  {b) 
vs  MHD  Interaction  parameter  S 


MHD  control 
and  inlet  performances 
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Exit  /  entrance  pressure  ratio  (a) 
and  total  pressure  recovery  coefficient  (h) 
vs  load  parameter  A' 


MHD  control  and  inlet  performances 

Parts  of  inlet  total  drag  force 
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VISCOUS 


Flow  in  the  channel  with  combustion 
MHD  control  influence 


Pressure  fields 

with  MHD  control  and  at  its  absence 


Flow  in  the  channel  with  combustion 
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Temperature  fields 
with  MHD  control  and  at  Us  absence 


Flow  in  the  channel  with  combustion 
MHD  control  influence 
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Water  mass  fraction  Gelds 
with  MHD  control  and  at  it*  absence 


Influence  of  the  MHD  control 
on  the  forces  balance 


1  pressure force, 

2  frrclto  n  force, 

3  pressure  +  friction, 

4  MHD  force, 

5  total  force 


a  no  M  H  O 

■  MHO 


Positive  effect  of  MHD  control  on  the  aerodynamic  forces 
balance  (pressure  and  skin  friction), 

MliD  force  negative  input  has  a  dramatic  effect 
on  the  total  balance. 
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combustion  at 
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of  parameters 
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MHD  flow  control 
in  the  channel 
with  combustion 
at  the  variation  of 
parameters 
defining  the  MHD 
Influence  on  the 
flow 
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S=2  MHD  flow  control 

in  the  channel 
with  combustion 
at  the  variation 
of  parameters  defining 
^  the  MHD  influence 

on  the  flow 
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Influence  of  the  MHD  control  on  the  forces  balance 

MHD  dimensionless  parameters  variation 


□  S=0  K=0.0 

■  S=2  K=0  0 

□  S=3  K=0.0 

□  S=2  K-0.2 

■  S=2  K=0.5 

1  -  pressure  (without  jet  Im  puls  eh 

2  -  friction, 

3  -  pros  sure*  friction, 

4  -  MHD  force, 

5  -  total  f  orce 


Conclusion 


•Numerical  investigation  of  internal  and  external  supersonic  MHD 
flows  was  carried  out 

•MHD  method  allows  the  possibility  to  control  the  deceleration  of  the 
flow  and  exit  to  entrance  pressure  ratio  in  inlet ,  ignition  and  flame 
stabilization  at  the  combustion  in  high  velocity  flow 

•It  is  shown  that  MHD  control  has  a  favorable  effect  on  the 
aerodynamic  force  (pressure  and  friction  forces  sum).  The  additional 
magnetic  constituent  of  drag  force  exceeds  (in  absolute  value)  the 
positive  effect  in  aerodynamic  force. 
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COMBUSTION  CONTROL 


EXCITATION  OF  INTERNAL  DEGREES  OF  FREEDOM 
(VIBRATIONAL  AND  ELECTRONIC  STATES) 

OF  REACTIVE  MOLECULES 


Energetic  efficiency 
of  different  methods  of  excitation 


Excitation  of  N2  molecule  to  vibrational  level  N2(v=l)  -  0.29  eV 
Activation  of  02  molecule  to  electronic  level  02(alAg)~  0.98  eV 
Formation  of  atoms  at  the  dissociation  of  02  molecule  -  5.1  eV 
Formation  of  ions  0+,  02+,  N+  -  more  then  12  eV 


CIAM  INVESTIGATIONS 


•Preliminary  excitation  of  vibrational  degrees  of  freedom  of 
reactive  molecules  (H2,  H2O,  03)  in  electrical  discharge  or  by 
resonance  laser  excitation 

•  Activation  of  O2  molecules  in  electrical  discharge  to  obtain 
electronically  excited  oxygen  molecules 

•Preliminary  activation  of  electronic  states  of  02  molecules  by 
laser  resonance  radiation 

•Laser-induced  combustion  due  to  pholodissocialion  of 
reactive  molecules  (Os,  O2) 

•Principle  of  local  influence 


The  effect  of  nonequilibrtum  excitation  of 
molecular  vibrations  behind  shock  front 


Schematic  of  the  flow  and  computational  domain 


The  effect  of  nonequilibrium  excitation  of 
molecular  vibrations  behind  shock  front 

Kinetic  model:  9  reversible  chemical  reactions 

(H2,  o2,  h,  o,oh,h2o». 


Two  models  were  considered  : 

In  thermally  equilibrium  chemical  kinetic  model  it  is  assumed  the 
equilibrium  between  translational,  rotational,  and  vibrational  decrees  of 
freedom. 

In  thermally  noitequilibrium  chemical  kinetic  model  it  is  assumed  that 
the  rotational  and  translational  degrees  of  freedom  of  molecules  are  in 
the  thermodynamic  equilibrium,  and  the  local  Boltzmann  distribution 
with  its  own  vibrational  temperature  exists  in  each  mode.  The  processes 
of  intermode  V-V'-exehange  and  V-T- relaxation  are  included  in  this 
model.  Reaction  rate  constants  are  the  functions  of  translational  and 
vibrational  temperatures.  (Stank  and  Lkmtax\  Doc/ady physics,  1996) 


The  effect  of  nonequilibrium  excitation  of 
molecular  vibrations  behind  shock  front 


Pressure  Helds  in  the  now  of  Hj/Oj  =  VI  mixture  (Pfl  -  5  10J  Pa,  fe  -  600  K.  Mfl  6) 
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chemical  kinetic  model  chemical  kinetic  model 
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□  In  thermally  non  equilibrium  kinetic  model  the  Induction  and  transition  zone 
length*  are  essentially  lager  than  those  in  the  thermally  equilibrium  model. 

□  It  Is  necessary  to  account  for  the  nottequilibriiun  effects  in  molecules  vibrations 
excitation  at  the  detonation  Initiation 


Detonation  shock  formation  on  the  wedge 

Free  stream  conditions:  M=6,  P=0.05  bar,  T=600  K 
Stoichiometric  mixture  H2  /  02 

. ,  ...  Preliminary  excitation  of  vibrations 

Thermally  cqml.tmum  dienucal  of  }[  molecules 

kinetic  model  Excitation  region  7rt=25  mi 
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Reaction-step  mechanism  for  H2/02  mixture 
with  electronically  excited  02  molecules 

Excitation  of  02  molecules  from  the  main  X3Eg 
to  first  a’Ag  and  second  b12g+  electronic  stales 

76  reversible  chemical  reactions  with  H2,  ), 

02{alAJ,  02(bjEg+),  OH,  H20,  H02,  H202, 03.  0(3P), 

0(lD),  H  species 

Electronic-electronic  exchange  between  02(a1Ag), 

02(btZg+)  and  02(X3Eg  )  molecules  and  O^P),  0(*D) 
atoms 


Quenching  processes  for  excited  particles  Oj^Ag), 
0,(b,S,*),  O('D). 


Shock  Induced  Combustion  in  Supersonic  Flow 
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+  Flow  Scheme  of  Laser  Shock-  Induced  Combustion 
♦Model  for  laser  irradiation  zone 
+ Chemical  kinetics  mechanism 


Kinetic  Mechanisms  of  Combustion  Initiation  in  H2+02  Mixture 


1.  Without  preliminary  excitation  2*  Under  preliminary  excitation  of  + 

electronic  state  of  02by  laser  radiation  with 
X/=762  nm 
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Initiation  of  Combustion  in  Supersonic  Flow 


Evolution  of  species  mole  fractions  (solid  lines)  and  gas  Induction  mne  length  ns  a  function 

temperature  (dotted  line)  in  the  irradiation  rone  and  in  o(-  pr0JSUI-f 

the  reacting  zone  behind  inclined  shock 
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Laser-induced  combustion  behind  the  shock  on  the  wedge 
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The  principal  scheme  of  the 
flow  under  exposure  of  the 
reacting  mixture  to  the 
resonant  laser  radiation 


1  -  the  induction  region 

2  -  the  transition  region 

3  -  the  detonation  region 


Free  stream  conditions 
M=6>  P= 0.05  bar,  1^600  K 
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radial  distance  of  the  irradiation  region,  under  exposure  ftf  supersonic  flow  to  laser 
photons  with  Xf=  762  nm  in  front  of  the  wedge  apex  for  different  values  of  absorbed  energy  Et* 
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ABSTRACT 

In  spring  2005,  the  EC  kicked-ofF  a  3  years  long  project  called  LAPCAT:  Long-Term  Advanced 
Propulsion  Concepts  and  Jechnologies  to  initiate  research  on  propulsion  concepts  for  sustained 
hypersonic  flight.  The  project,  composed  of  a  consortium  of  12  partners  from  industry,  research 
institutions  and  universities,  is  coordinated  by  ESA-ESTEC. 

The  ambitious  mission  goal  is  to  reduce  travelling  time  of  long-distance  flights,  e.g.  Brussels  to 
Sydney,  to  about  2  to  4  hours.  Therefore  advanced  propulsion  concepts  and  technologies  need  to  be 
developed.  This  requires  a  new  flight  regime  with  Mach  numbers  ranging  from  4  to  8.  At  these  high 
speeds,  classical  turbo-jet  engines  need  to  be  replaced  by  advanced  airbreathing  engines.  Different 
combined  cycles,  i.e.  TBCC  and  RBCC,  are  evaluated  both  on  system  and  fundamental  research  level 
in  combination  with  a  corresponding  vehicle  system  study. 

At  the  writing  of  this  article,  the  project  has  passed  its  midterm  review  and  its  achievements  up  to  this 
point  will  be  highlighted  here. 


1.0  INTRODUCTION 

Tendencies  in  aeronautics  clearly  show  a  continuous  increase  in  air  traffic.  Based  on  IATA  statistics 
the  international  passenger  traffic  growth  increased  with  6.8%  in  February  2006  over  2005  which 
continues  on  pace  with  forecast.  Even  for  long-distance  flight  such  as  from  Europe  to  Asia  Pacific, 
IATA‘s  five  year  forecast  shows  an  annual  average  growth  of  5.9%  between  2005  and  2009.  This  is 
primarily  due  to  the  explosive  economic  growth  in  Asia  and  in  particular  in  China.  These  long¬ 
distance  flight  taking  easily  flight  times  of  16  hours  or  more  to  connect  two  major  intercontinental 
cities,  would  become  more  attractive  when  travel-time  would  be  reduced  drastically  such  that  a  final 
destination  can  be  reached  within  4  hours  or  less. 

However,  with  present  aircraft  and  propulsion  designs,  we’re  getting  close  to  the  optimal  design  and 
margins  for  further  improvement  are  getting  smaller.  Only  drastic  changes  in  aircraft  configuration, 
propulsion  concepts  and  flight  velocities  are  able  to  achieve  these  goals. 

New  aircraft  configurations  and  related  propulsion  engines  presently  studied  for  classical  flight  Mach 
numbers  around  M=0.9  look  into  e.g.  blended  wing-body  configuration  for  aerodynamic  performance 
and  multiple  engines  mounted  on  top  of  the  wings  close  to  its  trailing  edges  to  improve  propulsion 
efficiency.  These  interesting  developments  will  decrease  further  fuel  consumption  up  to  30%  but  will 
not  enable  the  shortening  of  travel  times. 

New  aircraft  development  seems  to  be  stalled  with  respect  to  flight  speed,  despite  the  proven  technical 
possibility  shown  by  the  supersonic  Concorde.  Opponents  to  supersonic  transport  development  always 
point  to  the  large  specific  fuel  consumption  of  Concorde  which  undeniable  is  roughly  twice  the  value 


of  present  commercial  aircraft.  However,  one  should  not  forget  that  the  specific  fuel  consumption,  sfc, 
obtained  for  the  first  turbojet  driven  aircraft,  e.g.  Comet  in  1951  were  only  20%  lower.  Since  then  fuel 
consumption  reduction  for  aero-engines  has  been  drastically  driven  throughout  time  by  technology  e,g, 
cooling  techniques,  new  alloys,  improved  thermodynamic  cycles  by  increased  pressure  ratios  and  TIT, 
etc...  As  the  Olympus  593  engine  was  based  on  the  Olympus  design  of  1950  for  the  Canberra  and 
later  for  the  Avro  Vulcan  in  1956,  it  is  hence  impossible  to  compare  its  sfc  with  e.g.  the  latest  Trent's 
of  R&R  or  the  GE90-famiIy  when  half  a  century  of  technology  development  has  not  been 
implemented  in  these  Olympus  engines, 

Before  given  an  overview  of  the  LAPCAT  goals,  some  basic  considerations  about  supersonic  vs. 
subsonic  flight  and  its  potential  for  evolution  will  be  discussed.  Finally  some  first  results  obtained  so 
far  within  the  LAPCAT  project  will  be  discussed. 

Nomenclature 

ATR  Advanced  Tactical  Fighter 

CG  Center  of  Gravity 

C P  C enter  of  Pressure 

EoS  Equation  of  State 

ER  Equivalence  Ratio 

HI  IV  Higher  Heating  Value  [MJ/kg] 

HSCT  High  Speed  Civil  Transport 

[*p  Specific  Impulse  [s] 

LHV  Lower  Heating  Value  [MJ/kg] 

nr  air  mass  (low  [kg/s] 

mf  fuel  mass  flow  [kg^s] 

MTF  Mid  Tandem  Fan 

NGLT  Next  Generation  Launcher  Transportation 

OPR  Overall  Pressure  Ratio 

RBCC  Rocket  Based  Combined  Cycle 

RTA  Revolutionary  Turbine  Accelerator 

R  I  D  Research  and  Technology  Development 

SST  Supersonic  Transport 

sfc  Specific  Fuel  Consumption  [kg/s/daN] 

TIT  Turbine  Inlet  Temperature  [K] 

TBCC  Turbine  Based  Combined  Cycle 

VCE  Variable  Cycle  Engine 


Subscripts 


ambient 

combustion  chamber 
jet  condition 
cruise  Right  point 


a 

cc 

j 

QO 


2,0  MOTIVATION  AND  ASSESSMENT 


Reducing  travel  times  by  going  supersonic  has  only  sense  on  long-distance  flights.  Range  is  hence  an 
important  figure  of  merit  to  evaluate  high-speed  aircraft  concepts.  It  is  strongly  dependent  on  total 
available  fuel  mass  and  its  consumption  throughout  the  itinerary,  i.e.  from  taxiing,  speed-up  cruise  and 
final  descent  manoeuvres.  Among  these  different  parts,  cruise  represents  a  major  portion  of  the  needed 
fuel.  The  range  achieved  during  cruise  can  be  easily  derived  from  the  Breguet  range  equation: 


where: 
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R  Range  [m] 

H  the  fuel  energy  content  [J/kgJ:  120  (LHV)  and  142  (HHV)  MJ/kg  for  H2,  43.5  (LHV) 
and  47MJ/kg  (HHV)  for  kerosene,  50.0  (LHV)  and  55.5MJ/kg  (HHV)  for  Methane 
g  gravity  constant  [m/s:] 

t]  the  overall  installed  engine  efficiency 
sfc  specific  fuel  consumption  [kg/s/N] 

V  flight  velocity  [m/s] 

W  total  take-off  mass  [kg] 

Wp  fuel  mass  [kg] 

The  range  depends  linearly  on  the  energy  content  H  in  the  fuel  which  can  be  increased  with  a  factor  of 
2.7  by  switching  e.g.  from  kerosene  to  hydrogen. 

The  aerodynamic  performance  given  by  L/D  in  eq.  (1)  depends  primarily  on  the  Mach  number  and  was 
analyzed  by  Kuchemann  [1]  who  formulated  a  general  empirical  relationship  referred  to  as  the  '‘L/D 
barrier”: 


fL\  4  (Mg  +3) 

S^Jmax  Mx 


Further  studies  optimized  waverider  designs  taken  into  account  viscous  effects  resulted  in  better  L/D 
ratio  resulting  in  a  shifted  L/D  barrier  (Anderson  [2]): 


’L)  6(Mg+2) 

^  /  mjx.viscaa  ^  x 


For  an  increasing  Mach  range  the  values  are  decreasing  asymptotically  to  a  value  of  4  or  6: 


M, 

0.9 

2 

4 

6 

8 

10 

&imixxukr 

17.3 

10 

7 

6 

5.5 

5.2 

L  &max,  viscous 

19.2 

12 

9 

8 

7.5 

7.2 

* 1 

0.25 

0.4 

0.57 

0.67 

0.73 

0.77 

Table  1:  Aerodynamic  L/D  barrier  and  overall  installed  engine  efficiency  in  function  of  flight 

Mach  number 


This  decrease  of  aerodynamic  performance  with  increasing  Mach  number  would  inherently  exclude 
long-range  supersonic  flight  as  it  would  be  economically  not  viable.  However,  the  overall  propulsion 
efficiency,  defined  as 

TV  V 

/?  “  mf'H  ~  sfc  H 


(4) 


increases  with  Mach  number  for  turbojets  and  ramjets  as  will  be  explained  further.  A  first  approach, 
suggested  by  R.G.  Thome  according  to  [  I],  is  given  by: 


Mn  +  3 


(5) 


To  better  understand  the  increase  of  the  overall  efficiency  r}  of  an  aircraft  engine,  one  can  split  the 
term  thermodynamically  into  a  thermal  and  propulsion  efficiency  7  -  tj,  >jp.  given  approximately  for  a 
single  jet  by: 

m(V;-V;)  2VX 

n,~  2m fH  1]p  ~  Vj  +VX 

The  thermal  efficiency  of  either  compressor  or  ram-based  engines  can  be  approached  as  a  Drayton 
cycle  and  hence  its  efficiency  is  mainly  driven  by  the  combustor  temperature  Tct  to  intake  temperature 
Ta  ratio,  This  ratio  would  be  at  its  optima!  point  when  operating  the  combustor  close  to  the 
stochiometric  value.  However,  for  turbojets  or  turbofans,  the  rotary’  turbine  components  limit  this  ratio 
due  to  material  yield  strengths  to  a  value  of  about  Tc/Ta-6  or  =  47%, 

Typical  values  tor  propulsion  efficiency  of  a  modern  engine  at  M,f=0.85  is  48%  for  a  turbojet  and  77% 
for  a  turbofan  with  a  bypass  ratio  of  6,  The  overall  efficiency  in  cruise  results  into  values  of  20%  to 
37%  and  increases  above  40%  for  larger  bypass  ratios  [3], 


For  ram-  and  scram  jets,  the  combustion  temperature  is  not  limited  by  rotary  components.  Hence 
higher  equivalence  ratios  are  easier  to  reach  and  ER=I  is  presently  used  in  scramjet  flight  experiments. 
Hence,  the  thermal  efficiency  can  reach  values  as  high  as  i/,  =  60-70%,  The  propulsion  efficiency  is 
clearly  better  as  the  jet/ flight  velocity  difference  is  rather  small  resulting  into  a  fjp-  70-90%  leading  to 
an  overall  efficiency  of  >f  =  42-63%,  This  large  implies  that  a  massive  intake  needs  to  be  foreseen, 
which  can  occupy  the  complete  frontal  section  of  the  aircraft  in  order  to  provide  the  necessary  thrust 
given  by  T  —  m  '(V{  -Ur). 

As  shown  above,  both  factors  //  and  UD  have  reverse  dependencies  on  flight  Mach  number  and  for  a 
first  assessment  the  combined  value  }\L/D  can  be  considered  in  first  order  to  be  constant,  i.e.  a  value  of 
about  3  to  4,  at  worst  only  40%  smaller  for  careful  designs.  This  means  that  the  range  is  more  or  less 
independent  of  the  flight  speed  and  is  then  only  determined  by  the  relative  fuel  fraction  Wf/W  and  the 
fuel  type. 

However,  one  point  of  caution  should  be  raised.  This  general  analysis  is  purely  based  on  the  Breguet 
range,  i.e.  cruise  flight.  However,  aircraft's  operation  and  handling  largely  depends  on  this 
performance  at  take-off  and  during  acceleration.  In  particular  the  latter  is  increasingly  more  dominant 
for  higher  Mach  number  flights.  For  example,  a  practical  flight  at  Mach  5,  such  as  the  LAPCAT  A2 
vehicle,  reveals  that  the  acceleration  and  deceleration  entails  about  50  minutes  each  compared  to  a 
2.8h  flight.  At  higher  Mach  numbers,  these  phases  are  becoming  even  more  dominant  in  the 
propulsion  optimization  process  not  only  due  to  the  longer  speed-up  and  slow-down  phases,  but  also  to 
the  relatively  shorter  cruise  phase. 


Another  important  point,  also  highlighted  by  Cain  and  Walton  [4],  is  how  far  one  can  extend  or 
extrapolate  parameters  for  subsonic  transport  to  supersonic  or  even  hypersonic  transport.  So  far,  this 
first  order  approximation  does  not  include  the  effect  of  changes  in  structural  mass  fractions  that  may 
be  required  to  cope  with  the  high  heating  loads  during  flight.  Also  the  requirement  that  the  plane  needs 
to  operate  over  a  wide  range  of  flight  Mach  numbers,  i.e.  from  take-off  to  cruise,  will  demand  for  a 


largely  flexible  engine,  most  likely  as  a  variable  cycle  engine,  which  sequentially  will  penalize  the 
concept  by  a  larger  engine  mass  fraction.  Related  to  this  is  the  need  for  fully  integrated  design  of 
engine  and  airframe  to  obtain  a  global  maximum  in  efficiency  whereas  up  to  now  engine  and  airframe 
can  and  are  being  designed  and  optimized  quite  separately. 

Despite  these  concerns,  it  is  worthwhile  to  assess  the  performance  of  a  wide  range  of  existing  aircraft 
in  the  light  of  the  above  described  logic.  Data  were  mainly  obtained  from  websites  of  a/e 
manufacturers  or  others.  Hence,  these  might  not  necessarily  represent  the  true  values  but  should  rather 
be  taken  as  indicative. 

The  specific  fuel  consumption  (sfc)  is  plotted  versus  a  non-dimensional  range  defined  as  R/Rg  in  fig.  1 . 
Rg  is  the  ultimate  anti-nodal  point  for  a  final  destination,  i.e.  20,000km.  The  Concorde  is  very 
competitive  in  range  compared  to  the  aircraft  designed  in  the  same  period  (60's  and  70* s)  e.g.  Comet, 
DC-9,.,,  despite  a  larger  sfc.  Ranges  for  subsonic  aircraft  designed  in  the  90’s  have  almost  doubled, 
e.g.  MD-ll,  B767,...  This  is  of  course  related  to  the  improved  aerodynamics,  availability  of  light¬ 
weight  and  high-temperature  materials,  lower  sfc  due  to  higher  bypass  ratios,  higher  TIT,  etc.  Similar 
improvements  can  be  applied  to  a  successor  of  the  Concorde  to  improve  its  sfc  or  range  for  the  same 
flight  speed:  implementation  of  a  bypass  ratio  of  0.5  to  l  or  higher  instead  of  presently  none, 
application  of  more  advanced  cooling  concepts  for  turbine  blades,  use  of  light-weight  heat  resistant 
materials,  use  of  a  Variable  Cycle  Engine  rather  than  using  an  afterburner  or  reheat,  etc... 
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Fig.1:  indicative  specific  fuel  consumption  values  for  various  sub-  and  supersonic  aircraft  in  function  of 
non-dimensional  range.  A400M  is  given  for  two  different  payloads. 


The  positive  effect  of  the  cruise  speed  on  the  overall  propulsion  efficiency  is  clearly  depicted  on  fig.  2. 
Equation  (5),  represented  as  a  full  line,  clearly  fit  the  efficiencies  of  the  first  designs  of  their  kind  for 
subsonic,  e.g.  Comet-4  and  supersonic  commercial  vehicles,  e.g.  Concorde.  The  formula  (5)  seems  to 
bound  a  lower  limit.  The  earlier  mentioned  20%  efficiency  for  turbojet  and  its  evolution  towards 
values  above  40%  for  large  bypass  turbo  fans  seems  to  be  confirmed  by  the  trend  observed  for 
commercial  aircraft.  With  respect  to  fig.  1,  this  efficiency  doubling  results  inherently  in  a  doubling  of 
the  range.  Not  surprisingly,  efficiencies  have  in  particular  improved  for  the  heavily  used  subsonic 


aircraft.  This  is  entirely  due  to  massive  resources  made  available  to  improve  this  range  of  aircraft  in 
their  aerodynamics'  design  and  engine  fuel  consumption  and  not  due  to  intrinsic  physical  limitations 
for  supersonic  transport  vehicles. 

The  aircraft  indicated  below  this  line  are  all  supersonic  transport  vehicles.  In  order  to  sustain 
supersonic  flight,  these  aircraft  are  equipped  with  engines  which  require  to  be  run  with  afterburning, 
which  is  of  course  thermodynamically  inefficient  (low  tjt).  Concorde  and  TU-144D  are  however 
equipped  with  high  thrust  engines  enabling  to  sustain  supersonic  flight  without  afterburner. 

Further  improvements  were  in  the  planning  which  would  have  led  to  a  further  efficiency  increase  away 
from  the  lower  limit  given  by  eq.  4.  Indeed,  less  know  to  the  public  is  the  start  of  studies  to  improve 
the  performance  of  the  Concorde  four  months  after  the  start  of  scheduled  services  in  1976.  This  project 
should  lead  to  the  Concorde  B  model.  Among  modifications  on  aerodynamics,  systems,  weight,  fuel 
tanks,  the  modification  on  the  propulsion  unit  consisted  of  replacing  the  low-pressure  compressor  by  a 
compressor  with  increased  diameter  and  the  low  pressure  turbine  assembly  by  a  two-stage  turbine  (fig. 
3).  The  installation  of  a  discharge  system  to  increase  the  margin  of  air  flow  through  the  engine  would 
result  in  an  increase  in  air  flow  which  reaches  25  %  on  takeoff  and  35  %  during  approach.  The  thrust 
gains  obtained  at  takeoff  and  at  transonic  speeds  also  make  it  possible  to  remove  the  reheat 
(afterburner)  system  with  its  very  heavy  fuel  consumption  and  significant  addition  to  the  noise 
generated  by  the  powerplant. 


Fig. 2:  Indicative  overall  engine  efficiencies  for  various  sub-  and  supersonic  aircraft  in 
function  of  flight  Mach  number.  Eq.  (4)  is  given  by  full  line. 
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Fig.  3:  Suggested  improvements  (lower  part)  to  the  original  Olympus  (upper  part)  engine  shortly  after  the 
Concorde  introduction  with  higher  thrust  and  lower  sfc,  avoiding  the  use  of  an  afterburner  [5]. 

Presently,  within  the  military  aircraft  development,  there  is  an  objective  to  equip  their  fighters  with 
high-thrust  engines  to  avoid  the  use  of  afterburner  not  only  for  sustained  supersonic  flight  but  also  to 
accelerate  through  the  high-drag  transonic  flight  regime.  Examples  are  the  Euroftghter  Typhoon  and 
The  F-22  raptor.  The  latter  incorporates  a  pair  of  new,  higher  thrust-to-weight  turbofan  engines,  the 
Pratt  &  Whitney  F119-PW-I00,  which  is  designed  for  efficient  supersonic  operation  without 
afterburner  (called  supercruise).  The  FI  19  engine  develops  more  than  twice  the  thrust  of  current 
engines  under  supersonic  conditions,  and  more  thrust  without  afterburner  than  conventional  engines 
with  afterburner.  Of  course,  limited  data  is  available  related  to  sfc,  bypass  ratio,  TET,  OPR, ...  to  plot 
them  relatively  to  the  other  data. 

In  [1],  a  weight  breakdown  analysis  is  described  for  which  the  total  take-off  weight  W  is  split  into 
different  parts.  Hems  including  wings,  undercarriage,  services  and  equipment  are  proportional  to  the 
overall  weight,  i.e.  C/IV.  Other  items  are  proportional  to  payload  c2Wp  including  fuselage  weight, 
furnishings  and  the  payload  itself,  hence  Ci>  1  -  Finally  we  have  the  engine  and  fuel  weight  Wt.  and  WF 
This  results  into: 

W  =  ciW  +  c2Wp+WF+WF 


Combined  with  eq.  ( I )  one  can  obtain: 
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(6) 


Evaluating  fVE  iW  from  a  large  range  of  data  (fig.  4),  setting  this  value  to  0.05  seems  to  be  a  good 
average.  The  factors  c,  and  c2  largely  depend  on  the  use  of  state-of-the-art  structural  materials  and  are 
retained  here  as  variable  parameters.  In  fig.  5,  the  payload  fraction  W^W.  i.e.  passengers  or  cargo,  for 
multiple  existing  aircraft  is  plotted  against  the  non-dimensional  range.  These  data  have  been  fitted  by 
adapting  the  structural  parameters  Cj  and  c2,  along  with  the  propulsion  and  aerodynamic  performance 
parameter  tjUD  of  eq.  (6)  according  to  the  values  given  in  table  2. 


r\UD 

Cj 

A 

4 

0.3 

2.25 

B 

5 

0.25 

2.00 

C 

5.5 

0.2 

1.90 

D 

6 

0.15 

1.75 

E 

3 

0.35 

2.75 

Table  2:  Parameter  sets  used  for  evaluation  of  future  trends 
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Fig.  4  indicative  engine  fraction  for  various  aircraft 
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Fig.  5:  Indicative  payload  fraction  in  function  of  non-dimensional  range  for  various  aircraft.  Full 
lines  A  to  E  are  based  on  eg.  (6)  for  structural,  propulsion  &  aerodynamic  parameter  variation. 


Fig.  6:  Seat-km:  figure  of  merit  comprising  both  payload  and  range  for  various  aircraft 

Generally  speaking,  the  payload  fraction  increases  from  A  to  D  due  to  the  improved  structural  and 
propulsive  parameters  and  demonstrate  the  technological  evolution  introduced  into  the  newer 
airplanes.  The  line  E  is  definitely  lower  for  the  supersonic  aircraft  which  is  due  to  the  lower  r\UD=5 
versus  4  for  the  subsonic  ones  achieved  in  the  same  era.  Small  changes  on  the  aerodynamics,  as 
proposed  for  Concorde  B  in  1976,  combined  with  efficiencies  of  recent  engines  developed  for 
supersonic  fighters,  indicate  that  a  recent  SST  might  achieve  a  performance  which  lies  in  between 
lines  A  and  B. 

Another  important  figure  of  merit  for  aircraft  is  seat-kilometre  produced  which  can  be  expressed  as 
WjJ W  x  R/Rg.  This  is  shown  in  figure  6  along  with  the  fittings  discussed  previously.  Also  here  the 
tendencies  are  well  represented  by  the  equations  with  higher  values  for  the  more  recent  airplanes  and 
the  lowest  for  the  obsolete  commercial  SST. 

The  still  remaining  parameter  to  be  discussed  is  the  use  of  hydrogen  as  fuel.  Studies  have  been 
performed  in  Europe  (e.g.  Cryoplane)  and  Russia,  but  little  information  is  available  on  the  aircraft 
performance.  However,  making  use  of  the  suggested  correlations,  the  influence  of  hydrogen  as  a  fuel 
can  be  easily  assessed.  In  figs.  7  and  8,  the  previous  parameter  settings  A,  D  and  E  have  been  applied 
for  a  hydrogen  aircraft,  denoted  respectively  AH2,  DH2,  EH2,  This  is  a  first  approximation  as  the 
larger  required  volume  for  hydrogen  storage  will  induce  a  higher  drag  which  is  not  accounted  for.  Ihe 
dashed  lines  clearly  indicate  that  aircraft  have  a  larger  potential  in  range  with  still  an  interesting 
payload  capacity,  including  SST.  Aircraft  of  lower  performance,  according  to  A,  have  now  a  potential 
equivalent  for  the  ultimate  range  to  aircraft  of  type  D  by  switching  to  hydrogen.  This  opens  up  the 
potential  to  reach  anti-nodal  destination  with  optimum  seat-km  already  for  conservatively  designed 
aircraft. 

This  motivated  the  LAPCAT-team  to  tackle  the  final  technological  challenge  within  aviation:  can  man 
travel  to  the  other  side  of  the  world  within  a  relatively  short  time  of  two  to  four  hours? 


Wp/W  x  R/Rfl 


Fig.  7:  Payload  fraction  dependence  on  fuel  type:  Kerosene  (full),  hydrogen  (dashed). 


Fig.  8:  Seat-km  dependence  on  fuel  type:  kerosene  (full),  hydrogen  (dashed) 


3.0  LAPCAT:  PROJECT  DESCRIPTION 


3.1  High-Speed  Propulsion:  Introduction 

Two  types  of  air-breathing  engines  for  high-speed  aircraft  have  so  far  been  successfully  developed: 
The  turbojet  and  the  ramjet.  The  turbojet,  based  on  active  compression,  has  reached  a  high  state  of 
development  and  is  widespread  within  the  aeronautical  world,  mainly  due  to  its  accelerated 
appearance  in  the  mid  40's.  A  supersonic  application  of  turbojets  in  commercial  aviation  is  the  well- 
known  Olympus  593  engine  of  Snecma/Rolls-Royce  used  for  the  Concorde.  Another  particular 
application  is  the  reconnaissance  aircraft  Blackbird  SR-71  with  an  integrated  P&W  J58  turbojet  which 
has  an  afterburner  fed  in  part  by  air  vented  from  the  compressor. 

The  ramjet,  based  on  ram-compression,  has  found  extensive  applications  in  missiles  and  some 
experimental  aircrafts.  The  technological  transfer  towards  commercial  aviation  has  been  hampered  so 
far  due  to  the  lack  of  an  economical  driver  for  setting  up  a  novel  and  expensive  development  cycle 
with  adaptation  of  or  new  high-speed  wind  tunnel  facilities  and  flying  test  beds.  The  largest  stumbling 
block,  however,  is  the  environmental  concern  (noise)  of  supersonic  planes. 

Moreover,  thermal  aspects  limit  the  flight  Mach  number  for  both  airbreathing  types  as  well  as  the 
flight  duration.  Even  at  moderate  pressure  ratios,  turbojets  become  impractical  beyond  Mach  3  when 
using  conventional  materials  and  classical  thermodynamic  cycles.  Ramjets  are  considered  feasible  up 
to  Mach  7.  Beyond  this,  the  increasing  stagnation  enthalpy  prohibits  further  acceleration  of  the  jet  flow 
due  to  endothermic  dissociation  of  the  combustion  products.  The  consequence  is  a  high  loss  of  energy 
in  the  exhaust  due  to  a  large  amount  of  unreacted  species. 

Precooling  the  airflow  as  is  done  by  the  Japanese  ATREX  engine  only  partly  alleviates  the  thermal 
limit  for  turbojets.  Thermal  limits  for  ramjets,  however,  are  alleviated  by  keeping  supersonic  How 
conditions  in  the  combustion  chamber  (scramjets)  with  corresponding  lower  static  temperature.  Major 
challenges  are  the  reduction  of  the  higher  viscous  losses  and  achieving  a  high  combustion  efficiency  in 
spite  of  lower  mixing  rates  and  smaller  residence  time  in  the  combustion  chamber.  Scramjets  have 
received  a  great  deal  of  analytical,  computational  and  experimental  attention,  especially  in  the  USA. 
The  major  drive  was  in  connection  with  the  National  Aero-Space-Plane  (NASP)  project  from  1984- 
1995.  Recently  an  experimental  flight  project  with  the  X-43A  or  Hype-X  has  been  concluded  in  the 
US.  A  self-accelerated  scramjet  flight  at  M=7  took  place  on  the  2r  of  March  2004  as  a  first  step, 
followed  by  a  Mach=10  flight  on  November  16.  2004.  In  France,  the  “Promethee"  program  focuses  on 
a  scramjet  cruise  vehicle  using  storable  propellants.  The  University  of  Queensland  (Australia),  in 
collaboration  with  a  number  of  international  partners  including  DLR  (Germany)  and  QinetiQ  (UK) 
performed  flight  and  ground  tests  for  scramjet  engines  under  the  HyShot  program.  Their  supersonic 
combustion  flight  test  in  2002  lasted  for  5  seconds  during  vertical  descent  at  Mach  7.6.  At  flight 
altitudes  from  approximately  35km  down  to  23km,  hydrogen  supersonic  combustion  data  were 
successfully  collected.  The  US- Australian  Hypersonics  Research  Program,  HlFiRE,  calls  for  10  flight 
tests  over  five  year  in  the  field  of  hypersonics.  Three  flights  are  dedicated  towards  a  scramjet  powered 
waverider  above  Mach  8. 

Ram-based  engines  cannot  accelerate  from  zero  to  operating  speed  without  the  presence  of  an 
integrated  accelerator.  A  TBCC  integrates  a  gas  turbine  within  the  ram-duct,  whereas  a  RBCC  is  based 
on  an  integrated  rocket  engine.  The  J58  engine  of  the  SR-71  (USA)  and  also  the  proposed  engine  for 
the  Sanger  first  stage  (Germany)  are  examples  of  a  TBCC.  The  Revolutionary  Turbine  Accelerator 
(RTA)  once  under  development  in  the  USA  for  the  X-43B  scramjet  flight  test  program  is  expected  to 
self  accelerate  up  to  Mach  4+.  At  Jaxa,  the  Air  Turbo  Ramjet  of  a  precooled  Expander  Cycle 
(ATREX),  designed  for  operation  at  Mach  6,  has  completed  static  conditions  at  sea-level.  All  these 
concepts  vary  widely  in  purpose  and  timeline  and  hence  in  vehicle  and  propulsion  concept, 
development  strategy  and  technology  demonstrator. 


3.2  LAPCAT:  Objectives 

In  Europe,  continuous  effort  for  basic  high-speed  airbreathing  propulsion  research  has  been  made  at 
many  institutions.  I  lowever.  these  efforts  are  scattered  and  strongly  specialized.  The  LAPCAT  offers 
the  opportunity  to  practice  the  indispensable  cooperation  on  European  level  and  to  integrate 
specialized  findings  into  a  system  to  assess  the  overall  relevance  and  benefits.  During  the  project, 
system  design  tools  are  developed  as  well  as  rules  and  guidelines  for  conceptual  development  of 
system  which  have  not  been  in  place  before.  The  capability  to  systematically  guide  a  system 
development  process  through  interface  management  and  to  assess  its  output  will  be  enhanced. 

T  he  baseline  mission  requirement  is  to  reduce  travelling  time  of  long-distance  flights,  e.g.  Brussels  to 
Sydney,  in  about  2  to  4  hours.  This  requires  a  new  flight  regime  with  Mach  numbers  ranging  from  4  to 
8.  At  these  high  speeds,  classical  turbo-jet  engines  need  to  be  replaced  by  advanced  airbreathing 
propulsion  concepts  and  hence  related  technologies  need  to  be  developed. 

As  objectives,  two  major  directions  at  conceptual  and  technological  level  are  considered:  ram- 
compression  and  active  compression.  The  latter  has  an  upper  Mach  number  limitation  but  can 
accelerate  a  vehicle  up  to  its  cruise  speed.  Ram-compression  engines  need  an  additional  propulsion 
system  to  achieve  their  minimum  working  speed.  Key  objectives  are  the  definition  and  evaluation  of: 

•  different  propulsion  cycles  and  concepts  for  high-speed  flight  at  Mach  4  to  8  in  terms  of 
turbine-based  (TBCC)  and  rocket-based  combined  cycles  (RBCC)  in  fig.  9 

•  critical  technologies  for  integrated  engine/aircraft  performance,  mass-efficient  turbines  and 
heat  exchangers,  high-pressure  &  supersonic  combustion  experiments  and  modelling. 

A  sound  technological  basis  will  be  determined  for  long-term  (20-25  years)  to  advance  innovative 
propulsion  concepts.  The  most  critical  RTD-building  blocks  will  be  identified  employing  analytical, 
numerical  and  experimental  tools  to  address  issues  of  the  following  road-map: 


Fig.  9:  Turbine  Based  (Sabre-engine:  courtesy  REL)  versus  Rocket  Based  Combined  Cycle  (Prepha: 
courtesy  SNECMA). 


•  Two  airbreathing  engines  for  selected  reference  vehicle(s)  and  trajectory  point(s). 

•  Dedicated  combustion  experiments  for  supersonic  and  high-pressure  combustion,  including 
potential  fuels  and  its  interaction  with  flow-field  turbulence. 

•  Modelling  and  validation  of  combustion  physics  on  the  basis  of  chemical  kinetics  and  fuel 
spray  vaporization  models  and  turbulence  affecting  the  combustion. 


•  Aerodynamic  experiments  for  major  engine  components  (intakes,  nozzles,  full  engines),  and 
establishment  of  data  for  interaction  of  vehicle  and  propulsion  aerodynamics. 

•  Evaluation  and  validation  of  advanced  turbulence  models  to  evaluate  unsteady,  separated  flow 
regimes  and  to  develop  transition  models  based  on  intermittency  related  parameters. 

•  Performance  prediction  of  contra-rotating  turbines  and  light  cryogenic  fuel  heat  exchangers. 

The  three  years  lasting  project  will  result  into: 

•  Definition  of  requirements  and  operational  conditions  for  high-speed  flight  at  system  level 

•  Dedicated  experimental  data-base  specific  to  high-speed  aerodynamics  for  supersonic  and 
high-pressure  combustion  and  flow  phenomena. 

•  Setting-up  and  validating  physical  models  supported  by  numerical  simulation  tools  to  address 
supersonic  and  high-pressure  combustion,  turbulence  and  transition  phenomena. 

•  Feasibility  study  of  weight  performance  turbine  and  heat  exchanger  components 

The  team  consists  of  12  partners  out  of  6  European  countries  and  is  coordinated  by  the  European 
Space  Research  and  Technology  Centre  ESTEC-ESA  in  the  Netherlands.  This  involves  four  industries 
EADS-Astrium  (D),  Reaction  Engines  (UK),  Snecma  (F)  and  Cenaero  (B);  four  research  institutions 
being  ESA-ESTEC  (NL),  DLR  (D),  CIRA  (I)  and  VKI  (B)  and  finally  the  universities  of  Rome  (I), 
Stuttgart  (D),  Southampton  (UK)  and  Oxford  (UK). 

4.0  PRELIMINARY  RESULTS 

In  order  to  specify  realistic  conditions  for  both  the  detailed  experimental  and  numerical  campaigns, 
several  vehicle  systems  studies  were  performed.  Two  different  designs  were  conceived  for  a  Mach  4  to 
5  range  on  the  basis  of  turbine  based  combined  cycles,  either  using  hydrogen  or  kerosene  as  a  fuel. 
This  approach  was  taken  in  order  to  capitalise  as  far  as  possible  on  the  vast  experience  now  available 
from  turbojet  design  and  operation.  For  the  Mach  8  range,  a  single  vehicle  concept  was  designed  on 
the  basis  of  a  rocket  based  combined  cycle  where  the  airbreathing  part  is  done  consecutively  by  a 
hydrogen  fuelled  ejector  rocket,  ramjet  and  finally  scramjet. 

The  initial  work  on  RBCC  mainly  concentrated  on  deriving  first  performance  figures  to  be  used  in  the 
context  of  vehicle  pre-design  and  analysis.  This  was  accomplished  by  providing  net  Isp  figures  over  a 
wide  flight  Mach  number  range  such  that  absolute  dimensioning  could  be  avoided  in  the  initial 
absence  of  requirements  derived  from  a  vehicle  concept. 

4.1  Vehicle  and  Propulsion  System  Studies  based  on  TBCC 

The  project  objective  was  to  examine  two  turbine  based  cycle  (TBCC)  engine  concepts  for  high  Mach 
number  (4  -  5)  flight  in  the  context  of  future  civilian  transportation.  The  experience  accumulated  from 
turbojet  design  and  operation  is  huge  and  this  should  obviously  form  the  basis  of  the  next  generation 
of  engines  if  at  all  possible. 

Using  the  engine  concepts,  vehicles  were  defined  and  their  aerodynamic  performance  optimised. 
These  were  incorporated  into  trajectory  models  together  with  subroutines  of  the  engine  performance  to 
derive  scaled  performance  and  formed  the  basis  of  estimating  vehicle  size  and  mass.  The  nominal 
mission  was  to  fly  economically  from  Brussels  to  Sydney  in  approximately  4  hours. 

4.1.1  Hydrogen  Precooled  Turbo-Ramjet 

The  first  study  focused  on  a  precooled  Mach  5  engine,  named  Scimitar,  employing  a  cycle  based  on 
the  Reaction  Engines  SABRE  spaceplane  engine  and  fuelled  by  liquid  hydrogen.  The  Scimitar  engine 


must  have  good  subsonic  and  supersonic  performance  if  it  is  to  be  a  practical  engine  for  a  new 
generation  of  hypersonic  aircraft.  This  would  allow  it  to  operate  from  normal  airports  and  over-fly 
inhabited  regions  without  the  nuisance  and  political  problems  which  limited  Concorde's  effectiveness. 
These  characteristics  have  been  successfully  incorporated  into  the  Scimitar  design  (fig.  10)  by 
incorporating  a  high  bypass  fan  into  the  bypass  duct  which  encloses  the  core  engine  and  is  otherwise 
needed  to  match  the  intake  air  capture  flow  to  the  engine  demanded  flow  over  the  supersonic  Mach 
number  range.  The  bypass  fan  is  driven  by  a  hub  turbine  using  flow  diverted  from  (he  core  engine 
nozzle.  The  flow  then  discharges  into  the  bypass  and  mixes  with  the  bypass  flow.  More  details  on  the 
engine  and  its  thermodynamic  cycle  are  given  by  A.  Bond  16]. 


Fig.  10:  Scimitar:  precooled  Turbofan -Ramjet  engine  for  LAPCAT  A2  cruiser. 


Due  to  their  central  role  to  the  concept  of  the  precooled  engine  two  technologies  are  being  addressed  at 
experimental  level:  a  lightweight  heat  exchanger  and  contra-rotating  turbine. 

The  air  preeooler  is  a  metallic  tubular  matrix  with  the  captured  intake  air  in  cross  flow  over  a  helium 
cooled  small  diameter  (1.0mm)  tube  bank.  The  Scimitar  power  cycle  depends  on  maintaining  a 
constant  top-cycle  helium  temperature  at  around  I000K.  The  prebumer  is  needed  to  heat  the  helium 
leaving  the  precooler  exit  at  low  flight  Mach  numbers  when  the  captured  air  enthalpy,  and  therefore 
the  helium  temperature  also,  is  low.  The  precooler  heat  exchanger  is  a  smooth  plate  Silicon  Carbide 
surface  in  order  to  minimise  the  pressure  loss  on  the  combustor  gas  side.  It  is  intended  to  design, 
manufacture  and  test  heat  exchanger  technology  associated  with  the  high  temperature  part  of  the 
engine  cycle. 

The  design  of  the  tubular  surface  test  items  has  been  done  and  oxidation  trials  of  Inconel  718  tube 
material  has  been  completed.  Strength  problems  have  been  identified  at  high  temperature  with  the 
metallic  materials  and  further  manufacturing  contracts  have  been  placed  to  address  these.  The  SiC 
technology  is  in  the  early  stages  of  development. 

It  is  intended  to  design,  build  and  lest  a  stator-less  contra-rotating  model  turbine  which  is 
aerodynamical ly  similar  to  the  real  turbine  driving  the  turbocompressor  of  the  Scimitar  engine 
concept.  The  real  turbine  runs  on  high  pressure  (200  bar)  hot  ( 1 000 K.)  helium  with  a  power  output  of 
over  60  MW.  It  is  impractical  from  a  cost  aspect  to  carry  out  aerodynamic  testing  on  representative 
components  on  the  real  fluid  at  this  preliminary  design  stage.  The  model  will  therefore  be  run  on  a  low 
pressure  high  molecular  weight  gas  which  can  simulate  the  high  pressure  helium  used  in  the  engine. 
REL  prepared  an  initial  scoping  design  for  the  turbocompressor  of  the  real  engine  for  which  VKI  have 
optimised  the  aerodynamics.  CENAERO  has  performed  3-D  optimization  of  the  VKI  design  for 
Helium  flow.  3-D  optimization  for  the  Argon  scaled  model  is  currently  underway. 


The  test  program  will  begin  in  2008  and  demonstrate  that  very  efficient  ultra-compact  turbines  are 
feasible  for  applications  in  hypersonic  aerospace  engines.  The  Scimitar  engine  analysis  suggests  that  it 
can  produce  efficient  supersonic  and  subsonic  flight  and  meet  the  anticipated  noise  regulations  for 
normal  airport  operation. 

An  important  side  result  is  the  critical  role  of  environmental  impacts,  specifically  NOx,  contrails  and 
Ozone  damage.  These  may  prove  to  be  one  of  the  most  significant  potential  obstacles  to  scheduled 
hypersonic  civil  aviation  and  a  literature  search  showed  that  they  played  a  large  part  in  the  USA's 
decision  in  the  early  1970s  not  to  pursue  a  Concorde-like  aircraft  at  that  time.  The  Scimitar  engine  as 
configured  in  the  current  design  would  be  unacceptable  for  its  NOx  production  although  some  options 
exist  for  reducing  the  NOx  at  a  performance  penalty.  Future  studies  need  to  include  these  problem  at 
the  outset  to  avoid  naive  results  and  the  expenditure  of  considerable  resources  on  studying  projects 
which  are  ultimately  not  viable.  The  studies  in  this  area  are  complete  for  the  current  project. 

4.1.2  Hydrogen  Mach  5  Cruiser 

4.1.2.!  Vehicle 

The  LAPCAT  A2  vehicle  flying  at  Mach  5  was  carried  out  by  Reaction  Engines.  The  preliminary 
results  of  this  analysis  are  encouraging.  The  vehicle  study  is  complete  at  initial  project  study  level  and 
indicates  that  a  400ton,  300  passenger  vehicle  could  achieve  antipodal  range  without  marginality.  The 
concept  is  particularly  interesting  for  this  mission  requirements  as  a  trajectory  optimization  allowed  to 
fly  almost  continuously  over  sea  and  avoiding  sonic  boom  impact  when  flying  over  land. 

The  proposed  aircraft  Configuration  A2  is  shown  in  Figures  11-12.  The  vehicle  consists  of  a  slender 
fuselage  with  a  delta  wing  carrying  4  engine  nacelles  positioned  at  roughly  mid  length.  The  vehicle  is 
controlled  by  active  foreplanes  in  pitch,  an  all  moving  fin  in  yaw  and  ailerons  in  roll.  This 
configuration  is  designed  to  have  good  supersonic  and  subsonic  lift/drag  ratio  and  acceptable  low 
speed  handling  qualities  for  takeoff  and  landing.  A  leading  edge  sweep  angle  of  55  deg  was  chosen  as 
roughly  equivalent  to  the  Concorde  value  and  known  to  be  the  minimum  necessary  to  generate  a  stable 
separated  vortex  at  high  AOA.  A  thickness/chord  of  3%  was  selected  as  typical  of  supersonic  cruise 
vehicles.  An  achievable  takeoff  wing  CL  of  0.59  gives  a  minimum  wing  area  of  900  m2  for  a  takeoff 
mass  of  400  tonnes.  A  fuselage  diameter  of  7.5  m  was  chosen  to  trade  a  small  increase  in  drag  for  a 
saving  in  fuselage  mass.  The  resulting  fuselage  is  much  longer  than  existing  aircraft  at  139m. 


Fig.  11:  LAPCAT  A2:  configuration  for  a  Mach  5  TBCC  vehicle  based  on  hydrogen 


Fig.  12:  Artist’s  impressions  of  LAPCAT  A2.  Left:  Mach  5  hydrogen  fuelled  cruiser  for  300 
passengers  with  a  MTOW  of  400tons;  right  LAPCAT  A2  compared  with  A380. 


The  flight  deck  and  passenger  compartment  (arranged  in  two  decks)  occupies  a  length  of  about  32  m 
and  is  located  over  the  wings  on  the  vehicle  centre  of  gravity.  Unlike  conventional  airliners  hydrogen 
storage  within  the  wings  is  not  feasible  since  the  wing  volume  is  too  small.  Consequently  the  liquid 
hydrogen  occupies  the  remainder  of  the  fuselage  volume  and  is  split  into  two  large  pressurised  tanks 
either  side  of  the  passenger  compartment.  This  permits  circular  cross  section  tankage  which  minimises 
insulation  and  pressure  vessel  mass. 

The  vehicle  has  4  engines  (for  redundancy  ),  which  are  mounted  in  separate  axisymmetric  nacelles  on 
the  wing.  Currently  two  engines  are  located  on  the  wingtips  whilst  the  remaining  two  are  located 
within  inboard  nacelles  located  under  and  ahead  of  the  wing  leading  edge.  Physically  separating  the 
nacelles  reduces  the  possibility  of  a  mechanical  failure  in  one  engine  causing  damage  to  the  adjacent 
engine,  and  also  causes  less  aerodynamic  disruption  when  an  engine  is  shutdown  or  unstarts.  Carrying 
the  engines  on  the  wing  gives  good  CP/CG  matching  and  is  structurally  efficient,  whilst  the  alternative 
option  of  mounting  the  engines  on  the  fuselage  incurs  the  penalty  of  a  large  boundary  layer  diverter 
and  acoustic  fatigue  of  the  fuselage  skins.  Locating  the  engines  at  the  rear  of  the  fuselage  would  pull 
the  vehicle  centre  of  gravity  too  far  back.  The  wing  tip  mounted  engines  generate  a  large  yawing 
moment  if  one  is  shutdown  however  calculations  indicate  that  the  all  moving  fin  is  capable  of 
controlling  the  vehicle  since  it  is  acting  at  a  large  moment  arm. 

Normally  the  engines  of  supersonic  cruise  vehicles  are  mounted  underneath  the  wing  towards  the 
trailing  edge  which  permits  the  designer  to  capitalise  on  precompression  and  allows  the  nozzle  to 
discharge  alt  of  the  wing  trailing  edge.  However  at  Mach  5  the  wing  shock  wave  is  at  an  angle  of  only 
8.9  deg  relative  to  the  wing  lower  surface,  which  would  necessitate  moving  the  nacelle  aft  until  the 
intake  face  was  behind  the  wing  trailing  edge.  Therefore  this  approach  is  structurally  impractical  and 
would  scrape  the  nacelles  on  the  runway  during  takeoff  rotation.  Consequently  the  nacelles  are 
positioned  with  the  intake  face  ahead  of  the  wing  shock  wave  in  relatively  freestream  conditions, 
which  has  the  added  advantage  that  no  wing  boundary  layer  has  to  be  dealt  with.  The  inboard  nacelles 
are  mounted  underneath  the  wing  to  reduce  wing  skin  acoustic  fatigue  damage.  The  main  disadvantage 
of  the  inboard  nacelle  location  is  that  the  nacelle  cross  section  is  introduced  ahead  of  the  wing 
maximum  thickness  which  is  counter  to  normal  area  ruling  practice  and  will  increase  transonic  wave 
drag. 

4. 1.2.2  Routes 

Commercial  civil  transport  aircraft,  flying  subsonically,  normally  follow  a  "great  circle"  route  between 
the  airports  of  departure  and  arrival,  once  they  are  clear  of  local  traffic.  However  in  the  case  of 
supersonic  aircraft  there  is  the  complication  of  the  "sonic  boom”,  or  ground  overpressure  produced  by 


supersonic  flight.  Various  tests  show  broad  agreement  that  an  overpressure  below  50  Pa  is  tolerable 
for  regular  overflights  of  populated  areas  (although  there  appears  to  be  no  safe  level  which  will 
eliminate  complaints).  Unfortunately  practical  civil  transports  produce  overpressures  above  this  level. 
For  example  Concorde  generated  an  overpressure  of  about  93  Pa,  which  restricted  supersonic  flight  to 
over  water  regions  only  and  effectively  reduced  its  commercial  viability.  Current  overpressure 
estimates  for  the  LAPCAT  configuration  A2  vehicle  suggest  that  at  the  start  of  Mach  5  cruise  the 
overpressure  will  be  about  85  Pa  under  the  ground  track,  reducing  to  about  70  Pa  at  mid  cruise. 
Therefore  preliminary  route  planning  for  the  LAPCAT  vehicle  has  assumed  that  supersonic  flight  is 
only  possible  over  regions  of  very  low  population  density  (oceans  and  the  North  and  South  Poles).  The 
possibility  of  overflying  desert  regions  (eg:  central  Australia  or  the  Sahara)  has  been  ignored  although 
this  may  be  feasible  following  international  negotiation.  This  philosophy  will  give  a  "worst  case 
scenario”  for  the  range  requirement  -  in  the  event  that  the  vehicle  will  be  able  to  fly  over  land  the 
distances  traveled  will  obviously  be  smaller. 

The  Brussels  to  Sydney  route  was  adopted  as  the  baseline  mission.  This  was  seen  as  a  sensible  starting 
point  in  that  it  requires  extreme  range  and  would  greatly  benefit  from  hypersonic  speeds  in 
significantly  reducing  flight  times.  Nevertheless,  other  potential  routes  of  interest  are  evaluated  in 
table  3.  Some  of  the  routes  are  depicted  in  the  figs.  13  to  16. 


Route 

Subsonic  aircraft 

Vlach  5  aircraft 

Brussels  -  Sydney 

22.25  hours' 

3.8  hours26 

Brussels  -  Los  Angeles 

10.0  hours 

2.5  hours2 

Brussels  -  Tokyo 

10.75  hours 

2.5  hours2 

Brussels  -  New  York 

7.5  hours 

1 .6  hours 

Brussels  -  Beijing 

8.9  hours 

4.9  hours 

Brussels  -  Delhi 

7.2  hours 

5.3  hours 

Paris  -  Kourou 

7.9  hours 

1 .7  hours 

Los  Angeles  -  Tokyo 

9.75  hours 

2.0  hours 

Los  Angeles  -  Sydney 

13.4  hours 

2.6  hours 

Los  Angeles  -  Singapore 

15.7  hours 

3.0  hours 

Los  Angeles  -  Delhi 

14.3  hours 

7.5  hours 

Table  3:  Approximate  Flight  Times:  1)  Includes  2  hour  refuelling  stop;  2)  Assumes 
supersonic  overflight  of  the  Bering  Straits;  3)  Mo  wind  (jet  stream)  effects;  4) 
No  "airport  flight  stacking"  (Le*  straight  in  approaches);  5)  Nominal  ascent/desent 
times  and  distances;  6)  Detailed  trajectory  modelling  indicates  4.6  hours  due  to 
longer  ascent/descent  times  than  initially  forecast. 

Figure  14:  Brussels-Beijing  via  Nome  and  Tokyo  (14,100  km) 


Figure  IS:  Los  Angeles-Sydney  (12,071  km) 


Figure  16:  Los  Angeles-Delhi  via  Singapore  (18,256  km) 


4. 1.2. 3  De  velopment  plan  and  economics 

To  address  the  relatively  high  technical  risk  of  this  project  it  is  proposed  that  the  development  program 
proceed  in  a  step  by  step  basis  in  3  phases,  namely  Concept  Validation  (2  years).  Technology 
Demonstration  (3  years)  and  System  Development  (8  years).  At  the  end  of  each  program  stage  the 
project  would  be  reviewed  before  deciding  whether  to  proceed  with  the  next  stage.  An  arbitrary  start 
date  of  2010  has  been  assumed  which  implies  an  Entry  Into  Service  date  at  the  beginning  of  2023. 

The  predicted  engine  development  cost  in  2006  prices  is  8,I47M€  and  vehicle  development  cost 
I4,454M€  to  give  a  total  development  cost  of  22,60 1  ME.  The  first  vehicle  production  cost  is  979ME. 
Assuming  an  85%  learning  factor  and  a  total  production  run  of  100  vehicles  implies  an  average 
vehicle  sale  price  of  639ME  (including  full  development  cost  recovery). 

The  estimated  annual  operating  cost  per  vehicle  is  553.8ME  of  which  the  liquid  hydrogen  fuel 
comprises  83%.  This  assumes  hydrogen  derived  from  electrolysis  of  water  however  hydrogen  derived 
from  steam  reforming  of  hydrocarbons  would  be  about  l/3rd  the  cost  which  would  roughly  halve  the 
annual  operating  cost. 


The  A2  vehicle  should  carry  about  148,000  passengers  per  year  assuming  2  flights  per  day,  90% 
availability  and  75%  load  factor.  This  implies  an  average  one  way  ticket  price  to  Australia  of  39406  in 
2006  prices.  This  compares  with  a  current  Business  class  ticket  of  around  40606  and  First  class  ticket 
of  50756,  Therefore  in  principle  the  A2  vehicle  could  capture  all  of  the  current  business  and  first  class 
traffic  due  to  the  greatly  reduced  journey  time  of  4,5  hours  compared  to  the  current  22  hours 
(assuming  subsonic  carriers  do  not  drop  their  prices  in  competition).  The  ticket  prices  would  roughly 
halve  (20006)  if  the  hydrogen  is  produced  by  steam  reforming.  This  analysis  assumes  no  hydrogen 
subsidy,  however  in  reality  it  is  likely  that  the  first  generation  of  hydrogen  fuelled  aircraft  would  be 
subsidised  to  promote  the  switch  to  a  more  environmental ly  friendly  fuel. 

Unlike  Concorde  the  A2  vehicle  has  exceptional  range  (both  subsonic  and  supersonic)  and  is  therefore 
able  to  service  a  large  number  of  routes  whilst  simultaneously  avoiding  supersonic  overflight  of 
populated  areas.  Its  good  subsonic  performance  enables  it  to  service  conventional  subsonic  overland 
routes  thereby  increasing  its  sales  potential  to  airlines, 

4.13*  Kerosene  Variable  Cycle  Engine 

An  parallel  study  carried  out  by  DLR-Sart  (7,81  focuses  kerosene  as  a  fuel  in  order  to  explore  the 
performance  of  this  fuel  in  preference  to  hydrogen  since  its  supply  infrastructure  is  well  established. 

In  section  2,  it  was  identified  that  turbo  fans  are  most  efficient  in  subsonic  flight  whereas  turbojets  are 
better  suitable  for  supersonic  flight  as  their  dry  thrust  drops  far  more  slowly  than  that  of  a  fan  with 
increasing  vehicle  airspeed.  A  supersonic  aircraft  would  profit  of  an  engine  which  combines  both 
performances:  one  for  supersonic  cruise  flight  and  the  other  for  take-off  and  landing  as  well  for 
subsonic  cruise  over  densely  populated  areas.  This  demands  for  a  Variable  Cycle  Engines  (VCE) 
might  offer  a  good  compromise  for  such  applications  where  the  specific  thrust  is  low  at  low  altitude 
flight  and  subsonic  cruise,  but  is  forced  high  during  supersonic  cruise  and  acceleration. 

In  [8],  Sippei  made  a  comprehensive  overview  of  VCE  which  is  repeated  here.  Recently  the  US  was 
aggressively  pushing  this  technology  for  military  and  space  function  (RTA,  Revolutionary  Turbine 
Accelerator)  19,  10],  The  cycles  are  based  on  a  suitable  arrangement  of  the  fan  stages  and  variable  by¬ 
pass  flows.  The  MTF  (Mid  Tandem  Fan)  type  VCE  engine  has  been  studied  in  Europe  by  Rolls  Royce 
and  Sneema  in  the  early  1990ies  [II], 

Based  on  development  work  for  the  GE-21  [12],  the  YF12Q  is  a  variable  cycle  engine  capable  of 
adjusting  its  bypass  ratio  to  the  optimum  for  a  given  flight  regime  [13].  ITie  F-120  can  be  seen  as  one 
of  the  most  advanced  jet  engines  ever  Down  in  the  YF-22  and  YF-23  ATF  test  airplanes.  Another  VCE 
project  has  been  the  Revolutionary  Turbine  Accelerator  (RTA)  as  the  TBCC  demonstration  project  in 
the  NGIT  program  of  NASA  (  fig.  17).  Designated  as  the  GE57  by  General  Electric  (GEAE),  the  RTA 
engine  represents  a  unique  variable  cycle  engine  where  internal  flowpath  changes  allow  for  high  Up 
throughout  the  flight  trajectory  for  an  accelerator  vehicle  [9,10], 
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Fig.  17:  General  Electric  RTA-1  (GE-57)  cut  view  [  9] 


Three  different  variants  of  advanced  variable  cycle  engines  have  been  conceptually  designed  for  the 
LAPCAT  supersonic  airliner.  All  are  double  bypass  turbofans  principally  similar  to  the  RTA-1  design, 
however  adapted  to  the  mission  and  thrust  requirements  of  the  LAPCAT-M4,  The  major  differences  of 
the  three  concepts  are  in  the  number  of  fan  or  compressor  stages  and  their  OPR.  A  RAM  burner  is 
integrated  with  the  convergent  divergent  nozzle  in  all  variants.  The  different  concepts  are  evaluated  in 
depth  by  Sippel  [8].  The  discussion  below  is  however  limited  to  the  one  selected  as  most  optimal  for 
the  M=4.5  vehicle. 

The  LAPCAT  VCE-214  is  a  variable  cycle  incorporating  a  two  stage  fan  with  large  blades  mounted  on 
the  low  pressure  spool.  The  first  bypass  flow  is  controlled  by  the  first  variable  area  bypass  injector 
(VABI).  This  device  is  followed  by  the  core  section,  starting  again  with  a  single  stage  fan  (core  driven 
fan  stage  CDFS).  After  the  second  VABI  the  four  stage  core  compressor  delivers  the  remaining  air 
into  the  combustion  chamber.  A  single  stage  HPT  is  followed  by  a  single  stage  LPT  and  the  bypass 
flow  is  again  controlled  by  an  aft  VABI  to  achieve  mixing  with  the  core  flow  in  the  complete  flight 
regime. 

The  more  complicated  lay-out  of  the  VCE  allows  an  adaptation  of  the  different  compressors  more  or 
less  independently  of  each  other.  This  feature  can  be  used  at  higher  supersonic  Mach  numbers.  Around 
Mach  2.5  these  engines  are  switching  to  an  operation  mode  in  which  the  first  fan  is  transitioning  to 
windmilling.  At  Mach  3  the  low  pressure  spool  is  in  full  windmilling,  thus  temperature  and  pressure  of 
the  incoming  air  is  no  longer  altered  by  this  component.  The  turbofan  is  operating  in  double  bypass 
mode  with  small  bypass  ratios  Liand  L:and  still  at  its  maximum  TET  of  1950K  and  a  OPR  of  28 
without  reaching  the  compressor  exit  temperature  limitation  of  1000  K.  The  first  VABI  is  opened  with 
Li  approaching  0.85.  The  VABI2  is  kept  slightly  open.  The  core  engines  of  VCE  will  be  closed 
beyond  the  Mach  3.5  trajectory  point  and  the  complete  air-flow  is  directed  through  the  bypass  duct  to 
the  RAM  chamber.  Technical  solutions  for  the  practical  design  of  such  a  TBCC  might  become  very 
challenging.  Some  preliminary  proposals  will  be  investigated  in  later  LAPCAT  work.  A  thermal 
environment  around  1050  K  for  the  windmilling  LP-Fan  during  the  several  hours  of  RAM  cruise  could 
raise  problems.  In  case  of  the  turbojet  these  design  challenges  might  become  even  tougher  and  a 
switch  to  two  separate  flow  passes  might  be  necessary.  The  RAM  cycle  performance  is  presented  in 
reference  [14].  The  maximum  combustion  temperature  is  limited  to  2100  K  as  for  the  afterburner.  This 
high  value  is  used  during  the  acceleration  phase  and  can  be  significantly  reduced  when  reaching  the 
cruise  flight.  Depending  on  the  remaining  airliner  weight,  the  combustion  temperature  is  reduced  in 
steady  cruise  to  values  between  1850  K  and  1700  K.  The  lower  thermal  loads  ease  somewhat  cooling 
concerns  because  no  cryogenic  fluid  for  active  cooling  is  available.  Further  optimisation  is  ongoing 
related  to  the  engine  and  the  intake  design.  The  latter  is  performed  numerically  by  CENAERO. 

4.1.3.  Kerosene  Mach  4.5  Cruiser 

4.1  3.1  Vehicle 

The  preliminary  design  of  the  LAPCAT-M4  vehicle  [14]  is  based  on  a  critical  recalculation  of  a  1990 
NASA  Langley  and  Lockheed  study  [15]  of  a  250-passenger,  Mach  4  high-speed  civil  transport  with  a 
design  range  of  6500  nautical  miles  (12045.8  km).  The  LAPCAT  mission  range  Brussels  to  Sydney  is 
highly  ambitious  and  by  almost  40  %  larger  than  NASA's  12000  km,  which  requires  a  re-design. 

The  new  supersonic  cruise  airplane  has  to  be  considerably  enlarged  compared  to  the  earlier  NASA 
design  to  meet  its  ambitious  range  requirement.  To  keep  the  wing  loading  in  an  acceptable  range  the 
wing  size  has  been  increased  to  1600  m2  (+  36%).  The  span  grows  almost  proportionally  by  16  %, 
while  the  total  length  reaches  102.78  m  which  is  only  slightly  longer  (+8.8  %)  than  the  earlier  HSCT 
proposal.  The  general  arrangement  of  the  generic  airplane  geometry  is  illustrated  in  Figure  18.  The 
LAPCAT-M4  employs  similar  to  the  NASA  concept  a  blended  wing-body  with  a  modified  nose,  a 
highly  swept  inboard  wing  panel,  and  a  moderately  swept  outboard  wing  panel  (see  fig.  18).  The 


inboard  wing  panel  is  swept  78°,  allowing  the  flow  component  normal  to  its  leading  edge  to  remain 
subsonic  even  at  the  Mach  4.5  cruise  condition.  The  outboard  wing  panel  is  swept  55°  but  its  exact, 
possibly  curved  form  has  not  been  defined  yet.  The  total  wing  is  inclined  with  a  positive  angle  of 
attack  of  approximately  2.75°.  Note  that  this  angle  and  the  wing's  airfoil  are  not  optimized  yet  and 
might  be  adapted  in  the  future,  if  required. 


Fig.  18:  Preliminary  Mach  4.5  kerosene  fuelled  aircraft  for  200  passengers  with  a  MTOW  of  720  tons. 

The  forebody  of  the  concept  is  slender  and  elliptical  in  cross  section.  The  wing-mounted  stmts  of  the 
main  landing  gear  should  retract  into  the  engine  nacelles  and  are  housed  between  the  inlet  ducts  as  in 
[15].  The  two-wheeled  nose  gear  is  mounted  on  the  bulkhead  forward  of  the  crew'  station  and  retracts 
forward.  The  four  advanced  turbo-RAM-jet  engines  are  mounted  in  two  nacelles  on  the  wing  lower 
surface  adjacent  to  the  fuselage.  The  location  of  the  engine  and  nacelles  is  still  open  for  adaptation  if 
required  by  trim  as  long  as  they  remain  under  the  wing.  The  axial-symmetric  geometry  and  the  size  of 
the  air-intakes,  nacelles  and  nozzles  as  shown  in  Figure  18  are  not  representative  of  the  actual 
LAPCAT  design.  A  rectangular  shape  of  the  air-intake  with  vertical  ramps  as  in  [15]  is  the  preferred 
design  option. 

Fuel  is  carried  in  integral  wing  tanks  and  in  a  single  aft  fuselage  tank.  It  is  further  assumed  that  the 
vehicle  uses  thermally  stabilized  jet  fuel  (TSJF)  because  the  existing  airport  infrastructure  is  designed 
around  conventional  jet  fuel.  A  single  vertical  stabilizer  is  attached  to  the  upper  part  of  the  aft 
fuselage.  The  large,  slightly  inclined  wing  might  help  to  achieve  a  good  maximum  I./D  of  7.8  at  a 
small  angle  of  attack  and  cruise  Mach  number  4.5  according  to  preliminary  DLR-analysis.  Actually,  a 
high  L/D  is  essential  to  achieve  the  ambitious  range  requirement. 

The  total  take-off  mass  of  the  supersonic  cruise  airplane  has  been  iterated  in  the  first  loop  to  the  huge 
value  of  720ton,  which  is  well  beyond  any  supersonic  passenger  aircraft  built  to  date.  ITie  dry  mass  is 
estimated  at  184.5ton  and  the  structural  index  is  at  a  for  airplanes  low  36.8%.  According  to  current 
data  the  HSCT  would  be  able  to  transport  about  200  passengers  with  their  luggage.  More  data  on  the 
LAPCAT-M4  airliner  design  is  published  in  reference  [8.  14], 


4. 1.3.2  Routes 

The  complete  flight  trajectory  of  LAPCAT-M4  from  take-off,  via  ascent,  acceleration  to  the 
supersonic  cruise,  descent  and  landing  approach  has  been  simulated  using  control  algorithms  described 
in  [14],  The  calculation  ends  after  depletion  of  nominal  propellants  with  descent  to  sea-level  altitude. 
The  vehicle  follows  almost  the  orthodrome,  however,  with  some  deviations  to  avoid  some  densely 
populated  areas,  adding  about  200km  to  the  shortest  great  circle  route  (flg.  19).  It’s  no  objective  in 
LAPCAT  to  proof  if  the  chosen  track  is  actually  acceptable  for  supersonic  high  altitude  flight. 
Nevertheless,  the  propulsion  system  performance  should  be  assessed  under  realistic  operational 
conditions.  Thus,  a  significant  portion  of  the  trajectory  (from  Brussels  in  eastern  direction  up  to 
Volgograd)  is  assumed  to  be  flown  in  subsonic  cruise. 


Figure  19:  Brussels  to  Sydney:  flight  profile  and  route  (16,700  km) 

Under  these  hypotheses  LAPCAT-M4  with  the  available  484.8ton  of  JP-fuel  does  not  fully  reach  its 
final  destination  Sydney  but  at  least  arrives  after  15,989  km  in  central  Australia  (145.9°  E;  26.4°  S). 
Flight  time  is  23,81  Is  (6.6h).  It  has  not  been  intended  to  further  enlarge  the  vehicle  to  finally  fulfil  the 
mission  goal.  Such  work  could  be  the  subject  of  a  separate  study  while  LAPCAT  focuses  on 
propulsion  system  research.  Simulations  show  that  if  a  direct  acceleration  to  Mach  4.5  already  over  the 
European  continent  would  be  acceptable,  the  HSCT  could  reach  its  final  destination  of  Sydney. 

Therefore,  the  obtained  results  demonstrate  the  principle  feasibility  of  a  TBCC-powered  ultra  long- 
haul  supersonic  airliner.  The  VCE-214  engine  variant  with  relatively  high  OPR  shows  the  best 
performance  of  all  investigated  types  as  long  as  potentially  different  engine  masses  are  not  taken  into 
account  [8], 

4.2  Vehicle  and  Propulsion  System  Studies  based  on  RBCC 

In  parallel  to  TBCC  propelled  vehicles.  Rocket  Based  Combined  Cycles  are  evaluated  for  the  two 
vehicle  concepts.  As  the  thrust  to  weight  ratios  for  rockets  are  far  higher  ( — 60- 1 00)  than  turbojets  (~3), 
they  might  be  a  good  alternative  for  the  acceleration  phase  despite  their  higher  sfc.  The  objectives  of 
rocket  based  combined  cycles  are: 

•  Identification  and  preliminary  definition  of  system-related  parameters  for  high-speed  aircraft 
and  propulsion  unit  RBCC 


•  Preliminary  design  and  dimensioning  of  RBCC  engines  coupled  with  vehicle  and  a  reference 
trajectory 

•  Evaluation  and  comparison  of  RBCC  engines 

•  Trade-off  of  technical  and  economic  characteristics  of  RBCC  engines 

•  Comparison  of  RBCC  engine  performance  with  that  of  TBCC  engines 

The  preliminary  design  and  dimensioning  of  RBCC  engines  coupled  with  vehicle  and  a  reference 
trajectory  was  addressed  after  the  first  vehicle  designs  for  M4  (kerosene)  and  M8  (hydrogen)  became 
available.  For  each  of  the  vehicles,  a  basic  RBCC  concept  was  derived,  and  tools  and  rules  for 
dimensioning  (he  RBCC  were  developed. 

4.2.1.  Kerosene  RBCC  engine  for  Mach  4.5  cruiser 

For  the  kerosene-fuelled  RBCC  for  cruise  flight  Mach  number  4.5,  the  preferred  configuration  turned 
out  to  be  a  rotationally  symmetric  concept  with  the  separated  rocket  in  the  center.  The  ramjet  consists 
of  a  contoured  annulus  around  the  center  block  which  exhausts  on  a  truncated  plug  nozzle  (fig.  20).  A 
preliminary  contour  approximation  was  developed  to  concentrate  on  HC  ramjet  combustion  on  the 
basis  of  CFD  combustion  analysis  and  to  assess  the  range  of  combustion  efficiencies  and  characteristic 
velocities  to  be  expected. 


Figure  20:  Contour  parameters  of  rotationally  symmetric  kerosene-fuelled  RBCC  engine  for  M4.5  vehicle 


The  evaluation  showed  that  for  the  given  mission  kerosene  as  fuel  was  unfeasible,  but  that  the  mission 
can  theoretically  be  achieved  using  a  hydrogen-fuelled  RBCC.  Also,  the  performance-sensitive  factors 
have  been  highlighted  and  their  influence  on  the  net  Isp  of  the  RBCC  was  shown.  It  turned  out  that  the 
net  lsp  performance  values  of  the  RBCC  are  highly  dependent  on  an  efficient  combustion  and  nozzle 
expansion  process. 

4.2.2.  Hydrogen  RBCC  engine  for  Mach  8  cruiser 

The  hydrogen- fuel  led  RBCC  for  Mach  8.0  is  a  planar  design  with  a  sophisticated  intake  system,  and 
rockets  integrated  into  struts.  The  struts  separate  short  scramjel  combustors,  for  which  maximum 
length  and  divergence  could  be  detenu ined  from  basic  gas  dynamic  relations.  Also  it  turned  out  that  it 
was  feasible  to  design  a  side-wall  injection  concept  such  that  the  combustor  would  be  sufficiently 
penetrated  with  the  fuel  jet  for  mixing.  The  nozzle  consists  of  a  single  expansion  ramp  nozzle  of  the 
Sanger  type  and  was  tentatively  demonstrated  to  be  efficient  for  the  proposed  vehicle  type.  After  one 


year  the  settings  for  the  basic  RBCC  cycle  input  parameters  were  refined  by  conducting  systematic 
parametric  studies,  and  by  taking  into  account  the  latest  CFD  results  about  the  physics  of  supersonic 
combustion  from  the  specialized  work  packages,  allowing  a  more  realistic  setting  without  performance 
loss  at  the  operational  point.  Currently,  the  RBCC  engine  model  for  the  M8  vehicle  is  extended  to 
include  ramjet  combustion  and  thermal  choking  to  enable  the  examination  of  a  mixed  ramjet-scramjet 
configuration  with  different  fuel  injection  positions  and  side  wall  struts  in  the  remainder  of  the  system. 

The  most  important  issue  encountered  was  the  difficulty  in  compartmentalizing  work  and  developing 
interfaces  between  RBCC  components  as  well  as  between  the  organizations  working  on  it  since  an 
RBCC  propulsion  system  is  inherently  a  highly  integrated  one.  This  was  addressed  by  assuming  the 
role  of  overall  engine  system  responsible  via  developing  guidelines  and  requirements  to  component 
design,  and  through  pursuing  decisions  on  design  paths  to  take  within  the  LAPCAT  team. 

One  important  driving  parameter  was  the  combustor  length,  and  the  drivers’  definition  for  its 
dimensioning.  Regardless  of  the  intricate  supersonic  mixing  and  combustion  processes  the  system 
design  team  could  determine  from  practical  gas  dynamic  and  manufacturing  considerations  that  the 
scramjet  combustion  chamber  should  not  exceed  a  maximum  length  allowing  for  a  slight  divergence  to 
give  margin  for  design  issues  other  than  the  mixing  process.  By  cooperation  with  specialized  CFD 
analyses,  the  assumed  model  input  parameters  could  be  refined  in  a  series  of  parametric  studies  to 
represent  more  realistic  values. 

A  basic  concept  for  the  SERN  nozzle  and  the  contouring  criteria  was  defined  such  that  the  concept 
was  valid  for  both  the  subscale  experiments  and  the  full  scale  M8  vehicle  design.  The  same  applied  for 
the  definition  of  a  flexible  intake  geometry  for  parametric  testing  but  still  representative  for  the 
fullscale  M8  vehicle.  Both  intake  and  nozzle  work  logic  is  described  below. 

The  TRL  of  RBCC  propulsion  is  low  and  a  high  degree  of  uncertainty  exists  on  its  actually  achievable 
performance  in  ejector-rocket  and  SC  RAM-mode.  Therefore,  an  iterative  approach  in  defining  the 
thrust  requirements  and  subsequent  calculation  of  the  mission  performance  has  been  chosen.  All 
variants  studied  are  based  on  LH2  propellant  and  on  LOX  as  the  oxidizer  in  rocket  mode. 
Hydrocarbon  propellants  had  also  been  regarded  at  an  early  phase  but  fuel  consumption  was  found 
tremendously  high  due  to  the  poor  specific  impulse  in  ejector-rocket  operation  mode.  Therefore,  all 
hydrocarbons  were  dropped  quite  early  in  the  study  as  a  feasible  propellant  for  LAPCAT-M8.  The 
following  paragraphs  give  a  brief  overview  on  the  evolution  process. 

4.2.3.  Hydrogen  Mach  8  Cruiser 

The  dimensioning  of  the  propulsion  system  components  allowed  the  definition  of  the  lower  part  of  the 
latest  generic  LAPCAT-M8  airplane  geometry  as  illustrated  in  Figure  10  through  Figure  12.  The  upper 
section  of  the  vehicle  is  dependent  on  the  necessary  volume  for  fuel  tanks  and  the  SERN  expansion 
ratio  intended  to  be  as  far  adapted  as  possible.  The  vehicle  span  is  influenced  by  the  intake  width 
which  is  directly  proportional  to  the  required  thrust.  LAPCAT-M8  as  a  generic  airplane  is  designed  as 
a  lifting  body  with  a  simple  2D-geometry  in  the  central  air-intake  pan,  easing  not  only  the  conceptual 
lay-out  but  also  CFD  and  experimental  investigations  (fig.  21 ).  The  total  length  is  101 .2  in  with  a  total 
span  of  41.58  m.  Its  height  mounts  up  to  19.5  in.  The  outboard  region  converges  rapidly  to  the 
"wingtips",  so  that  the  leading  edge  sweep  angle  is  about  82°.  The  stabilizer  located  in  the  tail  pan  of 
the  lifting  body  and  two  vertical  fins,  slightly  inclined  outboards,  are  to  be  used  for  aerodynamic  trim 
and  control.  Their  respective  sizes  are  not  yet  designed  by  flight  dynamic  and  stability  requirements. 


Fig.  21:  Preliminary  design  of  a  Mach  8  cruiser  based  on  a  hydrogen  RBCC  engine 


The  engine  operational  sequence  supposes  ejector-rocket  mode  up  to  M=  2.5,  a  pure  RAM  operation 
up  to  M"  5,  and  subsequently  a  transition  to  SCRAM -jet.  In  its  current  configuration  based  on  the  best 
available  consistent  data  the  airbreathing  hypersonic  airliner  is  not  able  to  reach  or  come  any  close  the 
LA  PC  AT  mission  requirement.  The  total  amount  of  required  LH2  and  LOX-propellant  is  669ton. 
Though  using  ultra  light-weight  structural  design  in  high  load  and  very  high  temperature  environment, 
its  empty  weight  mounted  still  to  267ton  with  an  incredibly  large  take-off  mass  of 944ton. 

As  the  RBCC  requires  a  rocket  ejector  operation  at  low  Mach  number  flight,  its  low  performance 
along  with  the  availability  of  reliable  data,  results  in  very  high  fuel  consumption  during  the 
acceleration  phase.  Its  performance  is  highly  critical  to  overall  feasibility.  Large  scale  SCRAM 
propulsion  is  yet  to  be  demonstrated.  This  version  of  a  Mach  8  hypersonic  RBCC  airliner  could  reach 
intercontinental  range  of  up  to  9500km.  LAPCAT-M8  flight  performance  calculation  should  not  be 
interpreted  as  a  proof  of  its  feasibility.  Intention  is  to  show  '"best  case"  performance  and  identify 
critical  points. 

4.3  Combustion  Experiments 

Dedicated  combustion  experiments  are  clearly  needed  for  both  TBCC  &  RBCC  concepts  in  order  to 
evaluate  and  cheek  the  performance  and  characteristics  at  specific  conditions  for  supersonic 
combustion  and  high-pressure  combustion,  to  evaluate  the  performance  and  achievements  for  potential 
fuels,  either  hydrogen  or  hydrocarbons  (HC)  and  potential  oxidizers  (air  or  liquid  oxygen),  including 
the  investigation  of  reaction  products  and  hence  the  impact  on  emission  requirements,  to  evaluate  the 
chemical  kinetics  and  its  interaction  with  the  flow-field  turbulence,  its  impact  on  ignition  delay  and 
flame  stabilization,  to  evaluate  potential  injection  systems  with  emphasis  on  mixing  and  combustion 
efficiencies  and  to  set-up  a  database  for  modelling  and  validation  purposes  in  these  areas  where 
detailed  and  dedicated  experiments  are  lacking. 

So  far,  experimental  data  obtained  in  supersonic  combustion  experiments  performed  in  the  Mil 
connected  tube  facility  at  DLR  Lampoldshausen  have  been  evaluated  for  differently  shaped  strut 


injectors  (fig.  22).  The  main  aim  was  to  describe  as  precise  as  possible  the  entry  conditions  of  the 
flows  (pressure,  temperature,  flow  rate, ..)  and  provide  experimental  data  of  physical  values  which  are 
accessible  from  CFD  solutions  such  as,  wall  pressure  distributions  taken  with  static  pressure 
measurements,  temperature  profiles  from  CARS  measurements  and  velocity  data  from  PIV. 
Additionally,  qualitative  information  about  the  position  of  shock  waves  as  well  as  the  mixing  intensity 
at  some  position  downstream  of  the  injector  were  deduced  from  flow  visualisation  studies. 


Fig.  22:  Different  strut  injectors  tested  in  Mil -facility:  left  WAVE  and  right  USCER  injector 

The  campaign  of  testing  a  complete  airbreathing  engine  in  the  High  Enthalpy  Shock  Tunnel  Gbttingen 
(HEG)  is  in  process.  Recent  experience  gained  by  designing  new  operating  conditions  in  HEG  have 
been  used  to  significantly  improve  the  test  conditions  to  be  used  lor  the  testing  in  the  framework  of 
LAPCAT.  Two  generic  scramjet  configurations  were  selected  for  the  ground  based  testing  in  HEG. 
These  two  configurations  allow  comparing  the  efficiency  of  two  types  of  fuel  injector  configurations 
(perpendicular  porthole  injection  and  wall  injection  using  vortex  generators).  Further,  a  flexible  wind 
tunnel  model  with  detailed  surface  instrumentation  and  optical  access  was  designed  and  built  (fig.  23). 


Fig.  23:  Full  M=8  engine  model  mounted  in  the  HEG  shock  tunnel  with  optical  access 


In  the  framework  of  high  pressure  combustion  experiments  with  focus  on  the  HC  disintegration 
processes,  the  ITLR  shock  tube  at  the  University  of  Stuttgart  (fig.  24)  has  been  equipped  with  a  fast- 
response  fuel  injector  f  16].  An  extensive  set  of  "cold"  experiments  (i.e.  with  the  shock  tube  not  in 
operation)  has  been  conducted,  aimed  at  characterizing  the  injection  procedure  with  respect  to 


triggering,  delay  times,  spray  duration  and  fuel  injection  pressure.  The  latter  was  varied  over  the  range 
10  -  50  MPa.  Subsequently,  the  injection  system  has  been  tested  with  the  shock  tube  in  operation 
("hot"  experiments)  with  timing,  spray  duration,  and  fuel  injection  pressure  similar  to  those  employed 
in  the  "cold"  experiments.  As  the  trigger  source,  a  pressure  transducer  -  located  60  mm  from  the  end 
wall  -  is  used,  which  supplies  a  voltage  signal  in  correspondence  of  the  passage  of  the  incident  shock 
wave.  These  "hot"  experiments  were  performed  for  purpose  of  validating  the  spray  injection  technique 
with  respect  to  reproducibility  of  the  spray,  timing  of  the  experiments,  and  the  achievement  of  steady- 
state  firing  conditions.  Currently,  fluid  disintegration  experiments  are  being  performed  under 
supercritical  and  subcritical  conditions,  employing  dodecane  (as  exemplary  hydrocarbon  fuel)  in 
argon.  The  results  are  visualised  by  means  of  flashlight  shadowgraphy. 

The  objective  of  these  experiments  is  twofold: 

•  to  provide  quantitative  data  on  binary  fluid  disintegration; 

•  to  relate  our  experimental  results  (e.g.  spray  angle,  spray  penetration  length,  disintegration 
regime)  to  literature  data  on  pure-component  fluid  disintegration  and  standard  atomization,  in 
order  to  assess  the  differences  between  one-component  and  binary  systems. 

It  is  noteworthy  noticing  that  the  analysis  of  quantitative  data  and  subsequent  formulation  of  empirical 
correlations  for  the  different  break-up  regimes  has  been  limited,  to  date,  to  one-component  systems. 
This  limitation  is  motivated  by  the  additional  difficulties  introduced  by  the  occurrence  of  mixture 
effects.  Due  to  the  enhanced  solubility  of  argon  in  dodecane  at  high  pressure  conditions,  the  critical 
pressure  of  the  mixture  can  be  increased  considerably  above  the  critical  pressure  of  pure  dodecane. 
depending  on  the  chamber  temperature.  This  leads  to  some  difficulties  in  analyzing  and  classifying  the 
experimental  results,  since  the  critical  point  of  the  binary  mixture  cannot  be  known  a  priori.  In  order  to 
overcome  such  difficulties,  the  development  of  dedicated  software  is  envisaged,  aimed  at  calculating 
the  fluid-phase  equilibrium  composition  of  the  binary  system  dodecane/argon  as  function  of  chamber 
pressure  and  temperature. 


Fig.  24:  Shock  tube  test  set-up  for  investigation  of  HC  disintegration  in  sub-,  trans-  and  supercritical 
conditions. 


The  M3  lest  facility  (fig.  25)  at  the  German  Aerospace  Center,  DLR  in  Lampoldshausen,  designed  for 
the  operation  with  H2/02  (cryogenic  or  ambient  )  has  been  refurbished  to  allow  the  use  of  hydrocarbon 


fuel  such  as  methane.  For  this  purpose,  a  new  injector  head  and  feed  lines  have  been  designed  and 
built.  Moreover,  software  dedicated  for  the  test  bench  operation  with  CH4  has  been  developed  for  the 
design  and  the  operation  of  the  new  hardware.  The  acceptance  tests  for  operation  with  LOX/CH4  have 
been  successfully  done.  Reliable  igniter  performance  has  been  demonstrated  and  first  hot  runs  at 
representative  conditions  have  been  done. 

The  operation  of  the  laboratory  burner  provides  gas  mixtures  at  representative  composition  and 
thermodynamic  conditions  to  develop  and  test  optical  diagnostic  approaches.  Spectroscopy  of  the 
fiame's  emission  due  to  chemi -luminescence  and  thermal  radiation  has  been  analyzed  for  pressures  up 
to  1  MPa.  Quantitative  thermometry  of  the  hot  gases  using  CARS-spectroscopy  has  been  started  in  the 
CH4/02-flames.  Based  on  the  CARS-spectra  obtained  in  the  laboratory  flames  a  decision  on  probe 
molecules  was  achieved.  For  the  characterization  of  the  ignition  transient  and  stationary  spray 
combustion  software  tools  are  developed  to  analyze  shadowgraphs  and  high  speed  recordings  of  the 
flame  emission. 


Fig.  25:  M3  test  facility  with  optical  access 


The  intensive  literature  study  and  the  validation  predictions  yielded  the  Leeds  mechanism  as  the  most 
promising  candidate  mechanism  for  CWCR*  combustion  for  further  reductions  towards  a  kinetic 
scheme  short  enough  to  become  applicable  in  3D  CFD  tools.  Within  the  previous  period  the 
mechanism  was  updated  using  the  recently  published  data.  Additionally,  the  reactions  and  reaction  rate 
constants  are  modified  such  that  they  are  better  suited  for  our  range  of  parameters  which  is  much 
broader  than  the  original  one.  Therefore,  the  modified  mechanism  has  been  extensively  and 
successfully  validated  by  performing  verification  predictions  over  the  entire  range  of  application  using 
the  experimental  data  base  established  within  the  frame  of  the  project.  First  attempts  towards  a  skeletal 
mechanism  have  been  performed  and  the  validation  predictions  are  underway  hut  not  yet  finished. 

4.4  Combustion  Modelling  and  Validation 

The  goal  is  to  investigate  physics  of  supersonic  combustion  and  to  develop  new  tools  to  enhance 
numerical  simulations.  In  fact,  numerical  simulations  performed  by  means  of  RANS  (Reynolds 
Averaged  Numerical  Simulations)  or  LES  (Large  Eddy  Simulations)  are  fundamental  in  designing 
SCRJ  combustors;  in  particular,  by  focusing  on  the  unsteadiness  of  the  flow.  Large  Eddy  Simulations 
(LES)  can  help  in  understanding  how  to  improve  mixing,  flame  anchoring  and  combustion  efficiency 
in  supersonic  reacting  flows,  A  proper  reduced  kinetic  scheme  for  H2/air  and  kerosene/ Air  is 
mandatory  to  conectly  reproduce  combustion  temperature  and  species  in  not  prohibitive  CPU  times. 
In  particular,  H2/air  kinetics  has  been  examined  using  different  schemes.  Development  of  the  RANS 
codes  and  of  the  LES  code  is  proceeding  apace. 

The  extension  and  validation  of  the  existing  axisymmetrical  EADS  code  Roeflam-Il  towards  LOX/HC 
(Hydrocarbons,  i.e.  Kerosene  and  Methane)  chemistries  has  been  finished.  The  necessary  fluid  data 


and  reaction  schemes  have  been  selected  and  implemented.  The  reaction  model  in  Rocflam-ll  consists 
of  a  tabulated  equilibrium  chemistry  with  a  PPDF  ( presumed  probability  density  function)  approach  to 

model  turbulent  combustion.  Code 
validation  has  been  carried  out  on 
available  sub-  and  generic  ful [scale 
engines.  The  code  has  been  further 
adapted  and  applied  to  an 
Air/Kerosene  Ramjet  engine.  Here, 
liquid  kerosene  droplets  are  injected 
into  a  gaseous  air  surrounding, 
simulating  atmospheric  conditions 
at  a  sea  level  altitude  of  ca.  25  km. 
The  air  is  already  compressed  and 
heated  up  in  an  inlet  previously,  so 
the  combustion  process  will  take 
place  under  subsonic  conditions. 
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Fig.  26:  Ramjet  Combustion  Modelling  for  Kerosene-Air:  mass 
fractions  contours  of  Jet-A. 


CIRA  selects  the  code  C3NS-PB  as  starting  platform,  consisting  of  two  different  modules:  A  pressure- 
based  module  (C3NS-PB)  and  a  density -based  module  (C3NS-DB).  The  pressure- based  module  is  able 
to  describe  the  flow  of  a  3D,  unsteady,  turbulent  chemically  reacting  mixture  of  ideal  gases,  A 
thermodynamic  model  able  to  properly  describe  propellants  injection  in  high  pressure  LOx/HC  rocket 
thrust  chambers  has  been  developed  and  implemented. 

Two  different  approaches  (compressibility  factor  formulation  and  analytical  formulation)  have  been 
selected:  the  accuracy  and  robustness  of  both  approaches  have  been  preliminary  assessed  through 
comparison  with  experimental  data  available  in  literature.  Furthermore,  the  compressibility  factor 
formulation  has  been  implemented  in  the  flow  solver  and  a  suitable  test  case  has  been  selected  to  test 
the  capabilities  of  the  model  in  typical  rocket  operating  conditions  (supercritical  injection  pressure, 
transcrilical  injection  temperature):  the  CFD  simulations  have  shown  a  good  agreement  with 
experimental  data  (fig,  27),  A  basic  turhulent  combustion  model  (Eddy  Dissipation  concept)  has  been 
also  implemented  in  the  code. 


Fig,  27:  Influence  of  thermodynamic  (real  gas  EOS  on  the  basis  of  compressibility  factor)  and  turbulence 
modelling:  Radial  density  profiles  at  different  axial  stations 


In  order  to  simulate  supersonic  combustion  processes  in  scramjet  engines,  the  following  upgrades  and 
developments  of  the  density-based  module  have  been  done: 


•  code  extension  to  a  generic  multi-component  mixture  of  reacting  gases; 

•  input  capabilities  have  been  generalized  to  allow  the  input  of  generic  number  of  species  and 
reactions,  with  their  corresponding  physical-chemical  properties; 

•  thermodynamic  and  transport  models  have  been  modified  to  analyse  mixtures  of  thermally 
perfect  gases; 

•  a  new  set  of  boundary  conditions  have  been  introduced  in  order  to  simulate  mass  injections 
with  a  specified  composition. 

A  laminar  combustion  model  for  a  gaseous  hydrogen/air  mixture  has  been  implemented  in  the  DLR 
Tau  code.  It  is  based  on  an  existing  extension  of  aerothermodynamic  description  of  the  re-entry  flight 
of  space  vehicles.  Partition  functions  for  individual  species  and  appropriate  mixture  rules  are  used  to 
compute  the  thermodynamic  and  transport  properties.  This  offers  the  possibility  of  future  model 
extensions  (e.g.  multi  temperature  models  to  account  for  thermal  nonequilibrium).  Appropriate 
Di  rich  let  and  von  Neumann  boundary  conditions  for  the  species  mass  fractions  at  folly  catalytic  and 
non  catalytic  walls  have  been  implemented.  Transport  coefficients  are  computed  for  the  individual 
species.  Suitable  mixture  rules  are  then  used  to  obtain  the  mixture  viscosity,  heat  conductivity  and 
diffusion  coefficients.  Basic  test  cases  have  been  used  to  verify  correct  implementation  and  results  for 
laminar  reactive  flow.  Two  reaction  rate  schemes  with  different  level  of  complexity  are  implemented 
in  the  code. 

The  model  has  been  further  extended  with  an  assumed  PDF  method  to  account  for  the  influence  of  the 
turbulent  flow  in  Scramjet  combustors  on  the  chemical  production  rates.  The  assumed  PDF  approach 
has  been  chosen  from  many  available  turbulent  combustion  models  for  the  following  reasons: 

•  Wide  range  of  applicability  for  premixed,  non-premixed  and  partially  premixed  combustion 
and  different  Damkohler  numbers, 

•  Limited  computational  cost,  high  robustness  and  straightforward  implementation, 

•  Convergence  acceleration  techniques  can  be  used  because  the  PDEs  for  the  needed 
temperature  and  concentration  variances  have  the  same  form  as  the  Navier-Stokes  equations 
(contrary  to  e.g.  multi-dimensional  PDEs  used  for  transport  PDF  methods  that  need  to  be 
solved  with  particle  methods), 


The  complete  supersonic  combustion  model  in  TAU  was  validated  and  tested  using  experimental 
benchmark  results  for  a  supersonic  coaxial  burner  which  produces  a  lifted  flame  at  typical  scramjet 
flow  conditions  (fig.  28).  The  flame  lift-off  distance  and  flame  structure  could  be  well  reproduced  by 
the  numerical  investigation  of  this  test  case  using  the  DLR  Tau-Code.  Application  to  a  full-engine 
scramjet  simulation  can  be  found  in  [17]. 

The  study  concerning  the  applicability  of  several  hydrogen/air  reaction  mechanisms  for  scramjet 
applications  has  been  completed.  Seven  detailed  (9-species,  19-  to  27-step),  one  reduced  (7-step,  7- 
species)  and  one  global  kinetic  scheme  (in  the  last  6  month)  have  been  investigated.  The  basic  result  is 
that  at  critical  conditions  close  to  the  ignition  limit  of  hydrogen  (this  corresponds  to  low  flight  Mach 
numbers  of  a  scramjet)  only  detailed  mechanisms  are  able  to  accurately  predict  the  ignition  delay 
correctly.  However,  there  are  also  significant  differences  between  the  detailed  kinetic  schemes  and  the 
best  suited  mechanisms  for  scramjet  simulations  are  identified. 


Fig.  28:  Radial  distribution  of  temperature  (left)  and  standard  deviation  of  temperature  (right)  50  mm 
downstream  of  the  nozzle  exit  (middle). 

Next  different  lobed  strut  injector  concepts  have  been  investigated.  In  case  of  axial  fuel  injection 
methods  for  mixing  enhancement  are  required  to  enable  a  short  combustor  length  and  to  reduce  the 
skin  friction  drag.  Possibilities  for  mixing  enhancement  may  be  based  on  the  use  of  shock  waves  or  on 
the  production  of  strong  streamwise  vorticity.  The  last  concept  has  been  investigated  numerically 
using  the  TASCOM3D  code.  The  strength  and  size  of  the  vortices  induced  may  be  modified  by 
changing  the  strut  geometry.  Different  lobed  strut  injectors  are  compared  in  a  cold  non-reacting 
mixing  study  with  respect  to  their  mixing  efficiencies  and  losses  in  total  pressure.  Aim  is  to  produce 
vortices  which  cover  large  parts  of  the  combustor  cross  section.  A  comparison  with  experimental  data 
for  one  strut  geometry  has  demonstrated  the  numerical  accuracy  of  the  code.  At  low  flight  Mach 
numbers  of  a  scramjet  (7  to  8  as  in  LAPCAT)  detached  flames  are  possible  in  case  of  axial  fuel 
injection.  Thus  the  degree  and  speed  of  mixing  has  a  strong  influence  on  the  ignition  delay  too.  The 
next  step  in  this  investigation  will  be  to  extend  the  studies  to  hot  reactive  flows  with  combustor  inlet 
conditions,  corresponding  to  the  LAPCAT  flight  Mach  number. 
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Fig.  29:  Flame  stabilization  of  a  lifted  flame  for  a  lobed  strut  injector  based  on  a  multi-variate  assumed 
POF  closure  plotted  with  contours  of  temperature  and  Mach. 

In  parallel  simulations  of  the  HyShot  flight  experiment  have  been  performed.  While  the  simulation  of 
the  inlet  and  suction  region  of  the  engine  is  completed,  the  combustor  simulations  are  still  work  in 
progress.  They  are  performed  using  the  multi-variate  assumed  PDF  (probability  density  function) 
approach  and  finite-rate  chemistry.  First  simulations  demonstrated  a  strong  influence  of  the  chosen 
inflow  and  boundary  conditions  on  the  flame. 

Results  obtained  by  LES  simulation  (fig.  30)  indicate  combustion  may  be  made  to  take  place  in  a  short 
distance  (about  1  m  or  so)  by  supersonic  injection  of  hydrogen  inside  the  supersonic  airstream  [18]. 
The  ISCM  LES  SGS  model  has  been  validated  using  the  NASA-Langley  data  of  the  supersonic 
combustion  experiment  carried  on  for  the  NATO  RTO,  AV-10  a  few  years  ago  [19].  In  this  context, 
much  attention  has  been  put  on  scaling  laws  for  the  mixing  and  chemistry  of  supersonic  combustion. 
Although  not  originally  contemplated,  scaling  laws  were  examined  in  order  to  produce  a  rough  but 
workable  first  cut  for  the  combustor  length.  In  fact,  combustor  length  shapes  vehicle  length,  especially 
that  where  cross  section  is  maximum,  thereby  affecting  strongly  overall  weight  at  take-off. 


Fig.  30:  Density  gradient  and  temperature  contour  plots  obtained  with  LES-ISCM  turbulent  combustion 
model  [18]. 


The  conclusions  reached  so  far  from  theory  and  simulations  indicate  that  at  low  air  inlet  temperature 
(about  1000  K)  combustion  length,  L,  is  controlled  by  the  interplay  between  convection,  turbulent 
mixing  and  kinetics.  As  a  first  approximation,  flame  anchoring  may  be  predicted  according  to  the 
Damkohler  number  scaling  p-L  =  constant.  At  air  T  of  order  1400  K  and  higher,  kinetics  is  fast,  so 
that  combustion  length  is  dominated  by  mixing  time.  Scaling  in  this  regime  becomes  more  complex: 
in  fact,  a  relationship  has  been  derived  that  predict  flame  length  and  anchoring  based  on  the  airstream 
velocity,  angle  of  fuel  injection  and  fuel  jet  momentum.  This  relationship  has  been  tested  using  the 
NASA-Langley  test  case  and  predicts  well  the  distance  from  injector  where  flame  is  observed  to 
anchor.  The  actual  distance  is.  in  fact  very  short  (of  order  I  m).  This  result  allows  sizing  a  combustor 
realistically.  Because  the  combustor  length  is  short,  total  vehicle  length  may  now  be  also  determined. 

4.5  Design  and  Aerodynamics  of  Propulsion  Components 

For  high-speed  transportation  vehicles  powered  by  air-breathing  engines  achieving  a  positive  aero- 
propulsive  balance  is  crucial  for  the  success  of  the  whole  system.  Along  the  last  40  years,  almost  all 
attempts  to  fly  a  scram-jet  propelled  vehicle  have  failed  due  to  largely  underestimation  of  the  vehicle 
total  drag  with  respect  to  the  allocated  thrust.  One  of  the  lessons  learned  of  such  experiences  is  that  the 
vehicle  design  requires  an  optimized  propulsion  airframe  integration  resulting  in  an  extremely  coupled 
development  procedure  of  the  system  components,  namely  the  intake,  combustion  chamber,  thrust 
nozzle  and  airframe.  However,  this  last  statement  is  not  easy  to  realize  since  there  is  no  ground  facility 
in  the  world  which  allow  testing  a  real  sized  vehicle  under  flight  conditions  including  operating 
engines  and  furthermore,  till  today  no  scaling  rules  are  available  at  all.  According,  the  only  successful 
flight  of  a  vehicle  propelled  with  a  scram-jet,  e.g.  the  X-43,  has  been  done  with  a  vehicle  sized  to  a 
scale  compatible  with  the  size  of  the  ground  based  facilities  used  for  its  design.  As  like  other  areas  of 
the  hypersonic  technology,  here  the  potential  of  the  CFD  tools  for  ground  to  flight  extrapolations  is 
coming  on  request.  To  accomplish  with  that  mission  CFD  tools  require  dedicate  validation 
experiments,  hence  specific  tasks  focus  on  the  carefully  design  and  experimental  testing  of  intakes, 
nozzles  and  the  interaction  with  the  external  flow  to  be  used  for  CFD  validation.  Furthermore,  being 
the  loss  of  thrust  due  to  earlier  nozzle  flow  separations  and  the  vehicle  total  drag  the  main  issues 
required  to  be  predicted,  important  efforts  are  assigned  to  test  advanced  turbulence  models  (fig.  31). 
Finally,  since  one  of  the  major  potential  show-stoppers  of  intakes  is  the  transition  of  the  incoming 
boundary  layer  from  laminar  to  turbulent,  specific  efforts  are  allocated  to  fix  from  the  very  beginning 
of  the  intake  operation  turbulent  flow. 


Fig.  31:  Base  drag  estimation  by  advanced  turbulence  models:  simulation  of  unsteady  turbulent 
phenomena  in  base  flow  regions. 


For  the  definition  of  the  required  experimental  models  it  was  decided  not  to  use  any  generic  intake  or 
nozzle  /  base  flow  but  those  resulting  from  the  vehicle  system  parameters  studies.  Accordingly,  two 
highly  flexible  wind  tunnel  models,  allowing  many  configurative  variations  have  been  designed  and 
are  today  under  construction:  one  for  the  intake  (fig.  32)  and  one  for  the  nozzle  flow/extemal  flow 
interaction  problematic  (fig.  33).  Both  models  have  been  designed  taking  into  account  the  nominal 
flight  conditions  resulting  from  the  project  system  study  but  also  accounting  for  the  facilities 
capabilities.  Several  types  of  CFD  turbulence  model  have  been  evaluated  with  respect  to  geometrical 
configuration  constraints  and  numerical  dissipation.  It  turns  out  a  clear  advantage  for  the  highly 
developed  models  even  they  require  large  computational  resources.  The  capabilities  of  different 
turbulence  models  for  the  simulation  of  unsteady  turbulent  phenomena  have  been  investigated.  The 
study  has  shown  that  the  superior  results  of  Detached  Eddy  Simulation  models  against  Unsteady 
Reynolds  Averaged  Navier-Stokes  models  and  the  deep  insight  into  the  unsteady  flow  physics  are 
purchased  by  a  significantly  higher  complexity  of  the  computation. 
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Fig.  33:  Concept  of  a  Single  Expansion  Ramp  Nozzle  and  Base  Flow  experimental  model 


Furthermore,  large  eddy  simulation  models  have  been  found  by  comparison  with  direct  numerical 
simulation  (fig.  34),  to  be  accurately  enough  tools  for  the  prediction  of  supersonic  shock  induced 
laminar-turbulent  boundary  layer  transition.  It  has  been  shown  that  it  is  possible  to  have  self-sustained 
transition  to  turbulence  in  a  shock-induced  separation  bubble  provided  the  pressure  rise  over  the 
bubble  is  high  enough.  The  design  of  turbulence  devices  for  forcing  turbulent  flow  is  underway. 


Fig.  34:  Skin  friction  of  a  passing  turbulent  spot  on  an  intake  ramp  by  LES  for  a  flight  Mach=6;  Left: 
configuration  with  turbulent  spot  shape;  Right:  skin  friction  induced  by  spot:  legend:  symbols 
LES;  full  line  DNS. 


5-0  CONCLUSIONS 

Based  on  general  trends  in  the  evolution  of  aircraft  performance  and  the  possible  aerodynamic  and 
propulsive  achievable  efficiencies  for  high-speed  vehicles,  there’s  a  potential  to  achieve  antipodal 
range.  LA  PC  AT  wants  to  (re)-evaluate  SST  and  to  go  beyond  the  material's  limit  imposed  for 
Concorde  by  integrating  light-weight  advanced  materials  allowing  speeds  4  to  8  times  the  speed  of 
sound.  Preliminary  parametric  studies  within  the  Lapcat  project  have  shown  so  far  that  Mach  4-5  is 
achievable  and  not  marginal.  However,  for  the  M=8  RBCC  propelled  vehicle  more  detailed 
investigations  arc  needed  and  ongoing  to  ascertain  its  performance. 

These  vehicle  system  studies  allowed  the  definition  of  operational  conditions  of  interest  for  detailed 
experimental  and  numerical  work,  Windtunnel  models  are  in  preparation  and  will  try  to  reveal  or 
justify  some  of  the  used  parameters.  Also  numerical  work  is  well  underway  and  will  be  soon  validated 
with  the  newly  generated  experimental  database. 
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INTRODUCTION 

Recent  advances  in  computational  aerodynamics  have  encouraged  the  attempts  of  direct 
numerical  simulation  of  the  aero-acoustic  processes  in  supersonic  jets.  However,  despite  significant 
efforts  being  spent,  this  approach  has  not  given  any  definite  results  in  solving  the  problem  up  to  now.  The 
main  obstacle  is  the  wide  range  of  spatial  and  temporal  scales  which  have  to  be  accounted  for  in  order  to 
fully  solve  aero-acoustic  problems.  This  range  ensures  that  the  task  still  lies  outside  the  limits  of  modem 
computational  capabilities  for  high  Reynolds  number.  This  is  why  there  is  much  current  interest  directed 
at  search  of  mechanisms  which  are  the  main  source  of  acoustical  radiation.  The  relative  input  of  each 
mechanism  is  not  clear  as  yet,  though  it  is  indeed  necessary  to  know  a  concrete  radiation  mechanism  for 
developing  the  methods  of  noise  control,  numerical  methods  of  noise  prediction  etc. 

It  is  now  generally  accepted  that  one  of  the  main  mechanisms  of  acoustic  radiation  in  a 
supersonic  jet  can  be  identified  with  packets  of  instability  waves  propagating  downstream  within  the 
mixing  layer  of  the  jet  [1].  This  follows  from  the  generally  accepted  assumption  [2]  that  supersonic  jet 
noise  is  generated  by  large-scale  turbulence  which,  in  turn,  can  be  represented  as  a  sum  of  spatially 
developing  waves.  Tam's  method  is  based  on  two  fundamental  principles:  1)  the  main  part  of  mixing 
noise  is  radiated  by  instability  waves  evolving  downstream  from  the  nozzle  edge;  2)  near  the  nozzle  edge 
the  initial  amplitudes  of  instability  waves  of  all  the  harmonics,  in  the  range  of  Strouchal  numbers  being  of 
interest,  are  the  white  noise.  Thus,  the  unknown  parameter  of  the  theory  is  only  one  constant  which  is  a 
power  of  the  white  noise.  This  constant  within  the  limits  of  such  an  approach  can  be  obtained  from  the 
experiment  data.  Assumption  (1)  is  based  on  the  idea  that  the  instability  wave  as  the  most  growing  one 
must  significantly  increase  in  its  evolution  to  the  zone  of  maximum.  It  substantially  exceeds  other 
disturbances  in  this  zone  and  is  the  principal  and  effective  radiation  source  if  its  velocity  remains 
supersonic  (Fig.l).  Moreover  instability  wave  despite  increasing  continues  to  be  wave  packet  in  zone  of 
maximum  that  means  nonlinear  rolling  up  of  shear  layer  typical  for  subsonic  jet  does  not  begin. 
Assumption  (2)  is  based  on  ideas  on  the  absence  of  the  characteristic  length  scale  near  the  nozzle  edge 
where  the  instability  waves  originate. 

It  should  be  noted  that  there  are  alternative  approaches  for  supersonic  jet  prediction  [3  j  recently 
further  developed  in  [4],  Therefore  the  answers,  which  are  “vitally  important'',  are:  do  the  instability 
waves  really  exist  and  radiate  noise?  Does  the  instability  wave  mechanism  dominate  each  other?  Do  the 
amplitudes  of  instability  waves  smoothly  distributed  near  orifice  or  some  scales  of  disturbances  arc 
dominated,  etc.  It  is  clear  that  the  knowledge  about  this  mechanism  and  its  dynamic  features  is  the  first 
and  necessary  condition  of  the  elaboration  of  noise  control  strategyand  has  a  direct  importance  for  the 
flight  vehicles  future  elaboration.  Along  with  the  experimental  validation  available,  obtained  for  St=0.2 
previously  [5],  the  direct  validation  of  the  instability  wave  theory  in  the  round  jet  was  recently  realized  by 


azimuthal  decomposition  technique  [6]  in  the  region  of  Sh~0. 1-0.35  to  be  sure  that  this  mechanism  really 
exists  and  dominates  any  other.  Azimuthal  modes  are  directly  under  consideration  in  Tam  theory  and 
their  relative  amplitudes  could  give  careful  instrument  for  theory  development  and  unique  possibility  of 
comparing  the  theory  and  its  principal  concepts  with  the  results  of  the  experiments. 


Supersonic  jet  noise  consists  of  three  main  components.  They  are  the  turbulent  mixing  noise,  the 
broadband  shock  associated  noise  and  the  screech  tones.  The  latter  two  noise  components  are  generated 
only  when  the  jet  is  imperfectly  expanded  and  a  shock  cell  structure  is  formed  in  the  jet  plume.  This 
lecture  considers  perfectly  expanded  jets  and  turbulent  mixing  noise  alone. 


Figure  1 :  Supersonic  jet  and  scheme  of  instability  wave  packet 


Thus  in  the  present  work  we  consider  the  main  principles  of  Tam  instability  wave  theory  for  mixing  noise 
and  new  approach  to  verification  this  theory  on  the  basis  of  the  experimental  data  obtained  with  the  use  of 
the  azimuthal  decomposition  technique  (see  review  of  the  problem  in  [7]).  Fig.2.  In  the  first  part  of  the 
work  we  consider  the  instability  wave  concept  for  the  simplest  2D  shear  layer.  In  the  second  part  the 
looking  over  the  Tam's  theory  details  was  conducted.  This  analysis  gives  the  main  background  for 
comparison  with  experiment.  In  the  third  experimental  part  of  this  work  the  method  of  azimuthal 
decomposition,  which  helps  to  measure  directly  the  azimuthal  harmonic  amplitudes  and  directivities,  is 
used  for  the  well-shaped  convergent-divergent  axisymmetrical  nozzle  designed  for  exit  Mach  number 
M=2.  The  method  is  used  for  careful  acoustic  measurements. 


Figure  2.  Microphone  array  in  anechoic  chamber 
for  azimuthal  decomposition  technique 


A  comparison  between  the  theory 
predictions  and  the  measurement  data 
shows  that  for  all  azimuthal  harmonics  n 
=  0,  !  and  2,  which  contribute  the  main 
part  to  the  jet  noise,  the  theory 
predictions  are  in  agreement  with 
measurement  data.  It  concerns  the 
directivity  of  sound  radiation,  frequency 
dependence  of  radiation  peak  and 
amplitude  scales  of  sound  radiation  for 
different  harmonics  in  frequency  ranges. 
It  means  that  the  experimental  results 
have  confirmed  two  main  hypothesis  of 
Tam's  theory:  i)  the  main  source  of 
sound  in  supersonic  fully  expanded  jet 
are  the  instability  waves;  ii)  the 
instability  waves  have  an  amplitude  of 
the  same  order  in  the  region  of  their 
origination  in  wide  frequency  range  and 
for  different  harmonics*  Therefore  the 
instability  waves  could  be  considered  as 
objects  for  direct  noise  control  in 
supersonic  jet* 


Figure  3.  Scheme  of  experiment  (a);  supersonic  nozzle  (b). 


AZIMUTAL  MODE  MEASUREMENTS 

We  briefly  discuss  in  this  chapter  the  measurements  of  supersonic  round  cold  jet  noise  following  the 
paper  [8],  where  the  method  of  azimuthal  decomposition  for  noise  measurements  was  firstly  used.  This 
technique  gives  a  possibility  of  measuring  the  noise  of  each  azimuthal  mode  separately.  In  experiment  the 
mixing  noise  of  supersonic  cold  jet  from  convergent-divergent  conical  nozzles  of  design  Mach  number 
M=2.0  was  studied.  The  experimental  program  consisted  of  measuring  the  azimuthal  mode  intensity  in 
different  frequency  ranges  by  a  six-microphone  array,  The  results  for  the  special  “well  shape  nozzle"  to 
measure  the  mixing  noise  only  is  considered  to  the  end  of  the  lecture. 


Figure  4.  Directivity  of  azimuthal  modes  in  two  frequency  ranges:  a) 
Sh~0.1,  domination  of  axisymmetrical  mode;  b)  Sh-0.2,  appearing 
first  (n=1)  azimuthal  mode  in  far  field. 


Figure  5.  The  sound  pressure  levels  created  by  instability  wave  packet  in  the  near  field  of 
supersonic  cold  jet  at  M=2,  S(=0,22  for  azimuthal  harmonic  n=0. 


The  microphone  array  moves  along  jet  axis  z  from  0  to  250  cm  covering  the  cylindrical  surface  around 
the  jet.  The  nozzle  orifice  position  corresponds  to  the  section  z=50  cm.  The  scheme  of  the  experiment  is 
presented  in  Fig.2-3.  We  present  only  low  frequency  results  for  jet  noise  azimuthal  decompositions  up  to 
St-0.3.  The  more  careful  discussion  of  the  problem  will  be  presented  below. 

T  'j  ^ 

Fig.  4  presents  the  powers  of  four  azimuthal  modes  a g,  ,  a2 ,  (where  subscript  corresponds  to  the 

number  of  azimuthal  harmonic)  as  the  result  of  azimuthal  noise  decomposition.  We  see  that  only 
axisymmetric  radiation  dominates  in  the  low  frequency  range,  the  first  mode  appears  only  for  SfMT2.  So, 
only  a  few  first  azimuthal  modes  give  a  contribution  to  the  round  jet  noise*  The  second  and  the  third 
modes  are  absent  in  this  range*  The  supersonic  jet  noise  directivity  has  a  strong  maximum  in  downstream 
direction.  Prediction  of  supersonic  jet  noise  based  on  Tam's  theory'  presents  on  Fig*5*  This  regime  with 
intensified  axi symmetrical  mode  was  used  for  directivity  comparison  in  [6]. 

Since  the  instability  waves  are  the  main  element  of  the  theory  we  consider  their  main  features  in  simplest 
situations  in  some  details, 

INSTABILITY  WAVE  PROBLEM 
Vortex  sheet  waves 

Vortex  sheet  model  corresponds  to  the  initial  part  of  shear  layer  near  the  nozzle.  This  part  of  shear  layer  is 
one  of  the  most  important  one  due  to  it  strong  instability  and  great  sensibility  to  the  outer  disturbances. 
The  problem  of  designing  the  advanced  propulsion  system  requires  the  high  velocity  jets  of  complex 
configuration  to  be  investigated*  For  such  jets  the  representation  of  the  shear  layer  in  the  form  of  vortex 
sheet  is  a  substantial  simplification*  We  will  discuss  some  approach  to  the  instability  wave  concept, 
restricting  ourselves  by  2D  problem  and  begin  from  the  eigen  solution  for  the  vortex  sheet  separated  the 
uniform  flow  from  the  surrounding  gas  [9-1 1  j. 

Consider  the  simplest  model  of  the  mixing  layer,  Le.  a  vortex  sheet  model.  Let  (x,  y)  be  Cartesian  system 
of  coordinates  with  the  x-axis  oriented  along  the  main  flow.  In  the  region  I  ( v  >0)  where  the  fluid  is  at 
rest  and  in  the  region  II  (y  <  0)  of  the  uniform  flow  with  the  velocity  K0,  the  disturbances  of  the  potential 
(j>  are  governed  by  the  wave  equation  and  by  the  convective  wave  equation,  respectively 
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At  the  vortex  sheet  y  =  0  the  boundary  conditions  of  pressure  continuity 
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For  disturbances  of  exp {-iket  -tax)  type  (C  is  the  sound  velocity)  the  solutions  of  Eqs.  (1),  (2)  are  as 
follows:  (pi  -  e~w  ,<p2  -  ,  where  functions  y  and  J3  are  the  following: 


y  =  \'or  -  k2 ,  p  =  -Jf]  -  Mq  )a 2  -2M0ak  - k1 

The  branches  of  the  functions  yand  p  are  selected  according  to  the  radiation  condition:  (i)  the  field  must 
diminish  at  y  —¥  ±oo  for  every  fixed  t ;  (ii)  the  field  must  be  produced  by  sources  on  the  vortex  sheet 
(causality). 


It  is  easy  to  show  that  this  condition  at  k  =  +  ik2  ( k{  >  0)  is  satisfied  only  by  the  solutions  of  the  type 

of  k2  >  0,  Re  y>  0,  Re/?>  0.  The  case  k2  -  0  is  considered  to  be  the  limit  of  k2  — >  +0. 


The  dispersion  relation  determining  the  flow  eigen-oscillations  is  as  follows: 

D0(k ,  a)  =  (k  +  aM0)2  y+ k2  P=Q  (4) 

The  cuts  of  the  function  /are  realized  from  the  branch  points  a  =  ±k  along  the  lines  Re  y  =  0.  The  cuts 

k  k 

of  the  function  p  are  realized  from  the  branch  points  a  — - ,  a  — - along  the  lines 

1  —  M  o  I  +  M  q 

Rep=  0,  Fig.  6.  The  solution  of  equation  (4)  can  be  considered  on  four  sheets  of  the  Riemann  surface  of 
the  function  D0(k,a):  I.  Rey>0,  Re^>0,  U.  Re  y<0,  Re/?>0,  III.  Re  y>0.  Re/?<0,  IV. 
Re  /  <  0,  Re/?<  0.  We  are  interested  in  the  solution  on  the  first  sheet  only,  where  the  branches  of  the 
functions  y  and  p  are  selected  according  to  the  radiation  conditions  said  above,  that  is 
Re  y>  0,  Re  p>  0. 

The  solutions  of  equation  (4)  in  the  complex  plane  a  and  at  the  real  k  >  0  depend  on  the  flow  Mach 
number  [9-1 1],  At  A/0  <  2  only  two  complex  roots  are  available  on  the  first  sheet: 


M0  . 

f  mi  ; 

- -  +  /- 

2  1 

l  ^  , 

In  this  equation  the  upper  sign  (OTj-wave)  corresponds  to  Kelvin-Helmholtz  instability  (Fig.6  a.b). 


(5a,  b) 


At  2  <  <  2V2  the  complex  roots  (5)  remain.  Besides,  the  root 


(_h 

k 


(6) 


transfers  from  the  second  (third)  sheet  to  the  first  (forth)  one  (Fig.6c).  This  root  appearance  is  associated 
with  overlap  of  the  cuts  of  the  functions  /and  /?. 

At  M0  — »  2V2  two  complex  roots  of  the  type  of  (5)  approach  the  real  axis.  Thus  at  A/0  >  2-^2  there  are 
three  real  roots.  Two  of  them  are  as  follows: 
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4  j 

(7) 


The  third  root  is  defined  by  Eq.(6)  (Fig.6d).  Thus  for  the  vortex  sheet  model  the  flow  becomes  steady  at 
M0  >  2^2  relative  to  2-D  disturbances.  In  such  flow  there  are  three  neutrally  stable  waves  determined 
by  Eqs.(6),  (7). 
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Figure  6.  Passible  positions  of  the  roots  a  of  the  dispersion  equation  (4)  on  the  complex  plane 

of  a  according  to  M 

At  very  large  Mthe  expressions  for  the  roots  are  simplified  and  are  as  follows: 
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Mn 


(8) 


Thus  the  root  a{  displaces  at  large  M  along  the  real  axis  to  the  branch  point  ofthe  function  y  and  the  root 
a-,  displaces  to  the  branch  point  of  the  function  p. 


To  excite  the  eigen  solutions  (5)-(7)  in  initial  value  problem  we  must  to  consider  the  incidence  Held  not 
orthogonal  to  them.  For  the  scattering  of  plane  acoustic  wave  these  solutions  are  not  excited  [9-1 1 1. 
Vortex  sheet  modes  are  excited  in  the  more  special  problems  where  some  non-uniformity  is  existed:  (i) 
point  source  near  the  vortex  sheet,  (ii)  plane  wave  scattering  on  the  half  plane,  etc.  Even  in  these 
problems  to  capture  the  instability  pole  with  nonzero  imaginary  part  some  special  technique  based  on 
causality  principle  is  to  be  used.  The  limit  regime  as  /  oo  could  be  realized  for  the  convective 
instability  system  only  [12-13].  The  causality  principle  for  such  systems  strongly  differs  from  usual 
technique  of  small  dissipation.  The  causal  solution  of  initial  value  problem  is  based  on  Fourier 
transformation  with  complex  k(Imk  ao )  with  subsequent  analytical  continuation  Im  k  ->  0. 


Point  source  near  vortex  sheet 

Consider  the  sound  source  located  over  the  vortex  sheet  >’0  =  L  of  exp(-  ik0et )  type  switched  on  at 

/  >  0  (initial  value  problem).  There  were  many  questions  connected  with  statement  of  oscillation 
problem  for  the  system  of  uncon  fined  increase  [14-16]  which  is  incorrect  according  to  Hadamar  [17].  The 
other  problem  connects  with  using  of  Fourier  transformation  technique  for  unstable  system.  These 
problems  were  resolved  following  some  ideas  adopted  from  plasma  physics  and  plasma  instabilities  [  12- 
13).  Thus,  the  vortex  sheet  as  oscillation  system  is  supposed  to  be  a  realization  of  some  system  of 
confined  increase  with  convective  type  of  instability. 

Consider  the  second  problem  in  more  details  (Fig.7).  The  boundary  conditions  are  formulated  above  (3a)- 
(3b). 


Figure  7.  Sound  source  under  the  vortex  sheet 


For  the  Fourier  transformation  of  the  solution  in  the  region  I  we  obtain 


In  l  y 


(9) 


klfl  +  (k0  +  Ma)2y 


(10) 


Integrand  in  Eq.  (9)  includes  the  pole  corresponding  to  the  Kelvin-Helmholtz  instability.  The  instability 
wave  is  equal  to  the  residue  in  the  denominator  (10)  at  point  (5b).  If  the  contour  C  coincided  with  real 


axis  il  would  not  include  the  instability  wave  [18].  In  correct  solution  the  contour  C  is  obtained  from 
condition  of  analytical  continuation  from  complex  k0  having  large  imaginary  part  to  Imk0  —>0  (this 
procedure  localize  the  position  of  the  singularities  in  the  a  -plane,  corresponding  to  the  causal  solution. 
Fig.8)  [20-23]. 


Figure  8  Localization  of  alt  peculiarities  in  ,4{er)  (a)  for  the  fmkQ  b)  for  0. 

Scattering  of  plane  wave  by  semi-infinite  screen 

Suppose  that  plane  wave  is  incident  on  the  trailing  edge  from  the  supersonic  stream  (Fig.9).  It  is  some 
image  of  instability  wave  generation  in  the  turbulent  jet  due  to  the  disturbances  in  the  flow.  We  suggest 
that  full  Kutta-Zhukowsky  condition  is  applied  at  the  trailing  edge.  Reviews  of  Kutta  conditions  in 
different  situations  one  could  find  in  [24-25].  This  problem  is  solved  with  the  Wiener-Hopf  technique. 


The  capture  of  Kelvin-1  lebnholtz  instability  realized  accordingly  the  same  procedure  (Fig.8b).  The 
instability  wave  arises  as  the  residue  input  in  the  pole  a0 .  Full  solution  contains  the  incident  wave  and 
diffraction  field  that  along  with  instability  wave  satisfy  the  Kutta  condition  near  the  edge.  Therefore  the 
instability  wave  initial  amplitude  hQ  is  determined  by  the  incident  wave  properties  only. 

Instability  wave  in  a  mixing  layer 

For  slowly  divergent  free  shear  flows  such  as  2D  mixing  layer  the  rate  of  spread  £  could  be  considered 
as  a  small  parameter  (Fig.  10).  Then  the  shear  layer  thickness  H(£x)  is  a  function  of  slow  variable  £X , 


This  selection  of  inner  variables  effectively  ensures  that  the  lowest-order  solution  is  identical  with  that  of 
the  classical  locally  parallel-flow  approximation. 


Thus  we  suggest  the  instability  wave  has  initial  amplitude  ^(co)  near  the  edge  where  the  shear  layer  is 

close  to  the  vortex  sheet.  These  amplitudes  are  free  parameter  in  the  theory  considered  later.  We  consider 
the  initial  amplitudes  of  the  instability  waves  correspond  to  the  diffraction  of  some  incidence  disturbances 
on  the  plate.  The  region  near  the  edge  gives  start  to  instability  wave  packet.  The  amplitude  of  the  packet 
grows  exponentially  in  the  downstream  direction  while  shear  layer  is  thin.  After  shear  layer  achieves 
some  value  the  amplitude  of  wave  packet  begins  to  decrease.  This  evolution  of  the  wave  packet  amplitude 
in  downstream  direction  was  considered  carefully  in  the  paper  [26].  The  global  solution  for  noise  radiated 
by  wave  packet  was  built  there  also. 

TAM'S  THEORY 

Inside  the  jet  the  mean  flow  changes  very  slowly  in  the  axial  direction  as  compared  to  the  radial  direction. 
Therefore  in  the  mixing  layer  of  a  supersonic  jet  the  flow  near  the  nozzle  has  a  vortex  sheet  character  and 
spreading  rate  of  the  jet  in  the  downstream  direction  is  very  small  so  that  this  large  disparity  in  the  rate  of 
spatial  change  in  the  two  directions  provides  a  natural  small  parameter  for  a  multiple-scales  expansion. 
Vortex  sheet  instability  considered  above  gives  the  starting  points  for  the  instability  wave  generation  and 
noise  radiation  in  the  supersonic  jet.  In  addition  2D  vortex  sheet  problem  explains  main  difficulties  which 
should  be  overcome  to  built  the  correct  causal  solution. 

Governing  Equations 

Instability  waves  in  the  high-speed  axisymmetrical  jet  and  the  acoustic  radiation  generated  by  these 
waves  are  considered.  The  linearized  equations  are  used  for  their  description.  In  addition,  it  is  assumed 
that  viscosity  and  heat  conductivity  play  no  significant  role  in  the  instability  wave  evolution. 

The  disturbances  are  described  by  the  following  equations 


^+fcv)v+(5V)K„=-— Vp  (II) 

dt  pa 

0  (12) 

Of 

where  V{)%  Pu,  p n  are  mean  flow  velocity,  pressure  and  density,  v,  p  are  the  disturbances  of  velocity  and 
pressure,  y-C pjCv  is  specific  heat  ratio.  Equation  (II)  is  the  momentum  equation,  equation  (12)  is  a 
combination  of  equations  of  continuity,  energy  and  gas  law. 


The  axial  symmetry  of  the  mean  flow  permits  searching  the  solutions  of  the  Eqs  ( 1 l)-(  12)  in  the  form  of 
separate  azimuthal  harmonics  exp  (i ln<p )  in  cylindrical  coordinates  r,  (/>,  z  with  r-axis  directed  along  the 
jet.  Assuming  that  the  instability  wave  is  generated  by  an  external  harmonic  in  time  source  we  search  for 
the  solution  in  the  form  of  exp  (- ia>().  Then  the  equations  (1 1 )-( 1 2>  can  be  written  in  the  form 


.  ,  ,.dv'  tt8vr  rdV  xdV  I  dp  A 

uov  +  V - +U - +  v  —  +  v  —  + - —  =  0 

dr  dz  dr  dz  p0  dr 
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(16) 


where  V  and  U  are  the  r  and  z-  components  of  the  mean  flow  velocity,  vr ,  ,  vi  are  the  r,<p  and 

z  components  of  the  velocity  field  disturbances. 


The  mean  flow  in  the  high-speed  jet  is  characterized  by  a  slow  variation  of  parameters  in  the  longitudinal 

i  i  \  8 

direction,  Le.  —  =  0(f)— ,  where  s  «  1  is  the  small  parameter.  This  permits  searching  the  solution  of 
dz  dr 


the  problem  with  the  use  of  perturbation  methods.  In  [27]  the  solution  of  this  task  using  the  method  of 
matched  asymptotic  expansions  is  obtained.  For  this  purpose  the  internal  and  the  external  regions  were 
separated.  The  internal  region  is  the  jet  interior  and  its  vicinity  and  the  external  field  is  the  whole  space 
outside  the  jet. 


Two  approximations  in  terms  of  parameter  £  are  obtained  in  the  internal  region.  The  disturbances  are 
written  down  as  follows 


=  A  (5)  l^o  ('*-  d+  £  p\  (r-  s)+  0 t2 )]-  exP  0  4>) 


(17) 


8<j> 


where  s  -  sz  is  the  “slow"  longitudinal  coordinate,  — —  a  is  the  local  wave  number.  Thus, 

dz 

fast  and  slow  variations  relative  to  the  longitudinal  coordinate  z  are  separated  in  the  disturbances.  In  the 
main  approximation,  retaining  the  terms  of  G(  1 )  order  we  get  from  equations  ( 3 >-( 6 )  a  simple  differential 
equation  relative  to  the  pressure  disturbance: 
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where  GJ  =  G)  -  a  U  .  This  equation  is  solved  under  finiteness  condition  at  r  =  0  and  under  condition  of 
p  ~  hi]]  ^  {/  X  r)  at  r— >oc,  where  H$  is  Munkel  function  of  the  n-th  order  of  the  first  kind, 
X  =  -ja~  — co 2  Cq  ,ct!  =^yP„l Pn  die  sound  velocity  outside  the  jet  and  the  cuts  of  function  X  (a) 


are  determined  in  such  a  way,  that  Re  X  >  0  over  the  whole  list  of  Rieman’s  surface  (this  corresponds  to 
p  decrease  at  r  — >  x  ), 

A  solution  of  the  spectral  task  (18)  is  local  wave-number  a  and  eigen-function  p(r)  in  each  jet  cross- 
section  z  -  const ,  that  is  longitudinal  coordinate  z  enters  the  equation  (18)  as  a  parameler.  However, 
solution  of  Eq.(l8)  is  not  sufficient  for  determining  the  instability  wave  even  in  the  main  approximation. 
The  point  is,  that  the  solutions  of  spectral  task  (18)  are  determined  with  the  accuracy  up  to  arbitrary 
multiplier  yf(s),  To  relate  the  amplitudes  /l(«s)  in  different  jet  cross-section,  the  following 
approximation  in  terms  of  €  is  used. 

The  terms  of  O  (^)  order  in  equations  ( 13)-(  16)  give  the  so  called  solvability  equation  or,  in  other  words, 
amplitude  equation 


lfa)^  +  h(s)A  =  0 

a  s 


(19) 


where  f\  and  1 2  are  the  integrals  over  the  radial  coordinate  r  from  the  terms  pq  and  vq  of  0-th  order 
in  the  expansion  (17).  The  solution  of  Eq.{  19)  is  expressed  in  the  following  form: 


/l(s)=  /l(0)-exp 


(20) 


The  equation  (20)  connects  the  solutions  of  the  spectral  task  ( 1 8)  obtained  in  different  jet  cross-sections. 
This  completely  determines  the  shape  of  the  instability  wave  in  the  jet. 

In  contrast  to  the  internal  region  only  one  approximation  in  terms  of  e  should  be  obtained  in  the  external 
region  (outside  the  jet).  In  this  approximation  equations  ( 13)-(  16)  are  reduced  to  the  wave  equation  in  the 
static  medium. 

Co  V2p  +  a>2p  =  0  (21) 

With  the  use  of  Fourier  transform  in  terms  of  the  longitudinal  coordinate,  solution  of  this  equation  can  be 
presented  in  the  following  form 

P=  jg  (7)  *0  ^r)  exP  f  7  z  +  “  j  ^  2  (22) 


g(7)=  jf?(z)exp(-*7z)  dz 


(23) 


Equations  (22)-(23)  is  a  general  form  of  the  wave  equation  solution  in  the  cylindrical  coordinates  and 
expresses  the  acoustic  field  outside  the  jet  through  density  £)(z)  of  the  sources  located  on  the  jet  axis. 
The  source  density  Q{z)  determining  the  acoustic  field  outside  the  jet  can  be  expressed  through 
amplitude  function  A\z)  obtained  as  the  result  of  the  internal  task  solution.  It  was  shown  [27]  that 

0(0- (24) 

if  the  solutions  of  equation  (18)  are  normalized  in  such  a  way,  that  p$  (r,  s)  —>  (/vir)  at  r  — >  oo  in 
each  jet  cross-section. 


The  amplitude  equation  role  in  the  method. 

We  discuss  now  the  amplitude  equation  role  in  the  method  considered.  There  are  two  aspects  in  this 
consideration.  First,  only  the  amplitude  equation  permits  connecting  the  disturbance  amplitudes  in 
different  jet  sections.  The  wave  packet  has  the  following  form 
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and  is  determined  by  three  multipliers.  The  first  two  multipliers  are  determined  by  the  amplitude  equation 
and  only  the  third  one  is  determined  by  the  imaginary  part  of  wave  number  a  .  To  solve  equations  ( 1 8) 
describing  the  disturbances  in  different  jet  sections  such  a  normalization  is  chosen  in  the  present  work. 

that  for  each  jet  section  P  =  Hjp(iAr)  in  the  region  outside  the  jet.  However  since  equations  (18)  are 
linear  any  other  normalization  could  be  chosen  for  their  solutions.  The  normalization  change  is 
automatically  taken  into  account  through  change  of  integrals  /0  and  /,  in  amplitude  equation  (19).  Due 

to  complexity  of  amplitude  equation,  two  first  multipliers  containing  the  integrals  /,,  and  /,  are  often 
omitted  to  simplify  Tam's  method  [28-30].  This  means  that  the  wave  packet  is  presentation  in  the  form 
p  =  expf/Jco/z).  In  this  case  wave  packet  form  will  depend  on  the  normalization  of  equation  (18) 
solutions,  i.e.  the  solution  becomes  absolutely  arbitrary,  in  essence. 

The  second  aspect  in  the  amplitude  equation  role  is  the  quantitative  effect  of  the  amplitude  equation  on 
the  wave  packet  form  and,  hence,  the  radiation  directivity.  To  evaluate  this  effect  the  predictions  were 
made  in  which  the  amplitude  equation  was  not  solved  and  the  wave  packets  were  presented  in  the  form  of 

p  =  exp(/  \adz).  It  will  be  shown  that  without  amplitude  equation  the  prediction  does  not  match  to  the 


1,6 
1.5 
?  1.4 
I  1,3 
A  i  2 

U 
1 

0  5  10  15  20 

b) 


Figure  11.  Measurements  of  axisymmetrical  azimuthal  mode  in  jet  noise  a)  and 
decreasing  of  phase  velocity  for .  Displacement  of  maximum  upstream  as 

frequency  increase. 


experiment  data.  Really,  the  phase  velocity  of  the  wave  in  the  maximum  point  is  decrease  as  Sh  increase 
(Fig. I  lb)  but  in  experiment  the  maximum  is  displaced  in  upstream  direction  (Fig. t  la). 

DIRECT  MEASUREMENTS  OF  NOISE  AZIMUTHAL  STRUCTURE 

To  exclude  the  noise  sources  not  associated  with  the  Tam's  mechanism  from  experiment,  special  efforts 
were  made  [31].  First,  the  well  shaped  convergent-divergent  ax  [symmetrical  nozzle  designed  for  exit 
Mach  number  M=  2  was  fabricated.  The  notion  of  a  “well  shaped  nozzle"  included  the  requirement  of 
flow  uniformity  at  the  nozzle  exit  as  well  as  the  property  of  velocity  monotony  on  the  nozzle  wall, 
providing  the  boundary  layer  non-separation  at  any  Reynolds  numbers. 

To  avoid  the  appearance  of  shock-associated  noise  in  the  experiment  (Fig.  12).  the  design  regime  of 
issuing  for  well  shaped  nozzle  was  controlled  with  the  use  of  visualization,  Fig.  13  presents  the 
visualization  results  for  fully  expanded  regime  and  under-expanded  regime.  The  fine  tuning  of  fully 
expanded  regime  was  realized  proceeding  from  the  requirement  of  a  complete  absence  of  shocks  in  the 
jet.  Due  to  the  impossibility  of  simultaneous  performance  of  the  acoustic  measurements  and  visualization 
on  account  of  the  interference  introduced  by  optical  equipment,  the  following  scheme  of  the  experiment 
was  chosen.  First,  with  the  use  of  visualisation  the  necessary  monitoring  of  the  system  of  air  supply, 
which  assured  the  design  issue  regime,  were  chosen,  and  then  the  optical  equipment  was  taken  away  from 
the  anechoic  chamber  and  the  acoustic  experiment  was  carried  out. 


Figure  12.  Fully  expanded  jet  from  conical  convergent-divergent  nozzle.  Shock-associated 
noise  component  exists  even  for  designed  regime  due  to  weak  shocks  structures  in  the  jet  (the 
shadowgraph  was  kindly  given  by  Dr.  V.G.  Pimshtein).  It  was  recently  measured  in  azimuthal 
decomposition  experiment  (Kopiev,  Zaitsev &Karavosov  2002). 


a  b  c 

Figure  13  Selected  pictures  from  move:  under-expanded  (a,b)  and  fully  expanded  (c)  regimes. 


The  technique  of  azimuthal  decomposition  of  the  sound  field  of  supersonic  jet  with  the  use  of  a  6- 
microphone  array  (Fig.2)  is  described  in  detail  in  the  review  paper  [7].  This  technique  gives  a  possibility 
of  direct  measuring  the  noise  of  each  azimuthal  mode  separately,  in  experiment  the  mixing  noise  of 


supersonic  cold  jet  from  convergent-divergent  nozzles  (<#=3cm,  dcrjt  =2.3 1cm)  of  design  Mach  number 
M= 2.0  (it  corresponds  to  jet  velocity  F=540  m/s,  for  cold  jets  the  reservoir  temperature  equals  to  ambient 
temperature  T~300°K)  was  studied.  The  experimental  program  consisted  of  measuring  the  azimuthal 
mode  intensity  in  different  frequency  ranges  by  a  six-microphone  array.  For  acoustic  measurements  an 
array  of  'A''  ICP  microphones  (Bruel&Kjaer,  type  4935)  was  used.  These  microphones  provided  good 
phase-matching  characteristics.  The  microphone  array  moves  along  jet  axis  z  from  0  to  240  cm.  The 
signals  from  microphones  were  supplied  to  Dynamic  Signal  Acquisition  Board  N 14472.  The  nozzle 
orifice  position  corresponds  to  the  section  ~20  cm.  The  scheme  of  the  experiment  is  presented  in  Fig.3. 

Fig.  15  presents  the  powers  of  three  azimuthal  modes 
2  2  2 

<3q.  a\ ,  aj  (where  subscript  corresponds  to  the 

number  of  azimuthal  harmonic)  as  the  result  of 
azimuthal  noise  decomposition.  We  see  that  only 
axisymmetric  radiation  dominates  in  the  low 
frequency  range.  So,  only  a  few  first  azimuthal 
modes  give  a  contribution  to  the  round  jet  noise.  The 
second  and  the  third  modes  are  small  in  this  range. 
The  peak  in  axisymmetrical  («= 0)  mode  directivity 
displaced  upstream  as  Strouhal  number  increase.  We 
present  only  low  frequency  results  for  jet  noise 
azimuthal  decompositions  up  to  St~0.3. 


Figure  14.  Mean  flow 
measurements. 
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Figure  IS.  Measured  acoustic  pressure  level  in  different  frequency  ranges  for  harmonics  a)  n=0, 
b)  r»=1,  c)  n=2.  Harmonic  n  =  0  contributes  most  of  all  in  total  pressure  level. 


The  local  Mach  number  in  a  jet  was  calculated  from  the  data  obtained  with  the  use  of  stagnation  pressure 
tube  behind  the  normal  shock  and  the  data  from  static  pressure  probe  before  the  shock  (Fig.  14) 
accordingly  known  formula  [32]. 


Menu  flow  parameters  underline  the  acoustic  pressure  prediction 

The  mean  flow  in  the  program  was  specified  with  the  use  of  analytical  expressions  and  for  obtaining  the 
non-steady  disturbances  the  numerical  solution  of  differential  equations  was  made.  The  axial  component 
of  the  mean  flow  velocity  was  determined  as  follows: 


U  =  UQ,  r  <  H 


U  =  Uu exp 


In  2 

B1 


(■ r-H ) 


r  >  H 


where  Uu  is  the  velocity  on  the  jet  axis,  B  is  the  half-width  of  the  mixing  layer,  H  is  the  jet  core  size  in 
the  initial  size.  Thus,  the  axial  velocity  in  the  mean  flow  was  determined  by  three  functions: 
Ua(z).B{z\H{z)  where  z  is  the  longitudinal  coordinate,  which  were  calculated  using  the  semi- 

empirical  theory  described  in  the  handbook  f32],  A  comparison  of  measured  and  calculated  velocity  at  the 
axis  of  the  jet  is  presented  in  Fig,  1 6.  The  temperature  field  in  the  mean  flow  was  specified  using  Crocco- 
Busemann's  equation  and  the  radial  component  of  the  velocity  in  the  mean  flow  was  found  from  the 
equation  of  continuity. 


Figure  16  Comparison  of  measured  and  calculated  mean  flow  axial  velocity  at  the  axis  of  the  jet. 


PREDICTION  AND  MEASUREMENT  COMPARISON 

The  measurement  results  for  well  shaped  nozzle  are  compared  with  the  theory  predictions.  For  predicting 
the  jet  near  field  the  numerical  program  was  worked  out  based  on  the  instability  wave  theory  considered 
above.  For  comparing  with  the  predictions,  the  results  of  acoustical  measurements  in  three  frequency 
ranges  were  chosen  for  three  azimuthal  harmonics  n  -  0,/?  =  I  and  n  =  2  .  It  is  seen  in  Fig.  17,  where  the 
measurement  data  are  presented,  that  the  largest  contribution  in  the  sound  pressure  level  over  all  the 
frequency  ranges  is  given  by  harmonic  n  =  0,  a  less  contribution  is  given  by  harmonic  n  -  I  and  still 
less  contribution  is  given  by  harmonic  n  —  2  .  According  to  this  observation,  the  most  significant  in  the 
prediction  and  measurement  comparison  is  harmonic  n  =  0 . 
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Figure  17.  Measured  acoustic  pressure  level  in  three  frequency  ranges  for  harmonics  n=0,  n-1 
and  n=2.  Harmonic  n  —  0  contributes  most  of  all  in  total  pressure  level. 


Fig.  18-21  presents  a  comparison  between  the  prediction  and  measurement  data  related  to  acoustic 
radiation  of  a  cold  jet  with  M  -  2.04  for  three  frequency  ranges  and  three  azimuthal  harmonics.  In 
doing  so.  its  own  normalization  was  chosen  in  each  frequency  range  at  which  the  radiation  levels  would 
coincide  at  the  maximum  point  for  predictions  and  measurements.  Fig.22  presents  relative  values  of 
pressure  disturbances  in  the  initial  part  of  the  mixing  layer,  corresponding  to  this  normalization. 
According  to  the  Tam's  theory  [2]  the  pressure  disturbances  near  the  nozzle  edge  is  a  white  noise  in  time 
and  space  (in  the  azimuthal  direction).  In  this  case  the  pressure  disturbance  level  in  this  region  must  be 
the  same  for  different  harmonics  and  frequency  ranges.  It  is  seen  in  Fig.22  that  this  value  varies  in 
dependency  on  harmonics  and  frequency.  Nevertheless,  this  variation  can  be  considered  is  rather  small  as 
compared  with  the  dispersion  of  near  field  acoustic  pressure  (Fig.  1 7). 


It  follows  from  Fig.  1 8-2 1  that  the  directivity  characteristics  predicted  and  measured  are  similar  but  the 
predicted  peak  of  sound  pressure  is  located  more  closely  to  the  nozzle  than  in  the  measurements.  This  can 
indicate  a  less  phase  velocity  in  the  instability  wave  or  a  larger  extension  of  the  radiation  source  in  the 
real  jet,  in  comparison  with  the  numerical  model.  The  most  likely  cause  of  this  can  be  not  very  accurate 
description  of  the  mean  How  velocity  profile  in  the  initial  jet  part.  The  point  is  that  integral  I (25)  in 


many  respects  determining  the  wave  packet  form  appears  to  be  very  sensitive  to  the  velocity  profile  form 
[6].  At  the  same  time  it  should  be  taken  into  account  that  the  distance  from  the  nozzle  to  the  radiation 
peak  location  is  twice  as  large  as  the  distance  from  the  jet  axis  to  the  measurement  array.  This  means  that 


Ar 

the  discrepancy  of  the  peak  locations  - —  =  10  —  20  corresponds  to  the  discrepancy  in  2-4  degrees  in  the 

R 


directivity  pattern.  Therefore  there  is  a  good  reason  to  believe,  as  a  whole,  that  the  prediction  results  are 
in  agreement  with  measurement  data. 


Consider  the  amplitude  equation  role  on  the  wave  packet  form  and,  hence,  on  the  radiation  characteristics. 
To  evaluate  this  effect  the  predictions  were  made  in  which  the  amplitude  equation  was  not  solved  and  the 

wave  packets  were  presented  in  the  form  of  p  =  exp(/ ^adz)  and  compared  with  experiment  and 

prediction  accordingly  full  Eq.  (25). 
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Figure  18.  Comparison  of  the  predicted  and  measured  acoustic  pressure  levels,  n  -  0,  St  -  0.17, 


Figure  19.  Comparison  of  the  predicted  and  measured  acoustic  pressure  levels,  n  =  0t  St  = 

0.252. 
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Figure  20.  Comparison  of  the  predicted  and  measured  acoustic  pressure  levels,  n  =  St  =  0.17, 
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Figure  21.  Comparison  of  the  predicted  and  measured  acoustic  pressure  levels. n  =  2t  St  =  0.252. 
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Figure  22.  Relative  values  of  pressure  disturbances  in  the  initial  part  of  the  mixing  layer 
adjusted  to  acoustic  measurements.  Dispersion  of  these  data  is  much  less  than  near  field 

acoustic  level. 


The  wave  packets  in  these  prediction  were  of  less  extension  and  the  radiation  peak  was  closer  to  the 
nozzle  than  in  the  full  predictions  and  even  more  so  in  the  experiments.  We  see  (Fig.7a)  that  in 
experiment  the  maximum  in  radiation  directivity  shifts  upstream,  as  the  frequency  increases.  Thus  the 
calculation  without  amplitude  equation  is  in  disagreement  with  measurement  data. 

As  a  whole  a  conclusion  is  to  be  made  that  the  amplitude  equation  is  the  essential  part  of  the  method  and 
determines  the  solution  in  the  main  approximation. 


PROSPECTS 

We  considered  the  instability  wave  model  for  high  speed  (supersonic)  jet  mixing  noise.  We  discussed  the 
verification  of  instability  wave  mechanism  of  noise  radiation  for  supersonic  jet.  A  comparison  between 
the  theory  predictions  and  the  measurement  data  shows  that  the  instability  waves  are  the  real  sources  of 
noise  generation  in  supersonic  jet  and  their  control  means  in  fact  the  noise  control. 

Consider  one  possible  strategy  based  on  instability  wave  resonant  coupling  suggested  in  [3 1 J  which  could 
have  a  direct  importance  for  the  flight  vehicles  future  elaboration.  For  a  round  jet  with  a  non-uniform 
mixing  layer,  all  the  Kelvin-Helmholtz  eigen-modes  are  azimuthal  harmonics,  which  are  proportional  to 
exp  hup  and  have  an  amplitude  which  varies  in  axial  direction  in  a  manner  which  can  be  ascertained  in 
principle.  Independence  of  each  azimuthal  harmonic  from  any  other  means  that  knowledge  of  the 
amplitude  of  a  given  harmonic,  near  the  nozzle  exit,  entirely  determines  the  amplitude  of  the  wave  packet 
and  sound  radiation  by  this  harmonic.  Given  that,  at  least  for  St  <0,3,  harmonics  of  high  azimuthal 
numbers  are  poor  sources  of  sound,  we  can  conclude  that  total  noise  due  to  a  non-uniform  round  jet  is 
determined  by  the  harmonics  with  small  azimuthal  numbers  arising  in  the  total  disturbance  near  the 
nozzle  exit. 


Coupling  vibrators 


s  « 1 


Figure  23.  Coupling  vibrators 


The  situation  changes  dramatically  for  a  jet  having  a  nozzle  of  a  corrugated  shape  [31].  Clearly,  the  jet 
cross-section  remains  corrugated  only  for  initial  part  of  the  jet.  The  effect  of  the  mixing  layer  is  to  reduce 
the  corrugation,  ensuring  that  the  jet  cross-section  becomes  circular  downstream.  Nevertheless,  even  a 
weak  comigation.  in  the  initial  part  of  the  jet,  can  strongly  affect  the  disturbance  behavior.  It  was  shown 
that  different  azimuthal  harmonics  of  a  corrugated  vortex  sheet  (an  appropriate  model  for  the  initial  part 
of  a  jet)  are  coupled.  In  other  words,  the  eigen-modes  consist  not  of  a  single  harmonic  but  of  a  mixture  of 
different  harmonics  (similarly  two  vibrators  with  weak  coupling:  if  the  eigen  frequencies  differ,  then  the 
weak  coupling  does  not  change  the  eigen  forms,  Fig.23a,  but  if  the  eigen  frequencies  are  close  to  each 
other  then  the  weak  coupling  leads  to  resonant  interaction  and  strongly  changes  the  shapes  of  eigen 
oscillations).  Thus,  in  the  case  of  resonant  coupling,  this  mixture  includes  two  different  harmonics  in  the 
first  approximation  in  corrugation  parameter,  a  so-called  strong  mixture  of  two  harmonics. 

For  example,  for  a  corrugated  jet  with  a  lobe  number  s  =  8  the  1st  and  the  7th  harmonics  are  in  resonant 
coupling.  It  means  that  there  are  two  abnonnal  spatial  instability  eigen-waves  within  such  a  jet.  Each  of 
them  is  a  strong  mixture  of  the  1st  and  the  7th  harmonics  in  the  initial  part  of  the  jet.  However,  by  the 
point  at  which  the  cross-section  of  the  jet  has  becomes  circular,  one  of  them  will  have  become  a  pure  1st 
harmonic  whilst  the  other  will  have  become  a  pure  7th  harmonic.  Note,  that  the  latter  eigen-mode  is  not 
an  effective  source  of  sound. 


Figure  24  Transformation  of  radiating  part  into  non  radiating  one 


Thus,  an  excitation  of  the  disturbances  near  the  nozzle  exit  in  the  form  of  the  1st  harmonic  generates  not 
one  instability  wave,  as  in  the  case  of  round  jet,  but  two  abnormal  instability  waves.  They  combine  to 
give  only  the  1st  harmonic  at  the  nozzle  exit  cross-section  and  in  some  combination  of  the  1st  and  7th 
harmonics  downstream  (where  the  later  is  non  radiating.  Fig.24). 

Hence,  the  splitting  of  the  initial  disturbance  into  two  eigen-oscillations  leads  to  the  situation  where  part 
of  the  initial  disturbance  is  transformed  into  a  non-radiating  mode.  Moreover,  if  the  initial  disturbance  is 
made  up  of  a  mixture  of  the  first  and  the  seventh  harmonics  exactly  corresponding  to  the  seventh  eigen- 
oscillation  for  a  corrugated  vortex  sheet,  then  such  an  initial  disturbance  completely  transforms 
downstream  into  the  seventh  azimuthal  harmonic  and  will  not  radiate  at  all. 

The  question  related  to  preparing  a  required  mixture  of  azimuthal  harmonics  in  the  nozzle  exit  plane  and 
the  role  of  chevrons,  or  other  distortions,  in  solving  this  task  are  left  to  future  investigations. 
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ABSTRACT 

A  project  under  the  title  “Cryoplane  -  Liquid  Hydrogen  Fuelled  Aircraft  System  Analysis”,  Contract 
G4RD-CT- 1999-00 192,  has  been  started  within  the  5th  Framework  program  of  the  European 
Commission  in  April  2000. 

36  partners  from  industry,  research  and  academia  contributed  to  this  project  covering  aircraft 
configuration,  systems  &  components,  propulsion,  safety,  environmental  compatibility,  fuel  sources  & 
infrastructure,  transition 

Total  project  time  was  26  months. 

The  objectives  of  the  project  were  to  develop  a  conceptual  basis  for  unlimited  applicability,  safety,  and 
full  environmental  compatibility,  and  to  undertake  medium/long  term  scenarios  for  a  smooth  transition 
from  kerosene  to  hydrogen  in  aviation.  This  system  analysis  covers  all  relevant  technical, 
environmental,  societal  and  strategic  aspects  providing  a  sound  basis  for  initiating  larger  scale 
activities  preparing  for  the  development  and  introduction  of  Liquid  Hydrogen  as  an  aviation  fuel. 

The  project  helped  in  mastering  the  necessary  technology  and  provided  a  comprehensive  analysis  of 
the  complex  interrelated  aspects.  It  looked  into  the  technical  feasibility,  safety  and  environmental 
compatibility  of  the  concept  and  produced  technical  solutions  and  tools.  It  worked  out  possible 
strategies  for  a  smooth  transition  to  the  new  fuel. 

The  results  of  the  project  confirmed  that  liquid  hydrogen,  from  the  technical  side,  could  be  an 
alternative  future  fuel.  Because  of  today's  high  hydrogen  production  costs  and  the  missing 
infrastructure  it  remains  not  attractive  for  operation  at  this  time. 

This  report  presents  the  ma  jor  results  of  the  assessments  made  under  “WP2  -  Aircraft  Configurations” 
and  the  remarkable  messages  of  the  other  work  packages  of  the  project. 

NOMENCLATURE 

CMR  Cryoplane  Medium  Range 

C02  Carbondioxide 

A/C  Aircraft 

COC  Cash  Operation  Costs 

DOC  Direct  Operating  Costs 

H2  Hydrogen 


H20 


water 


LCA 

Life  Cycle  Analysis 

LH2 

Liquid  FI2 

MTOW 

Maximum  Take-Off  Weight 

MWE 

Manufacturer's  Weight  Empty 

NOx 

Nitrogen  Oxide 

OWE 

Operating  Weight  Empty 

p.  a. 

per  annum 

Pax 

Passenger 

Rk 

Reference  a/c  kerosene 

WP 

Work  Package 

INTRODUCTION 

Air  traffic  has  enjoyed  strong  growth  over  a  long  time,  and  it  is  predicted  that  such  growth  will 
continue  at  rates  of  4  -  5  %  p.a.  over  the  next  decades.  Assuming  continuing  worldwide  economic 
growth,  saturation  of  air  traffic  is  not  yet  in  sight. 

It  is  generally  accepted  that  the  emission  of  greenhouse  gases,  most  notably  of  long-living  carbon 
dioxide  (CO^).  resulting  from  industrial  activities,  cannot  be  allowed  to  continue  increasing  if  adverse 
global  climate  change  is  to  be  avoided. 

Air  traffic  today  contributes  about  3%  to  the  anthropogenic  greenhouse  effect.  This  number  may 
change  due  to  increase  of  air  traffic  and  the  decrease  of  the  major  C02  producers  of  today. 

LH2  could  be  an  alternative  to  the  hydrocarbon  fuel  like  cheap  kerosene  or  any  other  “designed" 
hydrocarbon  fuel. 

It  could  be  a  fuel  suitable  for  aircraft  to  be  produced  from  renewable  energy  and  offering  extremely 
low  emissions  (zero  C02,  very  low  NOx).  It  has  the  potential  to  eliminate  the  dependency  of  aviation 
upon  dwindling  crude  oil  resources  and  to  reduce  dramatically,  the  contribution  of  aviation  to  the 
anthropogenic  greenhouse  effect.  Use  of  liquid  hydrogen  hence  could  allow  sustainable  growth  of 
aviation  at  high  rates  (typically  4-5%  per  year)  with  an  extreme  low  impact  on  the  environment. 

The  project  “Cryoplane  -  Liquid  Hydrogen  Fuelled  Aircraft  System  Analysis"  included  the 
assessment  of  all  aspects  relevant  to  form  an  overall  judgment  and  defined  technical  concepts  for 
initializing  realization. 

The  whole  project  was  stuctured  into  8  technical  work  packages. 

W'PI  (Project  Management) 

WP2  Aircraft  Configuration 

WP3  Systems  and  Components 

WP4  Propulsion 


WP5  Safety 

WP6  Environmental  Compatibility 
WP7  Fuel  Sources  and  Infrastructure 
WP8  Transition  Scenarios 

WP9  Trade-off:  Slush 

Overall  aircraft  configurations  have  been  identified,  which  meet  the  requirements  of  efficient  and  safe 
operation  in  all  aircraft  categories,  from  “Business  Jets”  to  “Very  Large  Long  Range  Aircraft"  (600 
and  more  seats).  Their  performance  has  been  analyzed  and  compared  to  conventional  aircraft. 

Based  on  an  overall  architecture  for  the  fuel  system,  which  was  adapted  to  those  tank  arrangements 
required  for  different  aircraft  categories,  the  technical  feasibility  and  availability  of  suitable 
components  has  been  assessed. 

Detailed  analyses  of  conventional"  and  “unconventional”  engines  have  been  done. 

Safety  aspects  specific  to  aviation  have  been  assessed,  coming  to  the  overall  conclusion  that  hydrogen 
fuelled  aircraft  certainly  will  be  as  safe  as  conventional  aircraft. 

Assessments  on  112  production  (including  extensive  LCA),  infrastructure  and  ground-handling 
facilities  and  procedures  were  as  well  part  of  this  exercise. 

With  respect  to  environmental  compatibility,  great  benefits  have  been  identified.  According  to 
extensive  computer  simulations,  also  the  contrails  produced  by  hydrogen- fuel  led  aircraft  will 
contribute  less  to  anthropogenic  greenhouse  effect  compared  to  the  conventional  case.  (Source:  WP  6 
of  [2]) 

This  report  gives  an  overview  of  the  project. 

TECHNICAL  WORPACKAGES 

According  to  the  introduction  WP2  to  WP9  are  technical  work  packages.  WP1  was  only  related  to 
project  management. 

Objective  of  the  WP2. 

In  order  to  prove  the  possibility  of  the  use  of  H2  as  an  alternative  fuel  from  the  aircraft  industrial  side 
the  exercise  of  this  project  was  related  to  the  range  of  aircraft  categories,  which  are  in  general  in 
commercial  operation. 

One  objective  at  the  beginning  of  this  project  was  to  identify  aircraft  configurations,  which  meet  the 
requirements  of  efficient  and  safe  operation  in  all  aircraft  categories,  from  “Business  Jets”  to  “Very 
Large  Long  Range  Aircraft”.  Their  performance  and  DOC  should  be  analyzed  and  compared  to 
conventional  aircraft. 

Based  on  data  coming  from  the  other  work  packages  configurations  of  the  selected  aircraft  categories 
have  been  worked  out.  Aircraft  performances  have  been  calculated  and  compared  with  conventional 
aircraft. 

The  work  on  Aircraft  configurations  WP2  was  split  into  two  main  groups  of  tasks;  the  conventional 
und  unconventional  configurations. 


Conventional  aircraft  configurations  have  been  evaluated  for  those  categories,  which  were  selected 
before,  whereas  unconventional  categories  were  worked  out  in  a  more  general  way. 

Results 

The  Xryoplane  -  System  Analysis"  has  shown  that  hydrogen  could  be  a  suitable  alternative  fuel  for 
the  future  aviation.  Nevertheless,  due  to  the  missing  materials,  parts,  components  and  engines  further 
R&D  work  has  to  be  performed  until  hydrogen  can  be  used  as  an  aircraft  fuel.  According  to 
estimations  made  during  this  project  the  earliest  implementation  of  this  technology  could  be  expected 
in  1 5  to  20  years,  under  the  condition  that  the  research  work  will  continue  on  a  certain  level 

From  the  operating  cost  point  of  view  hydrogen  remains  not  attractive  under  the  today's  condition, 
while  kerosene  is  much  cheaper  than  hydrogen  and  production/infrastructure  is  completely  missing. 

Following  features  have  resulted  from  comprehensive  calculation  and  parametric  studies  for  the  above 
listed  range  of  aircraft  categories.  Due  to  the  bigger  wetted  surface  the  energy  consumption  would 
increase  by  9%  to  14%.  The  OWF  may  increase  by  roughly  23%  by  having  additional  tank  structure, 
while  the  difference  of  the  MTOW  will  vary  between  plus  4.4%  to  minus  14.8%  depending  on  the 
aircraft  configuration  and  mission.  All  this  will  result  in  an  increase  of  the  operating  costs  by  4%  to 
5%  caused  by  fuel  only. 

Various  unconventional  configurations  have  been  assessed.  An  advantage  of  the  selected 
configurations  relative  to  conventional  configurations  could  not  he  identified. 

Detailed  analysis  of  "conventional^  engines  has  confirmed  that  a  hydrogen  engine  will  be  as  efficient 
as  a  kerosene  engine  in  terms  of  energy  consumption.  Substantial  improvements  in  NOx  emissions  by 
lean  combustion  have  been  quantified  on  the  basis  of  experimental  data.  Small  but  not  negligible 
benefits  have  been  found  for  unconventional  engine  configurations,  utilizing  the  liquid  hydrogen's 
cooling  capacity, 

A  heat  exchanger  was  identified  as  one  novel  feature  of  the  fuel  supply  system.  It  is  needed  to  heat  up 
the  liquid  hydrogen  to  a  temperature,  which  is  suitable  to  the  injection  into  the  combustion  chamber. 
Different  design  principles  have  been  assessed.  Result  has  confirmed  the  feasibility,  but  further 
research  is  needed  for  validation  of  the  design  itself  and  its  implementation  into  the  power  plant. 

Requirements  and  regulations  for  ground  handling  and  servicing  have  to  be  reviewed  and  adapted. 
Airworthiness  requirements  may  be  amended  according  to  the  specific  behavior  of  LH2  and  the 
technical  design  solutions. 

All  kind  of  accidental  incidents  and  results  of  emergency  landings  have  been  identified  and  analyzed. 
Technical  design  solutions  and/or  possible  changes  of  operating  procedures  have  been  identified. 

Conservative  life  cycle  analysis,  based  on  the  data  taken  from  the  detailed  analysis  of  the  different 
production,  transportation,  storage  and  consumption  methods  (oilfield  to  jet  propulsion)  of  H2  and 
kerosene  performed  and  compared.  The  result  showed  in  any  ease  a  lower  C02  production  in  case  of 
1 12  use.  Rut  the  high  potential  is  the  production  of  H2  by  renewable  energy. 

According  to  extensive  computer  simulations,  contrails  produced  by  hydrogen- fuel  led  aircraft  will 
contribute  less  to  anthropogenic  greenhouse  effect  compared  to  the  conventional  case.  The  H2  fuelled 
main  engines  may  produce  2,6  times  more  H20  as  kerosene  fuelled  engines,  H2G  is  a  greenhouse  gas, 
which  wi  1 1  remain  only  very  short  time,  about  half  a  year,  in  the  upper  atmosphere  whereas  CQ2, 
which  is  emitted  by  a  kerosene  engine,  remains  about  100  years  in  place. 

Assessments  based  on  conservative  calculations  have  confirmed  that  the  use  of  hydrogen  would 
reduce  aircraft  emissions  to  a  minimum.  It  needs  to  be  validated  that  the  water  emission  of  hydrogen 
fuelled  aircraft  propulsion  has  low  impact  to  the  atmosphere  as  predicted. 


Global  scenarios  for  a  soft  transition  to  the  new  fuel  have  been  quantified  and  checked  for  practicality 
in  detail  by  considering  Sweden  as  the  leading  region  during  transition  to  hydrogen. 


WP2  -  Aircraft  Configuration 
General 

In  order  to  get  comparable  data  from  each  configuration  assessment,  design  requirements  have  been 
established.  The  fundamentals  have  been  selected  as  the  basis  of  1990  with  the  technology  level  of 
2010.  Design  rules  describing  alt  necessary  features  like  interior  layout,  weights,  performance  etc. 
have  been  established.  Economical  conditions  of  2010  have  been  considered  for  the  calculation  of 
DOCs.  Family  concepts  have  been  worked  out  for  each  configuration  (Picture  2).  The  200  Sealer 
medium  range  aircraft  has  been  selected  as  an  example  aircraft,  for  which  the  basic  systems'  studies 
were  made. 

Conventional  Configurations 

For  a  selection  of  transport  aircraft,  ranging  from  regional  turboprops  to  very  large,  long-range  jet 
aircraft  (Picture  i),  a  comparison  has  been  made  between  kerosene  and  LH2  fuelled  versions.  ITie 
tank  layout  turned  out  to  be  the  driver  for  the  design  on  configurations  as  LH2  requires  4  times  more 
storage  volume  than  kerosene  for  the  same  energy  content  and  must  be  stored  under  overpressure.  This 
precludes  the  use  of  wing  tanks.  The  optimal  choice  for  the  tank  layout  depends  on  the  aircraft 
category.  For  seven  categories  of  aircraft,  three  basic  tank  layouts  are  now  being  proposed.  For 
“Small  Regional  Aircraft”  and  “Business  Aircraft”  tanks  are  arranged  aft  of  the  aft  pressure  bulkhead 
only.  For  “Regional  aircraft  up  to  100  seats”  (turboprop  as  well  as  jet)  and  “Short/Medium  Range 
Aircraft”  tanks  are  arranged  behind  the  aft  pressure  bulkhead  and  on  top  of  the  fuselage.  For  “Long 
Range  Aircraft”  and  “Very  Large  Long  Range  Aircraft”  (VLLR)  tanks  are  proposed  aft  of  the  rear 
pressure  bulkhead  and  between  the  cabin  and  the  cockpit.  Although  these  solutions  seem  to  be  so 
diverse  as  to  be  conflicting,  they  are  in  line  with  each  other  as  will  be  explained  in  the  following. 


Small  Regional  Aircraft  anti  Business  Aircraft 

The  simplest  solution,  the  tank  behind  the  aft  pressure  bulkhead,  is  only  feasible  from  a  center  of 
gravity  location  consideration  when  the  fuel  weight  fraction  is  small.  Hence  it  is  applicable  only  to  the 
“Small  Regional  Aircraft”.  However,  this  concept  was  used  for  the  “Business  Aircraft”  as  well,  for 
lack  of  an  alternative.  To  reduce  the  impact  of  the  single  tank  on  the  center  of  gravity,  a  wider  fuselage 
was  adapted  than  usual.  An  exploratory  study  revealed  yet  an  excessive  center  of  gravity  travel, 
probably  requiring  a  combination  of  fly-by-wire  and  a  very  large  horizontal  tail,  or  operational 
restrictions  to  the  center  of  gravity.  As  a  result,  the  aircraft  will  suffer  from  increased  trim  drag  and 
reduced  maximum  lift. 

Regional  100-Seater  Aircraft. 

For  larger  fuel  fractions  and  thus  range,  the  fuel  in  the  aft  tank  must  be  balanced  by  a  more  forward 
tank.  For  the  "Regional  aircraft  up  to  100  seats”  (turbo-prop  and  turbo-jet)  and  “Short; Medium  Range 
Aircraft”  the  fuselage  diameter  is  too  small  to  enable  a  catwalk  parallel  to  and  beside  the  forward  tank, 
to  serve  as  the  cockpit-cabin  connection.  This  forces  the  tank  on  top  of  the  fuselage,  thereby  creating  a 
weight  and  profile  drag  penalty.  Special  attention  must  be  paid  to  disk  burst,  as  this  might  lead  to  an 
explosion  of  the  LH2  in  the  top  tank.  Therefore  a  dry  bay  may  be  created.  As  a  consequence,  this 
configuration  is  less  efficient  as  the  other  solutions.  It  is  expected  that  the  top  tank  does  not  pose  a 
threat  to  the  passengers  in  case  of  fire,  as  the  LH2  will  boil  off,  evaporate  and  rise  upwards. 


Short  and  Medium  Range  Aircraft 

Picture  2  shows  the  aircraft  and  family  designs,  which  was  based  on  market  requirements 

1st  Step;  Basic  version  185  passengers  (dual  class)  4000  nm  design  range 

2nd  Step:  Stretch  version  218  passengers  (dual  class)  3300  nm  design  range 

rd  Step:  Second  step  with  developed  MTOW  for  4000  nm  design  range 

th  Step  (option  only):  1st  step  with  reduced  MTOW  and  engine  thrust  reduction. 

The  design  philosophy  for  fuselage  assumed  the  requirements  for  the  fuselage  cross  section  of  the  6- 
abreast  single  aisle  design.  This  type  of  cross  section  is  well  balanced  in  terms  of  comfort  /  flexibility 
and  freight.  On  the  Cryogene  fuselage  the  top  of  the  cross  section  is  flattened  off  in  the  pressurized 
cylindrical  section  for  reason  of  tank  integration  at  minimum  wetted  area. 

The  first  approach  a/c  CMR-200  -driven  by  hydrogen  fuel  -  is  based  on  a  high  wing  design  for  reason 
of  the  following  considerations: 

-  use  of  the  box  volume  -  being  available  anyway  -  as  part  of  the  overall  integrated  fuel  system  and  as 
a  benefit  from  this 

-  close  coupled  tank  without  fuel  piping  in  the  pressurized  cabin. 

As  a  side  condition  it  is  assumed  that  the  wing  fuel  volume  should  not  be  under  30%  of  the  total, 
because  it  is  estimated  that  otherwise  the  volume  /  system  ratio  would  be  out  of  balance. 

The  condition  to  provide  30%  of  the  total  fuel  volume  in  the  wing  defines  a  very  large  area  (  233  nr  ), 

Calculation  of  the  drag  polar  showed  that  this  configuration  has  a  penalty  of  1 7,5%  compared  with  the 
conventional  aircraft. 

To  improve  the  situation,  the  Cryoplane  configuration  -  in  a  second  approach  -  was  redefined.  In 
principle,  the  low  wing  (170  m2)  of  the  kerosene  aircraft  (  RK-200)  was  combined  with  the  fuselage  of 
the  initial  Cryoplane  aircraft  (CMR-200).  However,  as  it  makes  no  sense  to  carry'  LH2  fuel  in  the 
small  wing  (volume/system  unbalance)  the  tail  cone  of  the  fuselage  was  reshaped  to  provide  the 
additional  volume  required  for  total  fuel. 

The  second-approach  configuration  of  the  CMR 1-200  a/c,  driven  by  hydrogen  fuel,  is  based  on  a  low 
wing  design  and  is  characterised  by  a  close  coupled  wing  tank  on  top  of  the  fuselage,  by  a  tail  tank  and 
by  the  absence  of  fuel  piping  in  the  pressurized  cabin. 

This  configuration  showed  a  penalty  on  the  drag  polar  of  3,5  %  against  ihe  conventional  A/C. 

The  weight  comparison  ted  to  following  results: 

MWE/pax 

-  Cryoplane  a/c:  longer  fuselage,  higher  wing  weight,  additional  fuselage  tank  structure,  LI  12  tanks 
29%  higher  MWE  vs  kerosene  version 

MTOW/pax 

-  Cryoplane  a/c:  -60%  lower  fuel  weight  compensates  the  higher  structural  weight  and  leads  to  3.3% 
lower  MTOW  vs  kerosene  version  at  design  range  (4000  nm) 


(Propulsion+Fuel)  /pax 


-  Cryoplane  a/c:  Same  Propulsion  weight,  ~60%  lower  fuel  weight  46%  lower  (propulsion+fuel  ratio) 
vs  kerosene  version 

(Propulsion+Fuel+Tanks)  /pax 

-  Cryoplane  a/c:  Same  Propulsion  weight,  ~70%  lower  fuel  weight,  additional  tank  structure  23% 
lower  (Propulsion+Tanks+Fuel)  ratio  vs.  kerosene  version. 

For  the  payload  range  the  design  point  is  the  same  on  both  versions  1 85  pax  /  4000  nm.  However,  the 
hydrogen  aircraft  is  extremely  sensitive  to  payload  variations  and  exchanging  payload  for  LI-12  fuel 
has  a  severe  effect  on  range.  In  consequence  of  this,  the  payload  -  range  flexibility  on  an  individual 
LH2  aircraft  is  fairly  limited,  in  particular,  as  for  this  type  of  aircraft  the  fuel  volume  is  not  defined  by 
stretched  versions.  This  is  specific  to  the  actual  LH2  configuration  -  fuel  tanks  on  top  of  the  fuselage  - 
,  because  fuel  volume  increases  automatically  when  the  fuselage  is  lengthened. 

Contrary  to  this,  the  fuel  volume  on  a  conventional  kerosene  aircraft  is  defined  by  the  requirements  of 
stretched  family  members,  but  -  of  course  -  it  can  be  used  also  for  payload/range  flexibility  on  the 
basic  version,  if  required. 

Again,  the  design  point  is  the  same  on  both  versions  218  pax,  4000  nm  Payload  -  range  effects,  of 
course,  are  the  same  as  described  under  the  basic  versions.  It  is  worth  mentioning,  however,  that  the 
CMR1-300  has  available  some  extra  fuel  volume  from  its  stretch,  whereas  the  fuel  volume  on  the  RK- 
300  was  already  designed  into  the  basic  version. 

Economics  —  Fuel  Price  Assumption:  As  hydrogen- fuel  led  aircraft  are  in  an  early  stage  of 
development  there  is  quite  a  number  of  years  ahead  until  this  type  of  aircraft  could  enter  service. 

It  may  be  that  there  will  be  various  reasons  to  develop  the  LH2  technology  for  aeronautical  use,  like 
political  initiatives  in  order  to  protect  the  environment  locally  and  or  globally,  increase  of  kerosene 
price.  As  this  analysis  should  not  depend  on  vague  speculations,  political  initiatives  have  not  been 
taken  into  consideration. 

Therefore,  an  estimate  of  future  price  trends  on  LH2  /  kerosene  fuel  was  established  and  this  was  made 
the  reference  for  basic  COC  /  DOC  trends  of  LH2  and  kerosene  aircraft.  When  comparing  the  cross 
over  points  of  the  fuel  cost  curves  and  the  COC  curves  it  is  found  that  the  year  of  cross  over  is 
identical  -  for  all  practical  purposes  (2037  /  2038). 

It  may  be  assumed,  therefore,  that  in  terms  of  economic  performance  the  H2  version  CM  R 1-200  is 
almost  identical  to  the  reference  kerosene  aircraft  RK-200. 

As  it  is  assumed  that  the  aircraft  price  is  dependent  on  the  aircraft  OWE,  and  as  the  H2-variant  is  some 
26%  heavier  than  the  kerosene  version  the  cross  over  point  of  the  DOC  curves  -  relative  to  fuel  and 
COC  -  move  two  years  farther  into  the  future  (2040). 

An  energy  (block  -  fuel)  comparison  came  to  the  result  that  the  energy  used  by  the  H2  version  on  one 
hand  and  the  kerosene  version  increases  by  6%  to  10%  on  the  H2  side,  depending  on  the  mission 
range  and  on  the  member  of  the  family  considered. 

The  LH2  aircraft  takes  oft' at  a  higher  weight  than  the  kerosene  version  on  short  ranges.  However,  the 
difference  between  the  two  is  decreasing  as  stage  length  is  increasing,  and  at  design  range  the  LH2 
MTOW  is  even  slightly  below  that  of  the  kerosene  aircraft. 

This  results  from  the  effect  that  the  mission-weights  of  both  versions  come  closer  to  each  olher  at 
longer  ranges  in  consequence  of  that  the  LH2  fuel  is  less  heavy  than  kerosene. 


Long  Range  Aircraft  and  Very  Long  Range  Aircraft, 

For  die  "'Long  Range  Aircraft”  and  '"Very  Large  Long  Range  Aircraft”  the  tank  can  be  placed  in  the 
front  and  aft  part  of  the  fuselage.  The  very  large  long-range  aircraft  is  very  similar  to  the  one  shown, 
except  a  three-deck  layout  in  order  to  remain  within  the  80x80x80  box. 

Further  Discussion 

Finally  a  check  on  the  various  solutions,  an  extensive  parametric  study  was  performed  on  the 
allowable  combinations  of  fuselage  cross-section,  passenger  capacity  and  design  range.  It  appeared 
that  all  designs  confirm  their  validity  . 

All  aircraft  designs  have  been  compared  to  check  their  consistency.  The  tank  layouts  have  already 
been  discussed.  The  design  weights  show  a  remarkable  trend  of  almost  constant  OWE  versus  MTOW 
fraction  of  0,68.  i.e,  independent  of  aircraft  category  or  size  (Picture  10). 

The  consistency  in  operational  cost  penalty  to  be  paid  for  the  improvement  in  emissions  has  been 
investigated.  Considering  the  fact  that  no  technology  jump  is  required  for  implementation  of  LH2. 
aircraft  prices  have  been  estimated  on  basis  of  empty  weight  only  and  no  additional  development  costs 
have  been  incurred.  The  production  price  of  LH2  was  assumed  to  come  down  from  a  high  factor  5 
more  expensive  than  kerosene  now'  to  equal  in  2037,  based  on  the  same  energy  content.  The  energy 
consumption  increase  of  LH2  aircraft  is  dependent  on  aircraft  category  due  to  the  efficiency  of  the 
various  tank  layouts. 

All  these  considerations  combined  lead  for  a  1000  nm  mission  to  a  25  %  higher  DOC  now,  decreasing 
to  a  break-even  point  in  2040,  Obviously,  this  outcome  is  heavily  dependent  on  fuel  price 
development  of  both  fuel  types. 

Unconventional  Configurations 

A  score  of  configurations  has  been  screened  on  their  suitability  for  LH2  application.  It  surfaced  very 
soon  that  none  exhibits  those  characteristics  that  met  the  requirement  of  carrying  volume.  Only  one 
configuration,  "the  twin  boom”,  was  promising.  As  a  comparison,  the  blended  wing  body  (BWB)  was 
studied  as  well  in  the  of  Medium  Range  Aircraft  category.  In  the  end  it  appeared  that  none  is  superior 
to  the  conventional  configuration.  For  the  twin  boom  configuration  the  large  external  tanks,  leading  to 
high  profile  and  interference  drag. 

At  the  end  it  turned  out  that  all  for  all  unconventional  configurations,  selected  for  this  study,  no 
advantage  against  the  conventional  configurations  was  obvious. 


General  conclusions 

Various  lank  layouts  appeared  to  be  optimal  depending  on  aircraft  category.  Crucial  element  is 
balancing  of  the  aircraft's  center  of  gravity.  Due  to  the  large  and  heavy  tanks,  aircraft  empty  weight 
will  go  up  by  some  25%  compared  to  kerosene  aircraft.  However,  due  to  the  light  LH2  maximum 
take-off  weights  will  go  down.  As  a  consequence  of  the  bulky  tanks  the  energy  consumption  increases 
as  well,  resulting  in  a  25  %  increase  in  DOC  as  of  today  for  a  1000  nm  mission.  When  LH2  production 
cost  drops  to  the  level  of  kerosene  price,  DGC's  for  LH2  and  kerosene  fuelled  aircraft  may  reach  a 
crossover  point  at  about  2040. 
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Picture  1:  Range  of  Aircraft  Categories,  which  have  been  subject  of  this  Project.  Domier,  Alenia. 
Airbus  Deutschland.  Cranfield  and  TU  Delft  have  been  the  partners  within  this  work  package) 
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Picture  2:  Family  Concept  for  S/M  range  Aircraft 


Picture  3:  Small  Regional  Aircraft, 


Picture  4:  Regional  Turboprop  Aircraft 


Picture  5:  Regional  Jet  Aircraft 


Picture  6:  S/M  Range  A/C  First  proposal  Picture  7:  Revised  configuration 


Picture  8:  Cross  section  R-200 


Picture  9:  Cross  section  of  RCK(  1  )-200 
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Picture  10:  Fraction  of  OWE/MTOW, 
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Picture  1 1:  Dependencies  between  operating  weight  empty  and  max.  take  off  weight,  when  H2 
applied  on  the  Aircraft. 
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Picture  12:  Change  of  energy  consumption  for  H2  fuelled  aircraft. 


Economics  -  DOC  Comparison 

DOC 
($mtp> 

34000 

32000 

30000 

28000 

26000 

24000 

22000 

20000 

1990  2000  2010  2020  2030  2  0  4  0  2050  2060  Year 

Picture  13:  Calculated  beak  even  point  in  case  of  RK-200ER  and  CMR-200ER 


Picture  14:  Blended  Wing  Body 
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The  Vision 


The  vision  is: 

To  achieve  long  term  continuing  growth  of  civil  aviation 

until  every  man  and  woman  on  earth  can  fly  as  often  and  as  far  as  they  want, 

and  when  doing  so,  do  no  harm  to  other  human  beings  , 

or  to  the  environment. 
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Energy  Source 


Production 


Distribution 


Storage 


Natural  Gas 


Pipelines 

Cryogenic  Tankers 
Gaseous  Tankers 
Ship 
Rail 


Liquid  Storage 


Oil 


Reforming 


Biomass 


High  pressure 


•  Nuclear  Power 


•  Renewables 


Electrolysis 


Metal  Hydride 
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The  market  of  hydrogen 


Worldwide  more  than  54  Mt  is  produced  and  consumed  per  year. 

54Mt  H2  equals  in  terms  of  energy  ISI  Mt  Kerosene 


75%  for  the  ammonia  industry 
8%  for  the  production  of  methanol 

1%  for  hydrogen  as  an  energy  carrier 


Furthermore  l-U  plavs  an  important  role  in  the  following  industries  like: 


The  production  costs 


The  costs  of  H2  depends  on  several  aspects  like  the  way  it  is  produced,  the  amount 
and  the  distance  of  transportation. 


H2  =  33,33  kWh/kg 


Technique 

Costs 

Natural  Gas  Fteforming 

|34  ■ 

Cent/  kWi 

Bedrotysis/  Hydropower 

945 

Cent/  kWi 

Bedrotysis/  Wndpcwer 

8-25 

Cent/  kWi 

Bedrotysis/  Solarpower 

33-75 

Gent/kWi 

Biogas  Fteforming 

4-9 

Cent/kWi 

Electrolysis  process  needs  300ml  demineralised  water  per  kWh  H2 

I 

The  cost  of  the  liquefaction  process  is  between  0,35  Cent  to  3€  per  kg,  depending 
\  on  the  size  of  the  liquefier.  (3  t/day  to  40  t/day) 

i 

I  Since  fuel  cells  have  an  electrical  energy  efficiency  of  almost  50%. 

jj  2kWh  of  H2  ->  1  kWh  of  electrical  power 


Hydrogen  gas  stations  for  automobiles  June  2006 


H2  liquefaction  worldwide 


/ 


Built  up  due  to  natural  gas  resources  feasible. 

/ 


No  liquefiers  for  but  for  hehum  existing 
Built  up  due  to  He  mfrestructum  practicable 


NDrv*mi»Hf  20DG 


Page  a 


Indications  -  Oil  peak  scenarios 


•  Oil  production:  different  scenarios 

Source:  USGS 


Market  of  commercial  aircraft 


World  annual  traffic 


Trillions  RPKs 


Is  driven  by  wealth 


iii 


Large  potential  for  future  growth  in  air  travel 
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Traffic  an  Population 


Status  1994 


41%  of  37%  of 

Passenger-km  World  Population 


History  (1) 


1 


1937  Dr*  v*  Ohain  rig-tests  He-S-2  experimental 
turbojet  engine  on  hydrogen 

1955  Report  of  NACA  -Lewis  Flight  Propulsion 
Laboratory  on  the  potential  of  hydrogen 

1957  US  Air  Force  B  57  bomber  flight  tests 

1950ies  Lockheed  studies  on  Mach  2*5  recon- 
naisance  airplane 

1970ies  Studies  by  NASA  Ames;  Institute  of  Gas 
Technology;  Linde/Union  Carbide 
Corporation,  Lockheed,  and  others;  civil 
transport  aircraft,  safety  aspects 

1988  First  flight  of  Tupolev  Tu  155  Laboratory 
aircraft;  proves  principal  feasibility 
of  transport  aircraft  flying  on  Liquid 
Hydrogen  and  Liquid  Natural  Gas, 
respectively  (LNG  is  main  interest  of 
Russia) 

1990  Daniel  Brewer  publishes  “Hydroge 
Aircraft  Technology” 
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History  (2) 


Configuration  (1)  for  Feasibility  Study 

Configuration  £2)  for  Feasibility  Study 
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1990  German-Russian  Cooperation  (DASA, 
Tupolev,  Kuznetsov  and  others) 
initiated 

1990/93  German-Russian  “Feasibility  Study”  - 
CRYOPLANE  based  on  A310  defined 

1992/96  EQHHPP  Combustion  Chamber  Tests 

1994/99  EU/INTAS  Tank  TestsfTupolev,  with 
DA  and  Air  Liquide) 

1994/99  APU  Tests  (FH  Aachen,  with  DA  and 
Allied  Signal) 

1995/98  German/Russian  studies  for 

Demonstrator  Aircraft  based  on  Do  328 


1 996/99  ISOrrC  1 97  WG4  “Airport  Hydrogen 
Refuelling  Facility” 


1998  Daimler  Benz  DASA  Top  Management 
orders  Project  Manager  to  initiate  a 
European  R&D  Program 
lfSystem  Analysis1* 


1 999  Project  preparation  Cryoplane 
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Cryoplane  -  System  Analysis 


Project  within  5th  Framework  Program  of 
European  Commission,  targeted  at 
“Sustainable  Growth”. 

Comprehensive  systems  analysis  to  provide 
decision  basis  for  future  technology 
development.. 

Covers  configuration,  systems  &  components, 
propulsion,  safety,  environmental  compati¬ 
bility,  fuel  sources  &  infrastructure,  transition 

36  partners  from  industry,  research  and 
academia,  from  11  European  countries. 

Total  project  time  26  months. 

Start  of  project:  1.  April  2000 

Final  meeting  in  May  27th  and  28th,  2002 


Work  Packages 


Work  Package 

Task  Owners 

1  Project  Management 

Airbus*,  MTU 

2  ("Aircraft  Configuration  ) 

DUT,  Airbus*,  Alenia,  CIRA,  Fairchild  Dornier, 
Cranfield  Uni  CoA 

3  Systems  and  Components 

AirLiquide,  Airbus*,  Thales,  TUHH,  Grimm, 

SNECMA,  JRC  Ispra,  Delft  UT,  Advanced, 

Ml  Developments,  MTU,  Techspace  Aero. 

4  Propulsion 

Cranfield  Uni  SME,  UP  Madrid,  FH  Aachen, 

SNECMA,  DIEHL  Aeronautics 

S  Safety 

JRC  Ispra,  SNECMA,  BAM, 

CIRA,  Airbus* 

6  Environmental  Compatibility 

Uni  Thessaloniki  LAP,  DLR,  Ui  Oslo,  Fraunhofer  IFU 

'■ 

Assessment 

Uni  Thessaloniki  LHTEE 

j 

7  Fuel  Sources,  Infrastructure 

TUHH,  JRC  Ispra,  Linde,  Air  Liquide, 

Cranfield  Uni  CoA 

f 

8  Transition  Scenarios 

FOI,  TU  Berlin, 

1 

Shell  Hydrogen,  JRC  Ispra 

s 

9  Trade-off  Slush  Hydrogen 

MagnaSteyr,  Airbus* 

i 

*  (Airbus  includes  all  Airbus  entities) 
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Aircraft  Configuration 


•  WP  on  configurations  is  split  into  two  main  groups  of  tasks 

►  Conventional  aircraft  configurations 

►  Unconventional  aircraft  configurations 
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•  Objectives: 

►  To  prove  the  possibility  of  the  use  of  H2  as  an  alternative  fuel  in 
different  aircraft  categories 

►  To  meet  the  requirements  of  efficient  and  safe  operation  from 
„ Business  Jets1'  to , .Large  Long  Range  Aircraft'* 

►  To  analyze  the  performance  and  the  DOC  compared  to 
conventional  aircraft 
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Comparison  of  Fuels 


Conclusion  for  the  use  of  H2  on  the  Aircraft 


i 

1 


1 


i 


Fuel  masses  of  same  energy  content 


4  :  1 


•  Burning  hydrogen  produces  water  - 
the  cycle  is  closed. 

•  Hydrogen  offers  a  high  energy  content  per 
mass,  hence  promises  payload  or  range 
increase  for  aircraft. 


But 

*  For  aviation,  hydrogen  must  be  cooled  down 
to  the  liquid  state  (LH2,  ~253°C)  for  reasons  of 
volume  and  weight  of  tanks. 

•  LH2  needs 

-  4  times  greater  volume  than  kerosene 

-  Very  good  insulation  of  tanks,  pipes  „„ 

-  Tanks  under  some  differential  pressure 

-  Spherical  or  cylindrical  tanks 

-  New  aircraft  configuration 

Novambw  2006  Page  20 


To  be  Considered  for  Change  on  Aircraft 


Systems 

Fuel  System:  Tanks,  Pipes,  Valves,  Pumps.  Vents .... 
Fuel  Control  System  ;  Sensors,  Control  Box,.,. 

Fir©  Protection  Sensors,  Ventilation,  Control  Box,., 


Airframe 

Tank  support,  local  strong htening  fuselage,  fairings 
Fuselage  stretch  to  accomodate  increased  payload 
Strong  htening  of  wing  structure 


i 

t 
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Power  plant 

High  Pressure  Pump,  Heat  Exchanger, 

Fuel  Flow  Control  Valve,  Combustion  Chamber 
Control  Box,  Oil  Cooler 
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Business  Jet  -  12  pax  -  3500  nm 


Small  Regional  Aircraft  -  44  pax  -  1 500  nm 


/\ 


Standard  Regional  Aircraft  -  70  pax  -  2000  nm 


i 

i 

j 
i 

□  Liquid  Hydrogen  Tank 
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Standard  Regional  Aircraft  -  70  pax  -  2000  nm 


! 

i 


s 

t 

f 

I 

l 

u 


Cryoplane  Design 


i  HO 


I100G 


Regional  Jet 
Three  View 
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CRYRJET  200 


□  Liquid  Hydrogen  Tank 


Medium  Range  Aircraft  -  185  pax  -  4000  nm 


Medium  Range  Aircraft  -  185  pax  -  4000  nm 


i 

! 

f 
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Engines1  fuel  supply  pipes 
are  outside  of  pressurized  fuselage 
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Long  Range  Aircraft  -  380  pax  -  8500  nm 


□  Liquid  Hydrogen  Tank 
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Large  Long  Range  Aircraft  -  550  pax  -  8500nm 


Summary  of  Configurations 


Tank  behind  rear 

Pressure  bulkhead 

Tank  behind  rear 
Pressure  bulkhead 
+ 

Tanks  on  top  of 
fuselage 


Increasing  Range 


Tank  behind  rear 
Pressure  bulkhead 
+ 

Tank  in  front  part 
of  fuselage 


Tank  behind  rear 
Pressure  bulkhead 
+ 

Tanks  on  top  of 
Fuselage 
+ 

Tank  in  wing  root 


Unconventional 
Configuration  - 
Blended 
Wing-Body? 


Not  attractive  foi 
small  aircraft 


Oversized 

Wing 


Only  for 
Large  aircraft? 


§ 

# 

s 


Prepared  HG  Klug  July  2001  on  the  basis  of  "System  Analysis" 
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OWE  -  Operating  Weight  Empty 
MTOW  -  Max.  Take  Of  Weight 


dfOWEKpuc.nm 


45.0% 


□  dtowE^P^  nm 

■  d(MTOW)/pax.nm 


35.0% 


25.0% 


15  0% 
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Business  Jot  Small  Regional  Regional  Regional  Jet  Medium  Range  Long 

Aircraft  Propeller  Aircraft  Aircraft  Aircraft  Ain^|^ 


-15.0%  ■ 
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Change  in  Energy  Consumption 


d(Energy)/  pax  nm 


35% 


34% 


o% 


Business  Jet 


Small  Regional  Regional  Propeller  Regional  Jet  Medium  Range  Long  Range 
Aircraft  Aircraft  Aircraft  Aircraft  Aircraft 
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Unconventional  Configurations 


Unconventional  Configurations 


TOTAL  Useable  Volume  193  m3 


35m3 
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Economics 


Economics  -  DOC  Comparison 

DOC 


RK  -  reference  kerosene.  200  pax 
CMR  -  reference  cryoplane.  200  pax 


Calculated  break  even  point  in  case  of  RK-200ER  and  CMR-200ER 
Conclusion  is  based  on  medium  scenario  and  data  from  2001 
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Conclusion  on  Configurations 


•  Practical  configuration  available  for  all  categories  of  airliners 

•  No  “standard  configuration”  for  all  categories  of  airliners 

•  Max  TO  Weight  of  long  range  aircraft  some  15%  smaller  than 
for  kerosene 

•  Operating  Weight  Empty  increased  by  some  20-25% 

•  Specific  energy  consumption  increased  by  8-15% 

(more  wetted  area,  higher  mean  flight  weight) 

•  Unconventional  configurations  to  be  revisited.  Better  integration  of  new 
technology  needed. 


Systems 


Tanks 

Structural  material:  Steel?  Aluminium-Lithium?  Composites? 
Insulation:  Closed  cell  foam?  Foam,  perlite  powder  under  vacuum? 
“Super  vacuum  insulation”?  Refrigerated  screen? 

Challenges:  Heat  loss/pressure  operating  cycle;  stratification; 
sloshing;  heat  bridges  (structural  support) . 


Pumps 

Low  Pressure  Pump:  Inlet  pressure  >1.„1.2  bar  (cavitation!); 

Head  appr.  3  bar;  appr.  13  000  rpm;  variable  speed  electric  motor, 
gear  box. 

High  Pressure  Pump:  Inlet  pressure  appr.  4  bar;  head  appr.  80  bar 
at  TO;  150  000  rpm;  driven  from  Engine  Accessory  Box;  86  kW 


Heat  Exchanger 

Necessary  to  ensure  gaseous/”fluid”  state  at  injection; 
installation  in  hot  gas  stream  behind  turbine  first  choice; 
“intermediate  compressor  cooling”  would  improve  engine 
efficiency. 

Challenge:  Heat  exchanger  skin  temperature  cannot  avoid 
frosting /icing 


Source  SNECMA/AirLtquiderrU  MuncherV  Airbus  Deutschland  -  "System  Analysis  2000/2002" 
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Engines  (1) 


New  for  the  Hydrogen  Engine: 


High  Pressure  Fuel  Pump 
Heat  Exchanger 
Fuel  Flow  Control  Valve 
Fuel  Distribution  Pipes 
Fuel  Nozzles 
Combustion  Chamber 
Engine  Controller 
Oil  Cooler 
Purging  System? 
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Engines  (2) 


ftK  Theoretical  Flame  Temperature 


Primary  Combustion  Zone  Equivalence  Ratio 

Prepared  by  DAS  A  Airbus  HK  fl  T2  1 999 


Lean 


^  Rich  Mixture 
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Engines  (3) 


Emission  index 

g  NOx  /  kg  Kerosene  equivalent 
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•  EQHHPP  =Euro  Quebec  Hydro  Hydrogen 
Pilot  Project,  sponsored  by  EC  and  the 
province  of  Quebec,  Canada 

•  Low  Nox  combustion  technology  1992  - 1996 

•  Participants:  Pratt&Whitney  Canada,  United 
Technology  Research  Center,  DLR,  Allied 
Signal,  Daimler  Benz  Aerospace,  FH  Aachen 

Tests: 

•  Generic  nozzle  tests  (steady  state  combustion) 
9  Nozzle  array  tests  (steady  state  combustion) 

•  Transient  combustor  tests 

Conclusions: 

•  Optimized  High  Swirl  Nozzles  offer  very 
significant  reduction  in  NOx  compared  to 
kerosene  engines 

•  Premixing  offers  extremely  low  NOx  emissions 
9  Safe  operation  feasible  also  for  premix  system 


Engine  Pressure  Ratio 
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Engines  -  NOx  Emissions  at  Take-off 


I 


Pressure  Ratio  □ 

Source:  FH  Aachen,  “System  Analysis  2000/2002" 


NovemtMw  20dftreparect%yi  Wog  Si 


Engines  -  Micro  Mix  Combustion  Chamber,  FH 
Aachen 


1  Kerosene,  Original  Combustion  Chamber 

2  Hydrogene,  Nozzles  exchanged 

3  Hydrogen,  Micro-Mix  Chamber 

4  Hydrogen,  improved  Micro-Mix  Chamber 
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Safety  -  General  Aspects 


#  Psychological  problem  primarily. 


Danger  Zones  of  Spilled  Liquid  Gases 


#  In  free  atmosphere,  hydrogen  rises  quickly,  hence 
small  danger  zone  if  hydrogen  leaks  out/  is  spilled. 


Example:  13m1  Liquid  Gas  Spilled  *  4m/sec  Wind 


i 


#  Hydrogen  will  bum  at  concentrations  significantly 
below  the  limit  tor  detonation. 

#  No  detonation  in  free  atmosphere. 

Will  not  form  a  fire  carpet, 

#  Fast  burning,  very  low  heat  radiation. 

m  Not  toxic.  Combustion  products  not  toxic. 

Practical  Experience: 

#  Large  scale  test  over  decades,  involving  millions  of 
laymen:  Town  Gas  contained  appr.  60%  hydrogen. 

#  ‘‘Worst  case  tests'1  for  car  tanks  successful 
(BAM  Berlin/  BMW). 

e  Side-by-side  tests  at  University  of  Miami  prove  clear 
safety  advantage  of  hydrogen  vs.  gasoline. 


#  Excellent  safety  record  for  LH2  related  tanks/ 
tank  trailers/test  instaJJati&ns* 
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Comparative  Safety  Tests 


Hydrogen 

Gasoline 

f  q  _^o  H  n_  r\ 

Photo1  Tutu?  0»Tiin  0  sac  Mviirogoo  powered  vehicle  cm  Ifse 
trh  rrcirtitrotl  ytilurJo  on  ino  ri-gift 


Pnoia  2  ■  0  mm  3  second*  .  igmrmii  of  Dtun  fuels  occur 

Hydrogen  Mow  rj|e  3CFM  Mow  rate  fiJO  st,  mth 


History 


L 

*  Airship  floating  at  GO  m  over  ground  when  fire 
started. 


*  No  explosion,  but  1  minute  of  fire  until  airship 
settled  on  ground. 

1 

;*  97  persons  on  board  (crew  plus  passengers) 

\ 

•  62  persons  surviving! 


*  German  Airship  "Hindenburg"  destroyed 
06.5.1937  at  Lakehurst,  USA,  during  landing. 

•  Airship  contained  about  200.000  m3=  18.000  kg 
of  gaseous  hydrogen. 


•  According  to  latest  research,  static  electricity 
set  fire  to  highly  flammable  impregnation  of 
fabric  cover . 


Environment  -  Combustion  Products  -  Kerosene  vs. 
H2 


*  Fuel  masses  of  identical  energy  content 
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Comparison  on  Green  House  Emissions 


Simplified  Parametric  Analysis  based  on  GWP  Concept 


13  m 
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Infrastructure 


•  During  tests,  demonstration  and  early 
operation:  LH2  could  be  dispensed  from 
conventional  tank  trailer  (above), 

•  Long  term  solution:  Production  and 
storing  of  LH2  at  airport,  distribution  by 
pipeline  system  (below), 

•  Servicing/refuelling  of  aircraft  at  terminal. 
Refuelling  within  normal  turn-around  time 
(see  experience  with  refuelling  of  cars!) 


•  Current  view;  Aircraft  designed  for  12  hrs 
on  ground  before  spilling  hydrogen. 
Thereafter:  catalytic  combustion  or 
collection/recooling/recirculation  by 
ground  vehicles/system, 

•  LH2  production  capacity  in  Europe  today: 
19  t  per  day;  USA:  170  t  per  day. 

Full  intra-European  air  traffic  would 
require  some  30.000  t  per  day! 

•  Long  transition  time  to  build  up 
infrastructure. 
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..Prediction  is  extremely  difficult. 
Especially  about  the  future.” 

Niels  Bohr 


Thank  you  for  your  attention 
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Fluids 


Values  of  liquid  conventional  and  aftemative  fuels 
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Values  of  gaseous,  conventional  and  alternative  fuels 
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ABSTRACT 

The  features  of  nonequilibrium  processes  in  combustor,  postcombustor  flow,  and  in  the  plume  of  gas- 
turbine  engines  which  are  responsible  for  the  formation  of  gaseous  pollutants,  mainly,  SO,,  NO,,  CO„ 
HO„  HSOy,  HNOy,  and  ions  as  well  as  for  processes  that  give  rise  various  sorts  of  volatile  and 
nonvolatile  (with  soot  core)  aerosols  and  ice  particles  are  considered.  The  results  of  numerical 
simulation  as  well  as  experimental  studies  of  these  processes  are  reported. 

Key  words:  nonequilibrium  physico-chemical  processes,  combustor,  plume,  pollutants,  ions,  aerosols, 
atmosphere. 


INTRODUCTION 

The  aviation  is  the  source  of  gaseous  and  particulate  emissions  into  the  atmosphere.  The  number  of 
species  emitted  by  jet  engine  is  much  enough  and  depends  on  a  kind  of  a  fuel  and  on  an  engine 
design.  The  emission  from  aviation  engines  is  significantly  smaller  (in  a  factor  of  40-50)  than  that 
from  surface  sources.  However,  because  the  emissions  of  aircraft  engines  occur  in  the  atmospheric 
regions  (high  troposphere  and  low  stratosphere),  which  are  very  sensible  to  various  perturbations,  the 
problem  of  aviation  effect  on  atmospheric  processes  and  climate  change  has  come  into  great 
importance  (!]. 

The  impact  of  aviation  on  the  atmosphere  is  under  way  through  the  complex  of  interconnected 
processes.  In  present,  there  are  no  any  standard  limitations  for  the  concentrations  of  gaseous  and 
particulate  pollutants  emitted  by  aircraft  engines  at  cruise  altitudes.  Nevertheless,  it  is  believed  that 
emissions  of  different  gaseous  species  and  aerosols  by  aviation  engines  are  of  reverence  to  the  impact 
of  aviation  on  atmospheric  chemistry,  ozone  depletion,  and  climate  [1-3].  Numerous  model 
investigations  showed  that  gaseous  species,  mainly  NO,,  HO„  CO„  SO,,  organics,  emitted  from 
aircraft  engine  as  well  as  combustion  and  newly  formed  in  the  exhaust  plume  aerosols  may  influence 
significantly  the  total  ozone  concentration,  cloudiness.  Earth’s  radiation  budget,  and  climate. 

The  ozone  layer  is  a  term  that  refers  to  the  distribution  of  ozone  that  is  naturally  formed  in  the 
stratosphere.  This  layer  protects  life  on  Earth  from  harmful  levels  of  solar  ultraviolet  radiation. 
Climate  is  defined  as  the  typical  behavior  of  the  atmosphere,  the  aggregation  of  the  weather,  and  is 
generally  expressed  in  terms  of  averages  and  variances  of  temperature,  precipitation  and  other 
physical  properties.  Climate  is  being  affected  by  human  activities  that  emit  radiatively  active 
substance  such  as  greenhouse  gases  or  aerosol  particles.  Greenhouse  gases  in  the  atmosphere  absorb 
infrared  radiation,  especially  in  the  “atmospheric  window”  region  from  8  to  12  pm.  that  would 
otherwise  escape  to  space.  This  trapped  radiation  warms  the  atmosphere,  creating  a  positive  radiative 
forcing  which  in  turn  warms  the  Earth’s  surface.  Aerosols,  on  the  other  hand,  scatter  or  absorb  solar 
radiation  and  prevent  it  from  reaching  the  Earth.  This  has  a  net  cooling  effect.  Together,  emissions  of 
greenhouse  gases  and  aerosols  destroy  the  existing  radiative  balance  of  the  atmosphere  and  alter  the 
heating  and  cooling  rate  of  the  Earth. 
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In  view  of  the  aviation  impact  on  the  atmosphere,  the  following  gaseous  species  can  play  the  most 
important  role:  NOx  (N0+N02),  HNOy  (HN02+HNG3).  SOx  (S02,  S03).  H2S04,  HOx  (OH,  II02, 
H>0).  COx  (CO,  C02),  and  nonmethane  hydrocarbons.  The  elements  of  NOx  and  HOx  groups 
participate  in  the  catalytic  cycles  of  ozone  destruction  and  the  abundance  of  the  species  HN02,  HN03, 
and  N02  as  well  as  H20  can  results  in  a  broadening  of  the  polar  stratospheric  cloud  formation  areas 
due  to  appearance  of  additional  HNOj  and  H20  in  Polar  Regions.  The  element  of  C0X  group 
(especially  C02)  and  hydrocarbons  are  greenhouse  gases  and  alfect  the  Earth's  radiative  balance. 

Besides  the  gaseous  species,  aircraft  engines  emit  aerosol  particles  and  aerosol  precursors.  Soot  and 
metal  particles  are  directly  emitted  by  aircraft  engines.  Soot  particles  arc  believed  to  be  the  most 
important  aviation  aerosols  impacting  contrail  and  cirrus  cloud  formation.  As  Lohmann  and  Feichter 
pointed  out  in  a  recent  review  of  the  global  indirect  aerosol  effects  [3],  black  carbon,  which  is  a  major 
constituent  of  carbonaceous  particles  emitted  from  incomplete  combustion  processes,  contributes  to 
the  direct  aerosol  radiative  effect  by  absorption  of  visible  radiation  which  results  in  a  net  reduction  in 
shortwave  radiation  and  thus  a  negative  forcing  at  the  surface  [3],  At  the  top-of  atmosphere, 
carbonaceous  particles  exert  a  positive  forcing.  This  effect  can  be  amplified  if  absorption  of  solar 
radiation  by  carbonaceous  particles  occurs  within  cloud  droplets.  Since  aerosol  particles  are 
predominantly  a  complex  internal  mixture  of  chemical  substances,  the  effects  of  coating  insoluble 
black  carbon  particles  with  soluble  organic  or  inorganic  species  may  have  a  strong  effect  on  the  cloud 
condensation  nuclear  (CCN)  activation  of  those  particles.  The  knowledge  of  the  coating  effects  is  in 
turn  a  prerequisite  for  an  adequate  treatment  of  carbonaceous  particles  in  global  climate  models. 

The  newly  formed  in  the  exhaust  plume  aerosols  are  mainly  the  sulfate  volatile  aerosol  particles.  The 
formation  of  sulfate  (H2O/H2SO4)  liquid  small  droplets  (diameter  of  1-10  nm)  in  generally  caused  by 
emission  of  condensable  gases  such  as  water  vapor  (H20)  and  gaseous  H2S04  or  S02  and  S03  which 
can  be  converted  to  1I2S04.  Besides  oxidized  sulfur  in  different  forms  (SOx.  H2S04)  and  water  vapor, 
aerosol  precursors  emitted  by  aviation  engine  include  chemi-ions,  HN03,  and  unburned  hydrocarbons 
(organics).  A  number  of  modeling  studies  have  demonstrated  that  the  emission  of  sulfur  oxides  (SO;, 
S03)  and.  especially,  of  sulfate  aerosol  particles  can  considerably  affect  the  surface  area  of  the  sulfate 
stratospheric  aerosol  layer.  Moreover,  the  emission  of  sulfate  aerosol  particles  into  the  stratosphere 
caused  by  the  fleet  of  supersonic  high-speed  civil  transport  aircraft,  known  as  HSCTs.  can  result  in 
ozone  depletion. 

In  order  to  obtain  the  required  information  about  pollutants  emitted  by  aircraft  engines  it  is  needed  to 
conduct  the  investigations  on  the  following  topics:  (I)  formation  of  SOx,  I  ISO,,  NOx,  HNO,,  HOx, 
CxHvO,  species,  ions,  and  soot  particles  during  the  burning  of  high-order  hydrocarbons  (aviation 
kerosene)  with  air  in  aero-engine  combustor:  (2)  evolution  of  gaseous  and  particulate  species  (soot 
particles)  in  the  postcombustor  flow  of  jet  engine;  (3)  generation  of  ionic  clusters  and  binary 
H20/H2S04  (or  ternary  H20/H2S0VHN03,  H20/H2S04/organics)  volatile  aerosols  in  aircraft  plume, 
formation  of  the  coverage  onto  soot  particle  surface,  and  condensation  of  water  vapour  on  activated 
large  soot  particles;  (4)  freezing  of  soluble  material  accumulated  on  the  surface  of  soot  particles  and 
contrail  formation. 

The  general  objective  of  this  paper  is  to  discuss  the  nonequilibrium  processes  in  the  combustor  and  in 
the  postcombustor  flow  of  gas-turbine  engine  that  are  responsible  for  gaseous  pollutant  formation  and 
processes  that  give  rise  various  sorts  of  volatile  and  non-volatile  (with  soot  core)  aerosols  and  ice 
particles  in  the  plume. 


FORMATION  OF  GASEOUS  SPECIES,  CHEMI-IONS,  AND  SOOT 
PRECURSORS  IN  AVIATION  COMBUSTOR 


In  present,  for  commercial  aircraft  engines  the  aviation  kerosene  is  used  as  a  fuel.  Aviation  fuels  are 
comprised  of  numerous  hydrocarbons  such  as  n-parafins,  iso-paraffin,  naphtene  (cycloparaffin). 
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aromatics,  alkenes,  and  sulfur  in  a  trace  amount  [4].  Table  1  fists  the  properties  and  average 
composit  ion  of  the  typical  aviation  fuels.  Different  surrogate  blends  have  been  proposed  to  model  the 
ignition/combustion  of  aviation  fuels  [4].  For  example  the  possible  JP-8  surrogate  consists  of  5%  iso¬ 
octane,  5%  methyl  cyclohexane.  5%  m-xylene,  5%  cyclooctane,  15%  butyl  benzene,  15%  tetradecane, 
10%  hexadecane,  5%  butyl  benzene,  5%  tetralin,  5%  1-methyl  naptalen,  and  5%  I.  2,  4,  5-tetramethyl 
benzene.  The  complexity  associated  with  the  chemical  composition  of  kerosene-type  fuels  is  well 
recognized  [5],  and  a  detailed  computational  consideration  of  all  of  the  fuel  components  of  kerosene 
would  be  prohibitive.  Doute  et  al.  [6]  report  a  chemical  analysis  of  79-mol  %  alkanes,  10-mol  % 
cycloalkanes,  and  1 1  -mol  %  aromatics  for  the  fuel  utilized  in  their  investigation  of  kerosene  flames. 
As  was  shown  in  [5]  the  chemical  structure  of  n-decane  and  kerosene  flames  is  marked  similarities. 
Thus  the  chemical  composition  of  kerosene  may  be  modeled  by  a  surrogate  blend  comprising 
89-mol  %  n-decane  and  1 1-mol  %  aromatic  fuel,  example,  benzene,  toluene,  ethyl  benzene,  and 
naphthalene. 


Table  I.  Typical  aviation  fuel  properties 


Property 

JP-4 

JP-5 

JP-7 

JP-8 

(Jet  A/A-l) 

RP-I 

Approx,  formula 

CgsHjy 

C|;H;2 

C,;H25 

C„H2I 

Cl2Ha4 

H/C  ratio 

1.99 

1.87 

2.02 

1.91 

1.98 

Boiling  range 

140-460 

360-495 

370-480 

330-5 1 0 

350-525 

Freeze  point 

-80 

-57 

-47 

-60  JP-8/Jet  A-l; 

-50  Jet  A 

-55 

Avg.  composition 

Aromatics,  vol  % 

10 

19 

3 

18 

3 

Naphthenes 

29 

34 

32 

20 

58 

Paraffins 

59 

45 

65 

60 

39 

Olefins 

2 

2 

— 

2 

— 

Sulfur,  ppm 

370 

470 

60 

490 

20 

The  kinetic  model  for  kerosene  surrogate  blend  should  be  supplemented  by  reaction  mechanisms  of  S- 
and  N-containing  species  and  chemi-ions  (Cls)  formation.  Aviation  kerosene  contains  between 
0.001%  and  0.3%  sulfur  per  mass.  Sulfur  is  present  in  the  fuel  as  a  compound  of  aromatic  groups  of 
hydrocarbons.  During  the  oxidation,  the  various  S-containing  species  (in  the  fuel  lean  flame,  mostly 
SO,  (x=l.  2,  3)  and  HS03)  forms.  The  kinetic  model  should  describe  rather  accurately  the  proportions 
between  SO;,  S03,  and  HS03.  Such  a  model  was  developed  by  Starik  et  al.  [7],  The  point  is  that  the 
most  particles  forming  in  die  exhaust  plume  behind  aircraft  at  cruise  are  liquid  and  contain  sulfuric 
acid  [8],  and  some  condensable  hydrocarbons  [9].  The  formation  of  volatile  aerosols  in  the  aircraft 
plume  depends  on  the  concentration  of  gaseous  O.  OH,  SO;,  S03,  H2S04.  and  on  Cls  emitted  by  the 
engine.  The  concentrations  of  OH,  S03,  and  H2S04  at  core  engine  exit  depend  on  the  non-equilibrium 
chemistry  in  the  combustor  and  in  the  postcombustor  flow  from  the  combustor  through  the  turbine 
and  the  expansion  nozzle  to  the  engine  exit  [10,  II]. 

N-containing  species  are  generated  due  to  oxidation  of  air  nitrogen  in  the  high  temperature  region 
inside  a  combustor.  The  main  species  formed  in  an  aviation  combustor  are  NO  and  NO;.  The 
following  mechanisms  is  believed  to  be  responsible  for  NO,  production:  (1)  extended  Zel'dovich 
mechanism;  (2)  “promt  NO”  or  Fenimor  mechanism;  (3)  NO;  mechanism;  (4)  N;0  mechanism;  (5) 
NNH  mechanism.  The  extended  Zel'dovich  mechanism  involves  the  oxidation  of  N;  by  02: 
N;+0=NO+N,  N+02=N0+0  and  reaction  of  N  atoms  with  OH  radicals  N+OH=NO+H.  The  Fenimor 
mechanism  passes  via  HCN:  CH+N;=HCN+N,  0+HCN=N0+CH  and  occurs,  mostly,  in  a  fuel  rich 
flame.  The  N;0  mechanism  is  the  summation  of  NO  production  in  the  course  of  reactions  with  N20: 
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N20+CO=NCO+NO,  N20+H=NH+N0.  N20+0=2N0.  The  N02  mechanism  specifies  the  NO 
production  in  the  course  reactions  with  N02:  N02+C0=NC0+N0,  N02+0H=H02+N0, 
N02+H~OH+NO,  N02+0=N0+02,  N02+M=NO+0+M.  The  NNH  mechanism  involves  the  reactions 
with  HNO  and  N,Hy  species. 

Besides  the  NO  and  N02  formation,  the  kinetic  mechanism  of  N-containing  species  production  should 
describe  also  the  fonnation  of  N20,  HNO.  HN02.  HNOj,  NO3,  N,Hy,  proportions  between  NO  and 
NO:  and  between  NO,  (NO+N02)  and  NOy  (N0y=N0x+N20+N03+HN0y).  The  ratio  of  N02  to  NO, 
concentration  was  measured  in  the  exhaust  plume  for  several  aviation  engines  and  varies  from  5%  to 
25%  1 12].  The  NOy/NO,  concentration  ratio  is  close  to  0.01  [13].  The  quantitative  information  about 
HN02  and  HN03  emissions  from  aircraft  is  extremely  important  for  atmospheric  chemistry,  formation 
of  polar  stratospheric  clouds,  and  prediction  of  the  aviation  effect  on  the  atmosphere.  For  the  aviation 
combustor  operating  in  a  diffusion  mode,  the  Zeldovich  and  Fenimor  mechanisms  are  mainly 
responsible  for  NO  formation.  Also  the  N02  mechanism  plays  a  noticeable  role  in  the  NO,  production 
inside  the  combustor.  It  is  worth  noting  that  NO  and  N02  production  inside  the  aviation  combustor  are 
in  a  strong  interconnection.  The  N20  and  NNH  mechanisms  give  smaller  contribution  in  NO 
formation  [14]. 

In  order  to  predict  the  emissions  of  NO,,  CO„  and  unbumed  hydrocarbon  (UHC)  the  two  different 
approaches  has  been  developed.  One  of  them  is  based  on  semi -empirical  formulas  so-called 
correlation  models  that  include  the  pressure  and  temperature  of  the  gas  at  the  combustor  inlet  as  well 
as  the  residence  time  for  the  gas  inside  the  combustor  (see,  for  example  [15]).  l'he  other  one  is  based 
on  the  use  of  multi-reactor  models,  which  calculate  the  concentrations  of  NO,.  CO,.  HO,,  UHC,  and 
the  other  species  in  the  each  individual  reactor  by  using  the  detailed  kinetic  reaction  mechanism  1 14]. 
Note  that  this  approach  may  be  used  also  to  predict  the  emissions  of  S-containing  species  and  CIs.  To 
construct  the  reactor  model,  the  information  on  fields  of  the  temperature  and  other  flow  parameters 
inside  (he  combustor  is  required.  To  obtain  these  fields  the  three-dimensional  (3D)  numerical 
simulation  of  turbulent  combustion  using  the  C'FD  code  with  the  equilibrium  chemical  model  may  be 
applied.  Fig.  I  shows  the  temperature  field  inside  the  typical  aviation  combustor  (this  combustor  is 
similar  to  that  for  PC-90A  turbo-jet  engine)  computed  using  standard  STAR-CD  software  [14]. 
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Fig,  1 .  The  temperature  field  inside  the  conventional  aviation  combustor. 

The  simulations  have  demonstrated  that  predicted  NO*  emission  index  strongly  depends  on  the 
applied  kinetic  reaction  mechanism.  This  illustrated  by  the  data  on  the  measured  and  computed  using 
the  different  kinetic  models  [16-18]  the  NO*  emission  index  EINO*  (EINO*  “Gw,,  jG  t  ,  where 

Gm  ,  Gf  are  the  mass  flow  rates  of  NO*  and  fuel,  respectively)  for  typical  aviation  combustor 

operating  in  a  diffusion  mode  {gas  residence  time  of  6.7  msec,  the  pressure  of  1(T  Pa)  for  two  values 
of  the  temperature  at  the  combustor  inlet  7^=600  and  660  K  presented  in  Fig.2,  One  can  see  that  only 
the  prediction  using  the  DS  reaction  mechanism  is  consistent  with  experimental  data.  The  widely 
applied  GRI-Mech  3.0  and  Konnov  0.4  reaction  mechanisms  underestimate  the  NO*  emission 
considerably.  Furthermore,  the  GRI-Mech  3.0  and  Konnov  mechanisms  underestimate  the  NOVNO* 
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ratio  (the  predicted  value  of  this  ratio  is  as  small  as  1%),  The  DS  reaction  mechanism  predicts  the 
N02/NOx  ratio  of  5-10%  that  is  consistent  satisfactorily  with  experimental  data. 

For  modem  gas-turbine  engines  the  values  of  EINO,  vary  from  12  to  40  g/kg  fuel.  In  order  to  lower 
significantly  the  NO*  emission  up  to  EINO,=5-8  g/kg  the  lean  premixed  and  prevoparised  (LPP) 
technology  has  been  proposed.  In  LPP  combustor  a  homogeneous  burning  of  lean  fuel/air  mixture 
(equivalence  ratio  0.6-0. 5)  takes  place.  In  this  case,  the  maximal  temperature  inside  the  combustor 
does  not  exceed  2100  K.  that  is  significantly  smaller  than  that  for  traditional  diffusion  combustor 
(7^=2400  K).  This  reduces  the  rate  of  NO,  production  in  the  course  of  Zeldovich  mechanism. 
However,  the  LPP  combustor  exhibits  the  worse  re-light  and  blow-out  characteristics  as  compared  to 
conventional  diffusion  combustor. 

EINO„  g/kg 


Fig.  2.  Measured  and  predicted  using  different  kinetic  mechanisms  (GRI  3.0,  [16],  Konnov  0.4  [17], 
and  DS  [18])  NO*  emission  index,  EINOx,  as  a  function  of  the  combustor  inlet  temperature. 

Besides  SO,  and  NO,  species,  the  CO,  C02  and  unbumed  hydrocarbons  (C,Hy)  form  inside  the 
combustor.  The  emission  indices  for  various  species  depends  on  the  engine  power  setting.  The 
computations  carried  out  by  using  the  multi-reactor  model  [14]  exhibited  that  the  decrease  in  power 
setting  results  in  a  strong  increase  of  EICO  and  EIC,H,  and.  conversely,  in  decrease  of  NO,  and  C02 
emissions.  The  value  of  EIS02  does  not  depend  markedly  on  power  setting.  Table  2  lists  the  predicted 
emission  indices  for  NO,,  CO,  C,Hy,  S02,  S03,  species,  as  well  as  the  values  of  residence  time 
pressure  and  temperature  of  the  air  at  the  combustor  inlet  for  different  power  settings  at  FSC=0.04%. 


Table  2. 


^~~~~~-~^l>arameters 
Power  setting"'’^— 

P,  MPa 

r*K 

EINO,, 

g/kg 

EICO, 

g/kg 

E1C,H„, 

g/kg 

eiso2, 

&/kg 

eiso3, 

g/kg 

100% 

rre,=  13.63  ms 

2.14 

755 

36.4 

0.72 

0.06 

0.783 

0.0199 

85% 

13.78  ms 

1.88 

727 

29.2 

11.3 

1.2 

0.781 

0.0213 

30% 

Tm  =  14.78  ms 

0.89 

591 

12 

76.7 

12.9 

0.748 

0.0256 

7% 

t  =  1 7. 1 4  ms 

0.41 

485 

8.7 

105 

18.8 

0.723 

0.0205 

The  important  precursors  of  volatile  aerosol  particles  are  Cls,  which  form  in  the  combustor  during  the 
combustion  of  hydrocarbon  fuel  with  air  via  radical -radical  and  ion-molecular  reactions  [7,  19].  Cls 
may  induce  the  nucleation  of  volatile  aerosols  and  promote  the  growth  of  aerosols  via  ion-assisted 
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coagulation  [20 j.  Another  possible  mechanism  of  Cls  influence  on  volatile  and  nonvolatile  (with  soot 
core)  particle  formation  is  connected  with  ion-soot  interaction.  Cls  may  attach  to  soot  particles, 
induce  the  charge,  and  as  a  consequence  enhance  the  water  uptake  by  soot  particles  [21], 

It  should  be  noted  that  the  most  studies  on  ion  formation  were  conducted  for  flames  1 1 9].  Ion 
composition  strongly  depends  on  the  fuel/air  equivalence  ratio,  <J>,  and  on  the  type  of  fuel  (hydrogen, 
hydrocarbons,  aviation  kerosene,  etc.).  The  most  frequently  used  technique  to  measure  an  ion 
concentration  in  flame  is  massspectrometry  [19].  Numerous  types  of  positive  and  negative  ions  such 

as  C2H3o\  c3h;,  ch;,  hco‘,  c3h5o\  c3h7o*,  h3o\  h2o\  o:,  no*,  no;,  nco;.  hco;, 

C03 .  COj,  o; ,  OH  ,  NO; ,  NO;,  CN  were  observed  in  hydrocarbon/air  flames.  In  fuel  rich 

flames,  heavy  hydrocarbon  ions  C13H;,  C,,H,*2,  Cj5Hfv,  as  well  as  positively  charged 

fullerene  molecules  may  form  [22],  Measurements  behind  the  aviation  combustor  demonstrated  the 
presence  of  C,H,0+  and  C.,H,0  ions  as  well  as  SO;,  SO;  ,  and  HSO;  ions  [23].  In  order  to 
understand  the  mechanisms  and  principal  pathways  of  ion  formation  the  experimental  data  should  be 
supplemented  by  numerical  simulation.  In  this  light,  rather  complicated  kinetic  models  for  charged 
species  formation  during  combustion  of  various  fuels  have  been  developed  [7.  24]. 

The  processes  of  ion  formation  inside  the  aero-engine  combustors  are  more  complicated  than  those  in 
flames.  The  modem  combustor  operates  in  a  diffusion  mode.  In  this  case,  the  fuel/air  mixture 
composition  differs  considerably  in  various  regions  of  combustor.  Therefore,  a  number  of  different 
ions  can  form  inside  the  combustor.  The  gas  residence  time  for  combustor  (5-10  ms)  is  much  smaller 
than  that  for  flame  (~  1 00  ms).  The  total  ion  concentration  of  -2-10*  cm  '  at  the  exit  plane  of  aero¬ 
engine  combustor  was  measured  recently  by  Haverkamp  et  al.  [25].  However,  inside  the  combustor, 
the  concentration  of  ions  and  electrons  may  be  estimated  only  by  computations.  To  simulate  the 
processes  of  charged  gaseous  species  formation  inside  an  aviation  combustor  one  have  to  apply 
approximate  combustion  models,  for  example.  Flame  Let  model  [26].  In  our  computations  this  model 
was  supplemented  by  the  ion  kinetics  developed  in  [7,  24].  To  calculate  the  flow  parameters  inside  the 
combustor  (these  parameters  are  needed  as  input  ones  for  the  Flame  Let  model)  with  outlet  pressure 
of  10*  Pa  and  temperature  Tc  =  1540  K  the  3D  numerical  simulation  of  turbulent  combustion  using  the 
standard  STAR-CD  software  with  the  equilibrium  chemistry  was  conducted  [27], 

Inside  the  combustor  the  maximal  concentration  for  the  most  abundant  ions  in  flames,  C;H30\  is 
observed  in  the  fuel  rich  region  located  ahead  of  the  flame  front  (see  Fig.  1)  and  attains  !0" 
I012cm  3.  In  this  region,  the  maximal  concentration  for  negatively  charged  species  is  appeared  for 

electrons  and  HCO;  ions.  However,  at  the  combustor  exit  the  concentrations  of  these  species  are 
negligible.  In  the  fuel  lean  zone  of  combustor  at  the  exit  section  only  NO”.  H30'.  SO;,  1  ISO;,  or 

NO;  NO  3  ions  remain  to  be  abundant.  The  predicted  total  concentration  of  positive  (negative)  ions  in 
the  combustor  outlet  is  around  2- 1 0K  cm  '  [27]  that  is  in  a  good  agreement  with  measurements  [25].  It 
is  worse  noting  that  the  ion  composition  strongly  depends  on  the  value  of  fuel  sulphur  content  (FSC). 
The  principal  scheme  of  ion  formation  in  hydrocarbon  Haines  and  inside  the  combustor  is  presented  in 
Fig.3. 

Soot  particles  form  in  the  fuel  rich  zone  of  combustor  due  to  clustering  and  heterogeneous  surface 
growth  of  primary  soot  precursors  such  as  polyyne  molecules,  and  polyaromatic  hydrocarbons  1 28].  In 
accordance  to  modem  models,  the  pyrene  molecules  which  consist  of  four  aromatic  rings  are  the  main 
soot  precursors.  The  particle  inception  with  radius  of  approximately  I  nm  is  constructed  from  PAH.  In 
the  fuel  rich  zone  of  combustor  the  concentration  of  pyrene  molecules  can  be  as  large  as  10 12 
I014  cm  ’  and  concentration  of  primary  clusters  (particle  inception)  attains  1011  I012  cm  J.  It  should 

be  noted  that  combustion  exhausts  are  the  typical  dusty  plasma.  It  consists  of  various  molecular  gases, 
ions,  electrons,  carbon  clusters,  and  soot  particles.  Therefore,  in  order  to  predict  the  charge  and  size 
distribution  of  soot  particles  it  is  needed  to  take  into  account  the  plasma-chemical  processes  occurring 
inside  the  combustor.  Figure  4  shows  the  principal  scheme  of  soot  particle  formation. 
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Figure  4T  A  rough  picture  for  soot  formation  in  combustion  plasmas. 
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Ions  and  electrons  originated  in  the  fuel  rich  zone  of  combustor  attach  to  small  clusters  and  soot 
particles.  As  a  result  primary  neutral  clusters  and  particles  acquire  a  significant  charge  [21 1.  Charged 
clusters  with  opposite  polarities  coagulate  more  rapidly  than  neutral  ones.  The  charged  cluster  induces 
the  image  charge  on  a  neutral  particle.  Therefore,  for  charge-neutral  cluster  (particle)  interaction  the 
appearance  of  the  image  force  enhances  the  cluster  coagulation  [29 1  and,  as  a  consequence,  facilitates 
the  formation  of  soot  particles  [30 j.  Fig.  5  depicts  the  predicted  charge  distribution  of  clusters  with 
different  sizes  formed  from  the  neutral  monodisperse  primary  precursors  of  initial  concentration 
/Vo=IO"  cm*3  with  radius  ®i=l  nm  at  time  instants  t  =  0.1  and  5  ms.  One  can  observe  that  at  an  initial 
stage  even  small  size  clusters  are  principally  charged  negatively  due  to  the  strong  electron  attachment. 
At  the  latter  time  instant  the  charge  distribution  becomes  to  be  more  symmetrical  and  the  size  of 
clusters  increases.  Even  small  clusters  with  radius  a  =  4  nm  may  acquire  the  charge  Q=4-5e  (e  is  an 
elementary  charge).  Larger  size  soot  particles  with  a  ~  40  nm  acquire  the  charge  of  (!5-30)e  in  the 
region  placed  directly  ahead  of  the  flame  front  [21 1. 

The  existence  of  a  charge  on  the  cluster  (or  soot  particle)  surface  enhances  the  uptake  of  the 
molecules  having  a  permanent  dipole  momentum  by  cluster  and  soot  particle.  For  example,  the 
attachment  coefficient  for  FLO  molecules  to  the  cluster  with  a  =  4  nm  and  Q=5e  is  by  a  factor  of  1 0 
larger  at  7=2000  K,  /'=  1 0"  Pa  than  that  for  neutral  cluster.  Calculations  showed  that  a  noticeable 
proportion  of  soot  particles  (-10%)  having  a  relatively  large  charge  can  accumulate  the  water  soluble 
compounds  inside  a  combustor.  Thus,  this  fraction  of  soot  particles  may  be  activated  to  act  as  contrail 
nuclei  with  in  an  engine. 


charge,  e  charge,  e 


Figure  5.  Predicted  charge  distribution  of  clusters  with  radii  smaller  than  given  value  at  jVcr=10' 1  cm’ 
and  a»=l  nm  at  the  conditions  in  the  fuel  rich  region  of  combustor  for  lime  instants  of  0.1  ms  ( a )  and 
5  ms  ib). 

The  analysis  of  the  IR-Fourier  spectra  of  combustor-generated  soot  panicles  exhibited  that  combustor 
soot  consists  of  two  different  fractions:  a  main  fraction  containing,  mostly,  amorphous  carbon  and  a 
fraction  of  impurities  specified  by  a  complex  structure  and  a  noticeable  amount  of  water  soluble 
compounds  such  as  organic  sulfates.  S-containing  ions,  and  organic  molecules  on  the  surface  of  soot 
particles.  It  was  observed  that  -13.5  wt  %  of  water  soluble  fraction  may  be  appeared  on  the  soot 
particles  within  a  combustor  [30.  31J.  The  main  fraction  is  supposed  to  form  from  neutral  clusters  or 
particles  with  a  small  charge.  Q<2e.  These  particles  can  not  accumulate  polar  molecules  within  a 
combustor  and  are  hydrophobic.  Conversely,  the  fraction  of  impurities  demonstrates  the  high  level  of 
hydrophilicily  [30. 31  J. 
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NONEQUILIBRIUM  PROCESSES  IN  TURBINE  AND  NOZZLE  FLOW 


Rapid  expansion  of  hoi  gases  with  a  complex  composition  through  the  turbine  and  nozzle  (the 
residence  time  is  -5-7  ms)  causes  the  nonequilibrium  chemical  transformation  and  ion-soot 
attachment  due  to  change  of  temperature  and  pressure  [10,  11,  32].  The  typical  values  of  temperature 
at  combustor  exit  for  modern  engines  are  -1300-1800  K  and  at  the  nozzle  exit  -450-650  K.  The 
pressure  in  these  sections  for  cruise  regime  varies  in  the  range  0.8- 1.2  MPa  and  in  the  range 
1 0-20  kPa,  respectively. 

In  present,  to  investigate  the  nonequilibrium  processes  in  the  post  combustor  flow  of  jet  engines  the 
numerical  simulation  is  used.  The  computation  of  the  evolution  of  the  chemical  composition  of 
combustor  exhaust  gases  in  the  turbine  and  nozzle  flow  for  modem  aero-engine  at  cruise  of  B-747 
aircraft  {Mach  number  Mn”0,8  and  altitude  //=  1 0.8  km)  based  on  the  quasi-one  dimensional  (Q1D) 
model  [7]  showed  that  the  mole  fractions,  yh  vary  considerably  for  most  of  the  mixture  components 
with  minor  variations  only  for  H2G,  02,  N2t  and  C02,  The  variations  of  the  y,  values  are  most 
pronounced  for  strong  oxidizers  such  as  O,  OH,  and  H02,  as  well  as  for  NG3  and  for  the  species  of  the 
NxHy  group.  The  effective  mass  emission  index  of  OH  amounts  to  5.4  g/kg  at  combustor  exit  and  66 
mg/kg  at  engine  exit.  At  engine  exit,  most  of  the  initially  formed  OH  radicals  are  depleted  by 
reactions  with  NO,  N02j  S02  and  others,  leaving  a  mole  fraction  of  about  10*6,  and  this  explains  why 
measurements  so  far  found  hardly  significant  traces  of  OH  at  engine  exit  [33].  From  measurements  of 
HN02,  HNQ3,  NO,  and  N02  in  aged  exhaust  plumes,  OH  emission  indices  of  60  to  400  mg/kg  have 
been  derived  using  models  describing  the  chemistry  in  the  diluting  plume,  starting  from  engine  exit 
[34].  This  fits  reasonably  with  the  present  model  results.  The  small  amount  of  OH  emitted  from  the 
engine  exit  implies  small  (<1%)  additional  sulfur  conversion  to  H2S04  after  engine  exit.  It  should  be 
noted  that  the  concentrations  of  HN02  and  HN03  in  the  turbine  affect  each  other. 

Significant  S02  oxidation  occurs  throughout  the  turbine  and  nozzle  resulting  in  up  to  10%  oxidation 
of  the  total  S<5  to  CS04+H,S04)  at  the  engine  exit.  The  NO*  and  HN02  concentrations  also  increase 
significantly  within  the  postcombustor  flow  but  stay  below  1%  of  the  sum  of  NO  and  NO,  species,  as 
found  in  measurements  [34] .  Concentrations  of  sulfur  species  S02,  SO.,  and  H2S04  at  the  engine  exit 
strongly  depend  on  FSC  Note  that  even  for  FSC=0  the  marked  amount  of  gaseous  H2S04  and  HSQ4 
ions  may  be  abundant  in  the  nozzle  exhaust.  This  is  caused  by  the  presence  of  S-containing  species, 
mainly  COS,  H:S,  SO,,  in  the  atmospheric  air,  which  is  supplied  to  the  combustor.  For  FSC=0  the 
concentration  of  the  gaseous  H,S04  achieves  2.540*  cm  \  The  abundance  of  gaseous  H,S04  in  the 
engine  exhaust  at  FSC=0%  leads  to  formation  of  small  sulfate  volatile  particles  (with  diameter  r/<l 
nm)  in  the  plume  (see  below).  During  expansion  of  combustion  exhausts  throughout  the  turbine  and 
nozzle,  the  concentrations  of  different  gaseous  species  may  vary  significantly.  This  is  clearly  seen 
from  the  data  presented  in  Table  3, 

Table  3,  Predicted  species  molar  fractions  at  the  different  sections  of  the  modem  gas-turbine  engine 


at  FSC=0,G4  % 


Parameters 
and  species 

Combustor 

Turbine 

Bypass  flow 

Mixer 

Nozzle 

T,  K 

1414 

774 

375 

480 

473 

P,  kPa 

2080 

167 

101 

167 

166 

o2 

1.26(-1) 

].26(-l) 

2.00<-i) 

1.82(-l) 

1.82{-1) 

H20 

4.96(-2) 

4.96(-2) 

5.77(-5) 

1.25(-2) 

1.25(-2) 

S02 

7.68(-6) 

7.33{-6) 

3.79(-9) 

1 ,83(-6) 

1 ,84(-6) 

S03 

1.56(-7) 

4.89(-7) 

0 

1.22(-7) 

3.99{-8) 

h2so4 

4.36(-l  1) 

2.47(-8) 

5.06{-13) 

6.20(-9) 

8.89(-8) 

n2 

7.79(-l) 

7.79(-l) 

8.00(-l) 

7.94(-1) 

7.94(-l) 

NO 

4.80(-4) 

4.78(-4) 

l.OO(-ll) 

1.20(-4) 

1.20(-4) 

no2 

1.68(-5) 

l.66{-5) 

6.03{-12) 

4. 1 8(-6) 

4.22(-6) 

hno2 

9.65(-8) 

2.39(-6) 

0 

5.99(-7) 

6.01(-7) 
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CO 

1.61  (-5) 

1.28(-5) 

2.28(-7) 

3.38(-6) 

3.3  8( -6) 

CO; 

4.44(-2) 

4.44{-2) 

3.09(-4) 

l-13(-2) 

1 ■  1 3(-2) 

Decrease  of  FSC  value  results  in  the  change  of  ion  composition  both  at  the  combustor  and  at  the 
nozzle  exit.  The  concentration  of  ions  grows  with  the  FSC  increase.  The  total  number  density  of 
positive  (negative)  ions  at  the  engine  exit  may  vary  in  the  range  210  -  2*  10*  cm'4.  For  the  free  sulfur 
fuel  the  concentration  of  N03  and  NO:  ions  becomes  noticeable  and  is  comparable  with  the 

concentration  of  HSGj  ions. 

During  expansion  through  the  turbine  and  nozzle,  soot  particles  may  change  their  charge  as  a  result  of 
continuous  charging  and  discharging  events  in  a  bipolar  ion  environment.  To  simulate  the  processes 
of  the  soot  particles  charging  in  the  turbine  and  nozzle  flow  the  Q1D  code  with  coupled  gas  phase  ion 
and  neutral  species  kinetics,  and  kinetics  of  accumulation  of  a  charge  on  soot  particles  with  different 
radii  was  developed  [32].  The  computations  performed  for  cruise  regime  of  B-747  aircraft  showed 
that  ion-soot  interaction  in  the  postcombustor  flow  leads  to  evolution  of  soot  particles  charge  just  in 
the  high  pressure  turbine  of  the  engine. 


Q,  elementary  charge 

Fig.  6.  Predicted  charge  distribution  of  soot  particles  with  different  radii,  a,  and  total  concentration 
N"  =810*  cm'J  at  the  nozzle  exit  of  RB-2II  engine  at  cruise  regime  of  B-747  {M0=(K&,  A/=10.8  km). 

At  the  nozzle  exit  the  rather  small  soot  particles  with  a<10  nm  may  accumulate  only  two  elementary 
charges.  Large  particles  with  a^60  nm  may  accumulate  the  elementary  charges  of  4-5.  Due  to  smaller 
mass  of  positive  ions  (NG\  H3Or)  as  compared  with  that  for  negative  ions  (HS04\  NOT),  which  are 
abundant  at  combustor  exit  the  concentration  of  positively  charged  soot  particles  are  larger  than 
negatively  charged  ones.  The  proportions  of  neutral,  positively  and  negatively  charged  soot  particles 
depend  on  the  fraction  of  charged  soot  particles  in  combustion  products.  The  predicted  charge 
distribution  of  soot  particles  (the  median  radius  of  lognormal  size  distribution  is  25  nm,  and 
geometrical  deviation  is  1.57),  Ns(a ),  at  the  nozzle  exit  of  RB-21 1  engine  at  B-747  aircraft  cruise 
regime  of  are  presented  in  Fig.  6. 

FORMATION  OF  AEROSOL  PARTICLES  IN  AIRCRAFT  PLUME 

There  are  a  number  of  gaseous  pollutants,  ions,  aerosol  precursors,  charged  and  neutral  soot  particles 
in  the  engine  exhaust.  Cooling  of  hot  exhaust  gases  (7^600  K)  caused  by  mixing  with  co-flow 
atmospheric  air  ( 7^=200-220  K)  leads  to  an  occurrence  of  a  complex  of  nonequilibrium  processes 
resulting  in  transformation  of  chemical  composition  of  exhaust  gases,  formation  of  ionic  clusters, 
mostly,  HS0T<H2S04)n  (n=L..3),  NOT(HN03yH20),  HS04(HN03)11,  HS0f(S03),  H30+(H20)m, 
H30(CH:G)(H:0)m,  m=l„9,  generation  of  liquid  volatile  FLO/H2SO4  small  aerosol  particles  with 
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diameter  d<10  nm,  production  of  large  particles  with  soot  core  coated  by  liquid  soluble  materials  or 
by  freezed  solution  [35-38].  The  size  of  soot  particles  and  ice  particles  are  in  the  range  10  nm  -  1  pm. 
Fig.  7  shows  the  size  distribution  of  volatile  (d<10  nm)  and  non-volatile  particles  in  the  plume  of 
A'lTAS  aircraft  [35].  The  microphisical  processes  which  are  responsible  for  volatile  and  non-volatile 
aerosol  particle  formation  in  the  aircraft  plume  are  rather  complicated.  The  schematic  of  these 
processes  are  presented  in  Fig.  8. 


tlN/d\ og  d,  cmJ 


Fig.  7.  Size  distribution  of  aerosol  particles  (d  is  the  particle  diameter)  in  the  plume  of  ATTAS 
aircraft.  Dashed,  dotted,  and  solid  lines  correspond  to  the  mode  of  primary  soot  particles,  mode  of 
agglomerated  particles,  and  total  distribution  of  soot  particles.  Measurements:  squares,  rhombuses, 
and  circles. 


Fig.  8.  The  schematic  of  processes  being  responsible  for  aerosol  particle  formation 

Despite  of  a  number  of  experimental  and  numerical  investigations  of  the  microphysical  processes  in 
the  plume  many  questions  are  still  unresolved.  Up  to  now  there  is  lack  of  quantitative  consistent 
between  computed  and  observed  data  on  volatile  aerosols  particle  concentration  in  the  plume. 
Moreover,  the  main  mechanisms  of  formation  of  relatively  large  volatile  particles  with  d>5  nm  are  not 
still  undetermined.  Two  hypotheses  were  proposed  to  improve  the  agreement  between  simulation  and 


in-situ  measurements  of  number  density  of  large-size  volatile  aerosols.  First,  it  was  hypothesised  that 
abundance  of  SO;  additionally  to  SO;  at  the  nozzle  exit  results  in  a  growth  of  the  size  and  number 
density  of  volatile  aerosol  particles  {401.  Previous  analysis  prescribed  the  SO3  concentration  at  the 
nozzle  exit  as  a  free  model  parameter  and  did  not  take  into  account  the  presence  of  I  IS03  and  H;S04 
species  at  the  nozzle  exit  besides  S03.  However,  as  it  was  shown  above  these  species  may  be 
abundant  at  the  nozzle  exit  as  a  result  of  a  strong  oxidation  of  SO;  and  SOj  in  the  turbine  and  nozzle 
flow. 

As  compared  to  the  case  where  only  SO;  is  abundant  at  the  nozzle  exit,  the  analysis  demonstrated  that 
the  presence  of  SO3,  HSO3.  and  H;S04  species  in  the  nozzle  exhaust  leads  to  an  increase  of  H;S04 
partial  pressure,  nucleation  rate,  sulfur  conversion  efficiency,  intensification  of  coagulation  processes, 
change  of  the  particle  size  distribution,  and  an  increase  of  the  number  of  large-size  volatile  aerosols  in 
the  near  field  plume.  Fig.  9  depicts  the  evolution  of  the  H;0/H;S04  volatile  aerosol  number  density, 
Na,  with  different  diameters  along  B-747  aircraft  plume  axis  at  cruise  for  FSC=0  %  and  0.04  %  when 
all  S-containing  species  are  present  in  the  nozzle  exhaust  and  when  only  SO;  is  abundant  at  the  nozzle 
exit.  Markedly,  that  even  for  FSC=0%  the  abundance  of  S03  and  H;S04  which  are  produced  in  a 
combustor  due  to  bunting  the  hydrocarbon  fuel  with  atmospheric  air  containing  sulfur  species,  results 
in  a  formation  of  sulfate  aerosols  in  the  plume  (at  100  m  -  150  m  distance  from  nozzle  exit).  But 
diameter  of  these  volatile  particles  does  not  exceed  1 .2  nm  and  concentration  of  the  particles  with 
d  >  1  nm  is  around  104  cm'3.  When  only  SO;  is  abundant  at  the  engine  exit  there  are  no  any  sulfate 
aerosols  in  the  plume  [38]. 


Fig.  9.  Predicted  evolution  of  the  number  density  of  volatile  H;0/H;S04  aerosol  particles  with 
particle  diameters  larger  than  a  given  size  d  along  the  plume  axis  of  B-747  for  two  cases  of  initial 
S-containing  species  abundance  at  the  engine  exit:  all  S-containing  species  are  present  (solid  curves) 
and  only  SO;  is  abundant  (dotted  curves)  at  FSC=0%  ( a )  and  FSC=0.04%  (b). 

At  the  mediate  fuel  sulfur  content  (FSC=0.04%)  the  concentration  of  sulfate  aerosol  particles  with 
d  >  5  nm  stays  below  I04  cm‘J  at  a  distance  of  1000  in  from  nozzle  exit,  and  remains  so  even  when 
SO3.  HSOj.  and  H;S04  are  produced  in  the  engine.  If  only  SO;  is  abundant  at  the  nozzle  exit,  the 
concentration  of  such  aerosols  is  negligible.  Schiider  et  al.  measured  concentration  of  about  10*  cm1 
of  relatively  large  volatile  panicles  with  d  >  5  nm  in  the  near  field  plume  of  the  A  IT  AS  aircraft  for 
FSOO.026%  [41].  These  results  could  not  be  explained  by  the  formation  of  sulfate  aerosol 
precursors  (SO3,  HSO3,  I  TSO4)  in  the  combustor* 

The  second  idea  is  connected  with  emitted  condensable  hydrocarbons  and  Cls,  which  were  considered 
to  be  responsible  for  the  generation  of  the  observed  large  volatile  aerosols  in  the  aircraft  plume  [9].  In 
these  study  the  unified  mechanism  to  form  volatile  particles  is  supposed  to  be  coagulation  between 
charged  clusters*  The  key  questions  in  this  theory  are  following:  what  sorts  of  ions  may  be  generated 
and  what  amount  of  these  ions  may  be  abundant  at  the  nozzle  exit.  In  order  to  explain  measurements 
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[41  ]  the  concentration  of  ions  at  the  engine  exit  should  be  as  large  as  2-I09  cm'3.  However,  this  value 
of  ion  concentration  is  believed  to  be  too  large  and  is  not  produced  in  modem  aero-engines. 


In-si tu  flight  measurements  exhibited  the  existence  of  volatile  sulfate  aerosol  particles  with  d=2-5  nm 
at  15-20  m  distance  from  nozzle  exit.  However,  the  Q1D  models  predict  the  formation  of  sulfate 
aerosols  in  the  plume  axis  at  35-40  m  distance.  The  appearance  of  sulfate  particles  at  the  short 
distance  from  engine  exit  is  caused  by  the  turbulent  diffusion  of  aerosol  particles  from  the  boundary 

streamline  (r=l)  dividing  the  engine  core  flow  and  bypass  flow  to  the  axis  of  the  plume.  Fig.  10 
shows  the  location  of  the  nucleation  region  in  the  plume  of  fi-747  aircraft  at  cruise  predicted  by  two- 
dimensional  2D  model  for  turbulent  plume  of  bypass  engine. 


Fig.  10.  Location  of  nucleation  region  in  the  plume  of  B-741  aircraft  at  cruise  for  FSC=0.04  % 

predicted  by  2D  model  ( r  is  the  normalized  radius  of  the  plume,  A  depicts  the  boundary  of  the  engine 
core  flow,  B  depicts  the  boundary  of  the  plume) 

The  amount  of  volatile  aerosol  particles  depends  on  the  fuel  sulfur  content,  type  of  combustor, 
parameters  at  the  combustor  inlet,  engine  design,  and  flight  altitude.  Figure  1 1  presented  by 
Schumann  et  at.  [37]  shows  the  variation  of  sulfate  aerosol  particle  emission  index  PEI  (PEI  defined 
as  the  number  of  aerosol  particles  forming  due  to  burning  of  1  kg  fuel)  for  different  subsonic  aircrafts 
(engines)  as  a  function  of  FSC  measured  in-si  tu  during  a  various  European  campaigns  (Sulfur  5.6,7: 
SNIF:  SUCCESS;  POLINAT). 


Fuel  Sulfur  Content,  pg/g 

Fig.  11.  Particle  number  emission  index  (PEI)  of  detectable  volatile  particles  in  noncontrail  plumes 
versus  FSC  from  various  measurements  normalized  to  plume  age  3s. 
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Aerosol  microphysical  and  chemical  processes  are  similar  in  subsonic  and  supersonic  aircraft  plumes. 
The  aerosol  changes  will  differ  because  soot  emission  levels,  aerosol  formation  potential,  and  plume 
dilution  properties  vary  with  engine  type  and  atmospheric  conditions  at  cruise  altitudes.  Significant 
increases  in  stratospheric  aerosol  are  expected  for  the  operation  of  a  large  fleet  of  supersonic  aircraft, 
at  least  for  non* volcanic  periods. 

As  was  mentioned  above,  soot  particles  emitted  from  engine  consist  of  two  fractions.  One  of  them,  the 
fraction  of  impurities,  has  hydrophilic  properties  and  involves  the  activated  particles.  T  he  second  one 
is  the  main  fraction  and  involves  non -activated  hydrophobic  particles.  These  particles  may  be  partly 
activated  due  to  a  deposition  of  solvable  material  on  their  surfaces  in  the  plume.  The  simulation 
exhibited  that  general  mechanisms  responsible  for  such  a  process  are  the  coagulation  of  soot  particles 
with  volatile  sulfate  aerosols  and  heterogeneous  binary  (H2O/H2SO4)  nuc  leal  ion  [30,  43].  It  turned  out 
that  small  size  particles  with  diameter  d  <  15  mn  are  activated,  generally,  due  to  coagulation  process 
and  larger  particles  (d  >  15  nm)  are  activated  due  to  heterogeneous  nucleation  [30].  Depending  on 
FSC,  5-15  %  amount  of  soot  particles  of  hydrophobic  fraction  may  be  activated  in  the  plume*  The 
activation  degree  grows  with  the  FSC  increase. 

The  other  pathway  of  soot  particle  activation  deals  w  ith  the  existence  of  charged  soot  particles  in  the 
plume.  The  computations  show  that  various  ionic  clusters,  mainly  HS0T(lTS04)m,  HSOT(HNOi)m.j 
(m=I..,3),  HyO  (ClTG)(H:>0)m,  and  HjG^ITO)*,  (n~I-6)  form  in  the  plume.  Their  concentration  at 
10  m  distance  from  engine  exit  may  be  as  large  as  I06-107  cm3  [30].  Due  to  dilution  of  the  plume  and 
attachment  of  ionic  clusters  to  soot  particles  their  concentration  decreases  rapidly  with  the  plume  age 
increase  and  at  50  m  distance  drops  to  104-](f  cm*3  that  is  consistent  with  measurements  [35], 
Nevertheless,  the  significant  charge  continues  to  be  on  the  particle  surface  even  to  100  m  distance 
from  the  engine  exit.  Heterogeneous  binary  H2G/H2SO4  nucleation  on  the  surface  of  charged  soot 
particles  occurs  much  faster  than  on  the  neutral  one. 

Coated  by  water  solution  soot  particles  at  atmospheric  supersaturation  conditions  can  condense  a 
significant  amount  of  water  vapor  that  leads  to  an  increase  of  their  size.  This  is  illustrated  by  Fig.  12 
and  Fig.  13,  w?hich  depict  the  evolution  of  the  radius  of  soot  particles  and  concentration  of  sulfuric 
acid  in  particles  the  solution  coating  soot  particles  along  the  plume  of  B-747  aircraft  for  particles  with 
different  initial  radii  (R 0)  at  lognormal  distribution  of  fresh  soot  particles. 


R* 

‘  ILQ17  urn 


Fig.  12.  Evolution  of  normalized  soot  particle 
radius  along  the  pi  nine  of  B-747  aircraft  at  cruise 
for  different  initial  radius  values  of  fresh  soot 
particles,  R,> 


Distance  from  itiwic  pciL  m 

Fig.  13.  Evolution  of  H2SG4  concentration  in 
the  solution  accumulated  on  the  surface  of  soot 
particles  with  different  initial  radii,  R*h  along 
the  plume  of  B-747  aircraft  at  cruise. 
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One  can  see  that  only  relatively  large  soot  particles  can  accumulate  a  significant  amount  of  water 
molecules  on  their  surface.  The  concentration  of  H2SO4  in  the  H2S0*/H20  solution  is  smaller  than 
10%  only  for  particle  with  Ro>25-30  nm.  Therefore,  only  these  large  particles  can  freeze.  That  is  why 
the  amount  of  ice  particles  observed  in  the  plume  (N,««103-104  cm'3)  is  significantly  smaller  than  the 
number  density  of  fresh  soot  particles  emitted  by  engine  ( 1 05- 1 06  cnf>)  [37]. 

Soot  emissions  for  current  aircraft  engines  are  specified  under  the  International  Civil  Aviation 
Organization  (ICAO)  using  smoke  number  measurements.  The  smoke  number  is  dominated  by  the 
largest  soot  particles  collected  onto  a  filter.  Sampling  soot  particles  smaller  than  about  300  nm  on 
such  filters  becomes  inefficient.  Correlations  between  smoke  number  and  soot  mass  concentrations 
may  be  used  to  estimate  the  soot  mass  El  from  ICAO  certification  data.  A  mean  value  has  been 
estimated  to  be  approximately  0.04  g/(kg  fuel)  for  the  present  subsonic  fleet.  Soot  emissions  depend 
strongly  on  engine  types,  power  settings,  and  flight  levels,  additional  information  is  generally  needed 
to  relate  smoke  number  to  emissions  under  flight  conditions. 

The  diameter  of  soot  particles  emitted  by  aircraft  engines  are  in  the  10  nm  -  100  nm  range  and  the 
values  of  particle  emission  index  depending  on  the  engine  type  for  subsonic  transport  aircraft  vary 
from  1.8-I014  -  3- 1 01’  kg'1  [37].  The  soot  mass  (El**,,)  and  number  emission  indices  (PEIsool)  at  cruise 
for  different  fleet  and  smoke  numbers  (SN)  were  reported  by  Schumann  et  al.  [37]  and  are  presented 
in  Table  4. 


Table  4.  Soot  Mass  and  Number  Emission  Indices  at  Cruise  and  Smoke  Numbers11 


Aircraft 

Elsoot,  g  kg'1 

PEIS0<)1,  lO"  kg" 

SNat  100% 

SN  at  30% 

B707 

0.5±0.l 

1.7±0.3 

54.5 

n.a. 

ATT  AS 

0.1  ±0.02 

1.7±0.35 

46.3 

10.9 

A3 10 

0.0I9±0.01 

0.6±0. 1 2 

5.8 

n.a. 

B737 

0.011  ±0.005 

0.35±0.07 

4 

2.5 

B747 

0.27,  0.45 

16.0 

n.a. 

DC10 

0.46 

11.4 

1.6 

A340 

0.1±0.003 

0.I8±0.05 

12.6 

1.0 

“EIsoo,  and  PEIsool:  soot  mass  and  number  emission  indices  per  unit  mass  of  fuel  burned;  smoke 
number  (SN)  at  two  power  settings:  1 00%  and  30%. 


Thus,  besides  gaseous  species  such  as  ITO,  C02,  NO,  N02,  S02,  SO3,  CO,  and  HN02,  HNO3,  OH, 
N20  in  a  trace  amount,  aircraft  plume  is  the  source  of  smalt  volatile  sulfate  aerosol  particles,  neutral 
and  charged  soot  particles,  which  may  be  partly  activated  as  CCN,  as  well  as  ice  particles  at  the 
conditions  of  contrail  formation  (H20  vapour  supersaturation  over  the  water  surface  is  necessary  to 
form  a  contrail). 

AIRCRAFT  ENGINE  EMISSIONS  AND  ATMOSPHERIC  PROCESSES 

As  is  believed  the  most  important  gaseous  pollutants  impact  on  the  ozone  concentration  in  the 
atmosphere  are  NO,  N02.  H20.  Modeling  studies  showed  that  emissions  of  NO,  by  aircraft  into  the 
stratosphere  may  result  in  ozone  depletion.  In  contrast,  the  NOx  emissions  into  the  troposphere  lead  to 
an  increase  of  ozone  concentration  [2].  The  quality  of  the  effect  of  NO,  emissions  on  the  atmospheric 
ozone  depends  on  the  surface  area  of  sulfate  stratospheric  aerosol  layer  and  polar  stratospheric  clouds. 

In  the  published  in  1998  paper  [44]  four  independently  formulated  two-dimensional  chemical 
transport  models  with  sulfate  aerosol  microphysics  are  used  to  evaluate  the  possible  effects  of  sul  fur 
emissions  from  supersonic  high-speed  civil  transport  aircraft  (HSCT)  operating  in  the  stratosphere  in 
2015.  The  aircraft  emission  scenarios  employed  in  the  estimations  represented  500  aircrafts  operating 
in  the  year  2015  and  burning  82xlOy  kg  of  fuel  annually,  with  the  geographical  fuel  use  distribution 
derived  in  [45].  The  HSCT  aircraft  cruise  at  Mach  2.4,  which  a  cruise  altitude  of  18-21  km.  Engine 
emissions  are  specified  by  an  emission  index.  The  results  were  presented  for  two  values  of  ElNO„  5 
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and  15  g/kg.  An  EINC\  of  5  g/kg  represents  a  significant  reduction  in  emission  index  from  current 
supersonic  aircraft  (values  of  about  12-20  g/kg  are  typical),  though  technological  advances  in  the  last 
several  years  have  shown  that  an  EINOx  of  5  g/kg  is  achievable,  EltfaO  of  1230  g/kg  is  used  in  all 
calculations.  The  EISO:  was  taken  to  be  0.4  g/kg,  based  on  projections  that  sulfur  content  in  jet  fuel 
will  decline  from  its  current  average  value  of  0.8  g/kg. 

All  models  have  shown  much  larger  increases  in  aerosol  surface  area  when  aircraft  sulfur  was 
assumed  to  be  emitted  as  particles  of  10  mn  diameter  rather  than  as  gas  phase  SCK  If  it  was  assumed 
an  emission  index  for  SO:  of  0.4  g  (kg  fuel  burned)'1  in  2015,  maximum  increases  in  stratospheric 
sulfate  aerosol  surface  area  range  from  0.1  |im2cm°  to  0.5  pnrcnT'  with  sulfur  emitted  as  SO:  gas  and 
from  1.0  lirrrcnf*  to  2,5  jinrcnv'  with  sulfur  emitted  as  particles.  Model  differences  in  calculated 
surface  area  were  deemed  to  be  due  mainly  to  differences  in  model  transport.  Calculated  annual 
average  ozone  perturbations  due  to  aircraft  emissions  with  EING*=5  g/kg,  EIH;>O=1230  g/kg,  and 
EISO:=0,4  g/kg  varied  from  -0,1%  to  0,6%  at  45°N  for  sulfur  emission  as  SO:  gas  and  from  -0,4%  to 
*1 .5%  with  sulfur  emission  as  100%  particles.  The  variation  in  the  ozone  concentration  due  to  USCT 
emissions  of  SO:  and  sulfate  particles  of  10  nm  diameter  predicted  by  Atmospheric  and  Environment 
Research  (AER)  2D  model  [44]  is  shown  in  figure  14. 


Percent  Difference 

Fig.  14.  Calculated  percent  change  in  the  ozone  concentration  depending  on  the  altitude  due  to  USCT 
emissions  with  a  scenario:  500  aircrafts  operate  at  cruise  (M=2,  11=18  km),  EINOx=5  g/kg, 
EIH:0=123G  g/kg,  EISO:=0.4  g/kg,  [Cly]=0  ppbv.  The  solid  line  represents  a  case  with  no  SO: 
emissions,  the  dashed  line  represents  a  case  with  SO:  gas  emissions  only,  the  dotted  line  represents  a 
case  with  emissions  90%  as  SO:  gas  and  emitted  as  10%,  Sulfate  aerosols  (d=10  nm),  dot-dashed  line 
represents  a  case  with  emissions  of  1 00%  sulfate  aerosol  particles  (d=!0  nm). 

The  authors  of  this  paper  strongly  recommended  for  future  analysis  of  HSCT  impact  on  ozone  to  take 
into  account  in  assessment  calculations,  the  chemical  and  microphysical  processes  within  the  plume 
and  far  wake  for  accurate  atmospheric  modeling,  EPCC  (1999)  pointed  out  that  the  future  aerosol 
impact  will  depend  on  trends  in  fuel  consumption,  fuel  sulfur  content,  engine  soot  emissions,  and  the 
efficiency  with  which  fuel  sulfur  is  transformed  into  aerosols  behind  the  aircraft.  Any  aerosol  increase 
will  be  enhanced  if  future  air  traffic  operates  at  higher  altitudes,  because  of  longer  atmospheric 
residence  times  of  the  emission  products.  Any  climate  change  causing  reduced  temperature  and 
increased  humidity  at  flight  levels  would  enhance  aerosol  and  contrail  formation. 

Thus,  the  emissions  of  sulfate  aerosol  particles  by  aircrafts  can  significantly  influence  on  the  surface 
area  of  stratospheric  aerosol  layer  and  as  a  result  on  the  radiati  ve  forcing  as  well  as  on  the  total  ozone 
concentration.  This  exhibits  the  necessity  of  reasonable  limitation  on  sulfate  aerosol  particles  emitted. 
For  modern  aviation  fuels  the  typical  value  of  FSC  does  not  exceed  400  fig  or  0.04%.  Therefore,  we 
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can  suggest  for  prospective  jet  engines  the  limitation  standard  for  sulfate  aerosol  particle  emission 
index  of  (1-2)  1016  kg  '. 

The  main  source  of  carbon-containing  particles  in  the  atmosphere  is  the  combustion  of  natural  fuel 
and  biomasses  on  the  Earth's  surface.  Every  year,  up  to  12  Tg  of  soot  are  emitted  to  the  atmosphere 
[2].  The  estimated  value  of  soot  emissions  by  aircraft  for  the  year  of  1992  is  several  orders  of 
magnitude  smaller  I  O'1  Tg.  However,  the  role  of  surface  sources  at  a  height  of  10  km  may  be 
insignificant  because  of  a  high  activity  of  soot  aerosols  as  CCN,  their  precipitation  and  washing  from 
the  lower  troposphere.  On  the  other  hand,  a  constant  increase  in  the  frequency  of  aircraft  flights  gives 
grounds  to  predict  an  increase  in  the  mass  concentration  of  aviation  soot  aerosols  exactly  at  a  height 
of  10  km  in  northern  latitudes.  At  the  specified  index  of  soot  emission  0.04  g/kg,  in  the  middle 
latitudes  of  the  Northern  Hemisphere,  the  annual  maximum  increase  in  the  mass  concentration  of  soot 
particles  can  reach  0.6  ng/nT  [2], 

According  to  the  ICAO  data,  by  2050,  a  five-tenfold  increase  in  the  intensity  of  commercial  flights  is 
expected  [2].  During  the  accumulation  of  soot  particles  in  the  troposphere  owing  to  an  increase  in  fuel 
consumption  by  aviation,  the  region  covered  with  contrails  is  also  increased.  According  to  the 
prognosis  given  in  [46],  this  region  will  be  increased  from  0.06  (1992)  to  0.23%  (2050),  and, 
accordingly,  the  radiation  effect  of  contrails  will  be  increased  by  a  factor  of  four  (from  3.5  mW/rrf  to 
14,8  mW/mj.  Unfortunately,  the  radiation  effect  of  cirrus  clouds  initiated  by  aviation  still  remains  to 
be  estimated  [2],  Even  the  sign  of  this  effect  has  not  been  determined  yet.  However,  it  is  clear  that 
soot  particles,  unlike  sulfate  aerosols,  can  cause  heating  that  leads  to  the  cooling  of  the  vertical 
temperature  profile  in  the  atmosphere,  the  slowing  down  of  evaporation,  and,  correspondingly,  to  a 
decrease  in  cloud  formation.  Therefore,  additional  studies  are  necessary  to  estimate  the  effect  of  soot 
emissions  by  aviation  on  cloud  formation  and  precipitation  and  to  estimate  the  dependence  of  this 
effect  on  the  physicochemical  properties  of  aviation  soot  aerosols.  Nevertheless,  it  is  believed  that  in 
order  to  minimize  the  impact  of  aircraft  flights  on  the  atmosphere  and  especially  on  climate  the 
limitation  standard  should  be  introduced  for  the  soot  particle  emissions  from  prospective  aircraft 
engines. 
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